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EXECUTIVE SUMMARY 

This report summarizes the results from a study performed by The Boeing Company, Huntington 
Beach, CA, during August 1996 to February 2003.  This study was undertaken to achieve two 
goals:  (1) take existing analysis tools developed under government-funded research and 
establish the processes required to use them as engineering tools to determine the effects of 
multiple-site damage (MSD) on the residual strength in the representative aircraft structures and 
(2) investigate small crack behavior to better understand the formation of MSD in a structure. 
 
WFD is a complex phenomenon that is extremely difficult to analyze with standard methods 
developed from first principles of linear elastic fracture mechanics (LEFM).  Because of the 
limited applications of LEFM, more advanced methods have been explored and developed over 
the past decade with the support and sponsorship of the Federal Aviation Administration (FAA) 
and the National Aeronautics and Space Administration.  This includes analytical tools to 
determine parameters governing the onset and growth of cracks and elastic-plastic fracture 
criterion for residual strength determinations.  The tools include the finite element alternating 
method (FEAM); a computationally efficient yet rigorous approach to calculate two- and three-
dimensional stress-intensity factor (SIF) solutions governing crack growth; FASTRAN, a fatigue 
crack growth analysis program using a crack-closure model; and STAGS, an advanced finite 
element program implemented with fracture mechanics and stable-tearing analysis capabilities 
for generalized shell structures.  The elastic-plastic failure criterion include the plastic zone touch 
(PZT), crack tip opening angle (CTOA), and the T*-integral. 
 
These tools and criteria were used and verified in this program to analyze portions of the 
multiple-site crack initiation, growth, linkup, and catastrophic fracture process.  For the 
development of MSD, the fundamental phenomenon of fatigue crack initiation in material and 
the rate of growth were addressed at the coupon level experimentally and analytically using 
FASTRAN.  The initiation of MSD was dealt with at the component level on flat panels that 
were representative of typical fuselage lap splices.  Experimentally generated data and a closure-
based crack growth code were used to develop equivalent initial flaw sizes (EIFS).  For residual 
strength analysis, the approach taken was to apply the T*-integral, CTOA, and plastic zone 
linkup (PZL) criteria to predict the linkup and fast fracture of MSD.  A procedure was developed 
that used elastic-plastic finite element analyses using STAGS and CTOA to perform the stable 
tearing and unstable fracture of MSD in aircraft structures. 
 
Computational tools must be verified and validated using experimental data to ensure successful 
transfer of useable and accurate technology to industry.  Extensive experimental work was 
carried out to generate test data for correlation and validation of the various methodologies and 
criteria.  Testing was conducted collaboratively by five organizations: (1) The Boeing Company, 
Long Beach, CA; (2) United States Air Force (USAF), Air Force Research Laboratory (AFRL) 
at Wright-Patterson Air Force Base; (3) Beijing Institute of Aeronautical Materials (BIAM); (4) 
Civil Aviation Authority of China (CAAC); and (5) the FAA William J. Hughes Technical 
Center. 
 
This project was divided into six major tasks to analyze portions of the multiple-site crack 
initiation, growth, linkup, and catastrophic fracture process. 
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1. Crack Initiation.  Cracks were initiated and developed from edge-notched coupons and 
analyzed using FASTRAN.  Testing was conducted by BIAM and CAAC under several 
fatigue loading conditions, including constant-amplitude and spectrum loading.  Good 
correlation between analysis and experimental data was demonstrated under constant-
amplitude loading for crack sizes larger than 0.005 inch.  However, under spectrum 
loading, there was poor correlation. 

2. Equivalent Initial Flaw Size.  A semiempirical procedure was developed for the 
determination of EIFS using FASTRAN.  Tests were conducted by AFRL using large flat 
panels with four joint configurations representative of aircraft joint construction.  The 
attempts to develop comprehensive SIF solutions by compounding or superpositioning 
for the individual effects derived from first principles were not effective.  An iterative 
method was developed to empirically account for these factors for the prediction to match 
the experimental results.  In this way, the EIFS was determined to fall between 0.0001 to 
0.0015 inch for the four types of splice joints.  However, whether the results can be 
applied to other structures under different loading conditions or using different crack 
growth models requires additional study. 

3. Small Crack Growth.  Small crack growth data was generated in pin-loaded specimens 
and analyzed using FASTRAN.  Testing was conducted by AFRL under various load 
transfer conditions.  In general, good correlation was obtained between test and analysis 
for open-hole specimens under constant-amplitude loads.  However, analysis predicted 20 
to 30 percent faster crack growth rate for the pin-loaded specimens. 

4. MSD in Flat Panels.  The CTOA, T*-integral, and PZL criteria were used to analyze flat 
panels with MSD.  Tests were conducted by AFRL using large flat panels with four joint 
configurations representative of aircraft joint construction.  The PZL criterion provides a 
quick and simple way for residual strength estimations.  T*-integral, together with 
FEAM, was able to predict the stable tearing of MSD cracks in a flat spliced panel.  
Using STAGS code, the CTOA criterion was able to predict the residual strengths of 
MSD in splice joints.  Using these criteria, predictions of the residual strength were 
within 8 percent. 

5. MSD in Curved Panels.  The CTOA criterion was used to analyze curved panels with 
MSD.  Tests were conducted by the FAA William J. Hughes Technical Center using the 
Full-Scale Aircraft Structural Test Evaluation and Research facility.  CTOA predictions 
agree well with the curved panel test results, within 5 percent. 

6. MSD in Aft Pressure Bulkhead.  The CTOA criterion was used to analyze an aft pressure 
bulkhead with MSD.  Tests were conducted by the AFRL.  CTOA predictions agree well 
with the curved panel test results, within 5 percent. 

In summary, this project demonstrated a successful transfer of technology developed from basic 
research to real-work applications.  Using this technology, a methodology to assess the 
development of MSD and its effect on the residual strength of aircraft structure was developed.  
The three major components of the methodology are crack initiation, crack growth and linkup, 
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and residual strength.  The crack initiation methodology used experimentally generated EIFS 
data and an analytical closure model to determine initial flaw sizes and distribution for multiple-
site cracking.  The CTOA, T*-integral, and PZT criteria were used to predict crack growth and 
linkup.  Elastic-plastic finite element analyses were used with the CTOA to determine the 
residual strength of an aircraft structure containing a long lead crack in the presence of MSD.  
The methodologies were verified through a comprehensive test program. 
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1.  INTRODUCTION. 

1.1  BACKGROUND. 

In April 1988, a high-time Aloha Airlines Boeing 737-200 airplane suffered a partial in-flight 
disintegration when an 18-foot crown section of the fuselage tore apart, figure 1-1.  Subsequent 
investigations by the National Transportation Safety Board and the Federal Aviation 
Administration (FAA) revealed the simultaneous presence of small cracks at multiple rivet 
locations in a disbonded lap joint that were of sufficient size and density to contribute to this 
catastrophic event.  This phenomenon, referred to as widespread fatigue damage (WFD), raised 
concerns about the structural integrity of aging aircraft due to long-term, high-frequency in-
service use. 

Aircraft:  Boeing 737Aircraft:  Boeing 737--200200
Mission:  Regional Flights HiloMission:  Regional Flights Hilo--HonoluluHonolulu
Service History:Service History:

Placed into Service 1969Placed into Service 1969
35,493 Flight Hours35,493 Flight Hours
89,090 Flight Cycles89,090 Flight Cycles

 

 
FIGURE 1-1.  ALOHA AIRLINES ACCIDENT, APRIL 1988 

 
In response to public concerns after the Aloha Accident, Congress passed legislation known as 
the Aviation Safety Research Act of 1988.  The Act directs the FAA to develop technologies and 
conduct data analyses for predicting the effects of aircraft design, maintenance, testing, wear, 
and fatigue on the life of aircraft and on air safety and to develop methods of analyzing and 
improving aircraft maintenance technology and practices, including nondestructive inspection 
(NDI) of aircraft structures.  Subsequently, the FAA developed the National Aging Aircraft 
Research Program (NAARP) to ensure the structural integrity of high-time, high-cycle aircraft.  
Within the NAARP, the FAA is actively pursuing research to address problems associated with 
ensuring the continued structural integrity of the aging commercial transport fleet.  The NAARP 
structural integrity research and development program area includes efforts to develop 
methodologies to assess WFD. 
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WFD in a structure is characterized by the simultaneous presence of cracks at multiple structural 
details that are of sufficient size and density such that the structure will no longer meet its 
damage tolerance requirement and could catastrophically fail.  The two sources of WFD are 
multiple-site damage (MSD), characterized by the simultaneous presence of fatigue cracks in the 
same structural element, and multiple-element damage, characterized by the simultaneous 
presence of fatigue cracks in similar adjacent structural elements. 
 
Several other cases of WFD have occurred in the fleet of large transport airplanes since the 
Aloha Airlines accident.  In December 1998, a 20-inch-long crack was discovered in the inner 
layer of a fuselage splice joint in the bilge along stringer 26L in a Delta Air Lines B-727.  The 
majority of this crack was hidden under the outer layer of the joint.  Only the tips of the crack 
were visible that propagated out from underneath the outer skin, which was fortunately found by 
a technician working in the neighboring region.  It was only after the joint was disassembled that 
the full extent of the damage was realized; a 20-inch crack spanning an entire bay, as shown in 
figure 1-2.  Upon further examination, hidden MSD was found in other lap joints, particularly 
along the crown of stringers 4L and 4R.  This particular finding led to the issuance of 
Airworthiness Directive 99-04-22 mandating inspections of the lap joints deemed most 
susceptible (i.e., fuselage skin lap joints with inherent-induced bending stresses due to 
eccentricities caused by differing outer and lower skin thickness and 100 percent reliance on 
fasteners for load transfer).  This type of cracking is distinct from those commonly investigated 
in the past and raises new technical issues concerning detectability, panel bulging, large crack 
arrest, and the influence of initiation factors such as fastener fit and fretting in the joint. 
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FIGURE 1-2.  CRACK DISCOVERED IN LAP JOINT OF A B-727 [1] 
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In 1999, the Airworthiness Assurance Working Group (AAWG) published technical 
recommendations on rulemaking to prevent WFD in the commercial fleet.  The AAWG 
identified 16 generic types of structure susceptible to WFD.  A few examples are shown in 
figure 1-3. 
 

Longitudinal Splice Joint

Stringer to Frame
Attachments (MED)

Aft Pressure Dome

Circumferential Joint

Pressure Bulkhead
Attachment

Shear Clip End to 
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Stringer to Frame 
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Over Wing Fuselage  
AttachmentFuselage Frames 

 
 

FIGURE 1-3.  TYPICAL LOCATIONS SUSCEPTIBLE TO MSD 
 
During the years after the Aloha Airlines accident, much effort was placed on developing 
methodologies to assess WFD.  Research efforts sponsored by the FAA, National Aeronautics 
and Space Administration (NASA), and the Department of Defense included the development of 
various analytical tools to address this complex problem at several levels.  Both rigorous 
numerical methods and simplified engineering approaches were developed to predict crack 
initiation, growth and linkup, and residual strength.  The tools include the finite element 
alternating method (FEAM), a computationally efficient yet rigorous approach to calculate two- 
and three-dimensional stress-intensity factor (SIF) solutions governing crack growth; 
FASTRAN, a fatigue crack growth analysis program using a crack-closure model; and STAGS, 
an advanced finite element program implemented with fracture mechanics and stable-tearing 
analysis capabilities for generalized shell structures.  The elastic-plastic failure criterion includes 
the plastic zone touch (PZT), crack tip opening angle (CTOA), and the T*-integral. 
 
In general, the development of each tool was focused on analyzing different aspects of the 
process, such as crack initiation, crack growth, crack linkup, or residual strength of the fuselage 
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structure.  When fully validated, the combination of the tools should be able to predict the entire 
process and could be used in the current fleet of aircraft to predict the effect of multiple-site 
cracks on the residual strength or in future aircraft designs to prevent the occurrence of MSD 
within the design life of the structure. 
 
1.2  OBJECTIVE. 

The objective of this study was to verify and validate existing analysis methods developed under 
government-funded research using experimental data to ensure successful transfer of useable and 
accurate technology to industry.  In this study, these methods were exercised as engineering tools 
to assess various aspects of MSD.  Crack initiation and small crack growth behavior were 
investigated to better understand MSD formation.  The fundamental phenomenon of fatigue 
crack initiation in material and the rate of growth were addressed at the coupon level 
experimentally and analytically using FASTRAN.  The evolution of MSD was dealt with at the 
component level on flat panels that were representative of typical fuselage lap splices.  
Experimentally generated data and a closure-based crack growth code were used to develop 
equivalent initial flaw sizes (EIFS).  For residual strength analysis, the approach taken was to 
apply the T*-integral, CTOA, and plastic zone linkup (PZL) criteria to predict the linkup and fast 
fracture of MSD.  A procedure was developed that uses nonlinear finite element analyses using 
STAGS with CTOA to perform the stable tearing and unstable fracture of MSD in structures. 
 
Extensive experimental work was carried out to generate test data for correlation and validation 
of the various methodologies and criteria.  Testing was conducted collaboratively by five 
organizations:  (1) The Boeing Company, Long Beach, CA; (2) United States Air Force (USAF); 
(3) Air Force Research Laboratory (AFRL) at Wright-Patterson Air Force Base (WPAFB); (4) 
Beijing Institute of Aeronautical Materials (BIAM); (5) Civil Aviation Authority of China 
(CAAC); and (6) the FAA William J. Hughes Technical Center. 
 
1.3  OVERVIEW OF RESEARCH PERFORMED. 

The research efforts were divided into six main tasks.  To support these tasks, laboratory testing 
was performed on coupon, component, and full-scale specimens as required to generate 
experimental data for validation of the methods and analysis procedures.  In addition, an 
extensive review and evaluation was done on the following fracture criteria and analysis codes: 
 
• T* integral—fracture criterion using energy influx to the crack tip, evaluated by contour 

integration. 

• CTOA—fracture criterion using the crack tip opening angle, measured at a specific 
distance behind the crack tip. 

• FASTRAN-II—closure-based fatigue crack growth program. 

• EPFEAM—software package containing the alternating analysis code TKALT, used for 
T*-integral analysis. 

• STAGS—a finite element code with features for CTOA analysis. 
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The following are descriptions of the work done on each task. 
 
1.3.1  Crack Initiation. 
 
The primary objective for this task was to acquire additional basic knowledge in crack initiation 
under fatigue loads and to use these findings in aiding future MSD study.  Traditionally, 
theoretical development for fatigue crack initiation has been limited.  Research findings for the 
most part have relied on experimental evidence. 
 
A series of single-notched coupons was fatigue-tested to generate the crack initiation data.  The 
crack growth program FASTRAN-II was used to predict the crack growth from inclusion-sized 
cracks.  FASTRAN-II code has a built-in mechanism to account for premature contact between 
the two crack surfaces before the loads drop to zero, resulting from the plastic deformation 
behind the crack tip.  The predicted results were then compared with the experimental data to 
determine the inclusion sizes.  Data from 20 specimens were considered good; the rest were 
discarded because of either bad quality or strong interference from the neighboring cracks.  
Replica and Scanning Electronic Microscope (SEM) techniques were used to measure crack 
geometry and striations on the crack surfaces.  All mechanical tests were conducted by BIAM, 
and SEM fractography was conducted by CAAC.  Test and analysis results are summarized as 
follows: 
 
• The crack growth rate (da/dN) versus effective stress-intensity factor range (∆Keff) data 

calculated from constant amplitude specimens agreed well with data published in 
Advisory Group for Aerospace Research and Development (AGARD) reports for the 
∆Keff range considered in this program. 

• Crack size versus cycle data for all the constant amplitude specimens showed very good 
agreement with FASTRAN-II for crack sizes larger than 0.005 inch, but the shape of the 
crack growth curve at sizes smaller than this is not matched by the FASTRAN-II 
analyses.  

• Specimens tested at 0.5 R-ratio showed better correlation than 0.1 R-ratio. 

• Spectrum-loaded specimens showed less correlation with analysis.  These specimens 
show retardation not reflected in the FASTRAN-II results.  Since the spectrum load used 
in the tests did not contain significant overloads that might result in crack growth 
retardation, some other factor, such as residual compressive stresses in the notch from 
production drilling methods, could be the cause.  

• Based on the test data, the initial crack sizes ranged from 1.6 × 10-4 to 3.9 × 10-4 inches (4 
to 10 µm). 

• The crack depth-to-length ratios of the surface cracks are slightly higher than published 
in the AGARD reports. [2] 
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On the whole, the causes are not known for the large discrepancy for spectrum-tested data and 
poor correlation for cracks smaller than 0.005 inch. 
 
1.3.2  Equivalent Initial Flaw Size.   
 
The concept of EIFS stems from the lack of an analytical means to deal with the initiation phase 
of fatigue cracks.  The value of EIFS can be determined by interpolating a series of predicted 
crack growth history curves using various initial flaw sizes.  The objectives of this task were to 
determine the distribution of EIFS in representative fuselage splice joints and to demonstrate 
how these findings can be used to determine the effects of MSD on residual strength.  Tests were 
conducted by AFRL using large flat panels with four joint configurations representative of 
aircraft joint construction.  As shown in figure 1-4, type 1 is a lap joint with two finger doublers, 
type 2 is a simple lap joint without a doubler, type 3 is a longitudinal butt joint (over longeron) 
with a splice plate, and type 4 is a circumferential butt joint with a doubler and a strap. 
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FIGURE 1-4.  FOUR SPLICE TYPES 
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Crack shapes and sizes in each joint were measured and recorded versus load cycles.  Rotating 
self-nulling eddy-current NDI techniques were used to detect cracks hidden underneath a 
countersunk rivet head.  A traveling optical microscope was used to measure the cracks once 
they grew beyond the rivet heads.  The failed specimens were examined using an SEM to 
generate crack length versus cycle curves. 
 
Crack growth curves were correlated with analysis to determine EIFS values.  The closure-based 
crack growth prediction code, FASTRAN-II, was used for the analysis.  Most of the measured 
crack growth curves had the same overall shape but were separated from each other.  To enable 
EIFS analysis of the dispersed data, these curves were shifted along the cycle axis to form a 
single curve.  This curve is assumed to represent the crack growth rate for every crack in the 
same specimen.  The difference between the representative curve and the analytical curve was 
then used to derive a correction factor for the analytical crack growth analysis.  In this way, the 
EIFS values were found to be between 0.0001 and 0.0015 inch.  The EIFS distribution and test 
and analysis matching are shown in figure 1-5.  As an add-on task, the residual strength analyses 
of the EIFS panels were performed using CTOA and STAGS.  The results showed that the 
residual strength starts decreasing when MSD sizes are sufficiently large.  It was observed that 
the percent reduction in residual strength was roughly on the same order as the ratio of MSD size 
to ligament length. 
 

 
 

FIGURE 1-5.  (a) EIFS DISTRIBUTION AND (b) CORRELATION BETWEEN 
EXPERIMENTS AND ANALYSIS USING FASTRAN WITH DIFFERENT VALUES OF 

EIFS 
 
1.3.3  Small Crack Growth. 
 
Much research work has been devoted to the problem of small crack behavior at fastener joints; 
yet, no suitable analytical model has been developed.  This problem was undertaken to obtain 
results for studying MSD development.  This task focused only on a short crack at a pin-loaded 
hole under tension, eliminating local bending, pinhole friction, interference, clamping, and other 
effects.  The specimen consisted of a strip sandwiched between two short doublers.  The two 
doublers were connected to the strip through neat-fit pins at two locations lengthwise.  Nineteen 
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specimens with fabricated using aluminum doublers in two different thicknesses and steel 
doublers.  A 0.003-inch fatigue crack was introduced transversely in the strip at one of the pin 
holes.  Each type of specimen was subjected to either constant-amplitude loads with marker 
cycles or spectrum loads.  Boeing made all the parts; AFRL precracked, calibrated, and 
assembled the specimens, conducted the tests, and acquired test data. 
 
The pin loads were calculated by NASTRAN analyses, and the crack growth curves were 
generated using FASTRAN-II.  Results for specimens under constant-amplitude loading showed 
reasonable correlation with FASTRAN-II.  However, crack growth predictions for spectrum-
loaded specimens underpredicted the crack growth compared to the test results.  The root cause 
for this large discrepancy is not known. 
 
1.3.4  Multiple-Site Damage in Flat Panels. 
 
The problem of MSD in a flat splice plate was used as the test bed to develop analysis 
procedures for the curved panels.  The objectives in this task were to assess the applicability of 
T*-integral, CTOA, and PZT criteria and to develop the analysis procedure for residual strength 
assessment using the developed tools. 
 
The four splice types shown in figure 1-4 were investigated in this task.  For each splice type, 
three panels were tested, each 72 inches long and 48 inches wide.  Initial damage was introduced 
along the critical fastener row.  The first panel contained the lead crack only, the second panel 
contained the lead crack and a 0.05-inch MSD, and the third panel contained a lead crack and a 
0.1-inch MSD.  The lead crack sizes ranged from 12.8 to 18 inches, depending on the splice 
type. 
 
The residual strength tests were executed by AFRL.  A specially designed guide plate effectively 
reduced lateral movement and local buckling.  The linkup loads and failure loads were calculated 
from the load versus displacement relation.  The lead crack typically linked up with the adjacent 
crack once or twice before rapid fracture occurred.  Test data showed that the MSD significantly 
reduces the panel strength by 20 to 30 percent. 
 
The CTOA, T*-integral, and PZL criteria were used to analyze flat panels with MSD.  All three 
criteria correlated well with the experimental results, as shown in table 1-1, with an average 
absolute percent difference of 2.7, 5.2, and 7.9 percent for the CTOA, T*-integral and PZT 
criteria, respectively. 
 
1.3.5  Multiple-Site Damage in Curved Panels. 
 
The objective of this task was to extend the applicability of CTOA and STAGS to full-scale 
fuselage splice skin structures using the procedure and techniques developed earlier for the MSD 
flat splice panels.  Four curved panels, representative of a narrow-body fuselage, were fabricated 
per original equipment manufacturers (OEMs) specifications.  Two panels had a longitudinal lap 
splice, CVP1 and CVP2, and two had a circumferential butt joint, CVP3 and CVP4.  For each 
joint configuration, one panel contained only a lead crack and the other contained a lead crack 
with multiple cracks located along the outer critical fastener row of the joints.  The panels, 
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stiffened with six frames and seven longerons, were 120 inches long and 58 inches wide with a 
66-inch curvature.  Table 1-2 lists the matrix. 
 

TABLE 1-1.  RESIDUAL STRENGTH PREDICTION OF FLAT PANELS 
 
Criterion, Absolute Percent Difference 

Between Analysis and Experiments Specimen 
Number 

Joint 
Type 

MSD Size 
(inch) PZT T*-integral CTOA 

MSD-1 0.00 -8 - 3 
MSD-2 0.05 7 13 0 
MSD-3 

1 
0.10 5 7 1 

MSD-5 0.00 -13 - -1 
MSD-6 0.05 -10 -2 2 
MSD-7 

2 
0.10 -1 -4 -6 

MSD-9 0.00 -23 - 4 
MSD-10 0.05 -3 -4 -2 
MSD-11 

3 
0.10 0 -5 -5 

MSD-13 0.00 -17 - -5 
MSD-14 0.05 -4 -3 -3 
MSD-15 

4 
0.10 -4 -4 0 

Average Percent Difference 7.9 5.2 2.7 
 

TABLE 1-2.  TEST MATRIX 
 

Specimen 
Joint 

Configuration 
Initial Damage 

(Before Fatigue) 
Final Damage 
(After Fatigue) 

Residual Strength 
(psi) 

CVP1 Longitudinal Lap 
Joint 

7-inch two-bay crack 
along the lap joint 

25-inch two-bay 
crack along the lap 
joint with central 
frame cut 

Measured:  11.14 
Predicted:  10.65 

CVP2 Longitudinal Lap 
Joint 

7-inch longitudinal two-
bay crack and MSD of 
0.05 to 0.15 inch along 
the lap joint 

25-inch two-bay 
crack and MSD along 
lap joint with central 
frame cut 

Measured:  9.16 
Predicted:  8.97 
 

CVP3 Circumferential 
Butt Joint 

7-inch circumferential 
two-bay crack along the 
butt joint 

12.5-inch two-bay 
crack along the butt 
joint with central 
longeron cut 

*Measured:  17.90 
Predicted: 
 

CVP4 Circumferential 
Butt Joint 

7-inch circumferential 
two-bay crack and MSD 
of 0.05 to 010 inch 
along the butt joint 

12.5-inch two-bay 
crack and MSD along 
butt joint with central 
longeron cut 

Measured:  20.75 
Predicted:  19.39 
 

*  Premature failure of load attachment point. 
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The tests were conducted at the FAA William J. Hughes Technical Center using the Full-Scale 
Aircraft Structural Test Evaluation and Research (FASTER) facility capable of testing fuselage 
panel specimens under conditions representative of those seen by an aircraft in actual operation.  
First, strains were measured under quasi-static load conditions to ensure proper load introduction 
into the panels.  Second, fatigue crack formation and growth were monitored and recorded in real 
time using the Remote Controlled Crack Monitoring system under constant-amplitude loading up 
to a prescribed amount of fatigue crack growth.  The maximum pressure applied was 10.1 and 
8.8 psi for the longitudinal lap joint and circumferential butt joint panels, respectively.  Third, 
the crack growth and residual strength were measured during quasi-static loading to failure. 
 
A high-fidelity detailed finite element model was developed for each panel configuration with 
refined element sizes in the vicinity of the cracks.  Material and geometric nonlinearity were 
required in the analyses because of the local bending at stiffener and skin intersections and the 
large amount of pillowing between the stiffener and skin intersections that is common to this 
type of structure. 
 
The predicted strains in the skins and frames agreed well with strain survey data.  Frame loads 
were analytically determined to minimize edge bending.  Full-barrel finite element models were 
also constructed for comparisons with test panel models.  Since failure analysis of stiffened 
panels involves the stiffeners as well as the skins, a criterion for stiffener failure was developed 
separately and incorporated in the analysis to determine the panel failure loads. 
 
Figure 1-6 compares measured and predicted residual strengths for CVP1 and CVP2.  Good test 
and analysis correlation indicates that the CTOA criterion can be extended to stiffened curved 
structures under biaxial loads.  CTOA predictions agreed well with the longitudinal panel test 
results, within 5 percent.  The predicted failure pressure for CVP4, 19.39 psi, compares 
favorably with the measured values of 20.75 psi.  Since the CVP3 test was interrupted twice, the 
test results may not be suitable for comparison with CVP4. 
 

 
 
FIGURE 1-6.  MEASURED AND PREDICTED RESIDUAL STRENGTH, LONGITUDINAL 

LAP JOINT PANELS 
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1.3.6  Multiple-Site Damage in Aft Pressure Bulkhead. 
 
The objective of this task was to assess the feasibility of applying the CTOA criterion to 
complicated aircraft structures, using the experience gained from the previous tasks.  A retired 
DC-9 aft pressure bulkhead attached to the fuselage shell was acquired for this study.  A lead 
crack of 10.5 inches long and 15 MSD of 0.05 inch were introduced along the dome-to-fuselage 
attachment tee.  The lead crack was introduced by sawcut and the MSD by wirecut.  The sealed 
test article was attached horizontally to a strongback by AFRL.  Following a strain survey, cabin 
pressure was increased until the structure failed at 9.0 psi. 
 
A detailed finite element model was developed for the aft section, including fuselage barrel, 
passenger floor, underfloor struts, engine pylon bulkhead, and aft pressure bulkhead.  The cabin 
pressure required to cause fast fracture was predetermined by analysis to be 9.38 psi, which is 
within 5 percent of the test results, 9 psi.  The good agreement demonstrates that CTOA can be 
applied to complicated structural details.  Comparison of experimental results and analyses is 
shown in figure 1-7. 
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FIGURE 1-7.  MEASURED AND PREDICTED RESIDUAL STRENGTH, AFT 
PRESSURE BULKHEAD 

 
1.4  SUMMARY. 

Through this study, a better understanding was obtained on various aspects of MSD, particularly 
its effect on the fatigue and residual strength behavior of structure resembling aircraft fuselage 
joint construction.  Results showed that small MSD at fastened joints, with a large lead crack, 
significantly reduce the fatigue life and load-carrying capacity.  An engineering method, based 
on several government-funded scientific tools, to assess the development of MSD in the presence 
of a large lead crack and its effects on the residual strength of aircraft structures was established.  
In addition, there is every indication that the methodologies used could be effective at assessing 
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other MSD configurations.  The MSD initiation methodology used the experimentally generated 
fatigue data and the FASTRAN crack growth code to determine the EIFS. 
 
The critical CTOA, T*-integral, and PZL criteria were used to predict the MSD linkup and 
subsequent fast fracture.  A finite element-based procedure using STAGS was developed for this 
purpose.  The procedure used specialized codes to perform nonlinear analysis of the structure in 
conjunction with the application of the criteria previously mentioned.  The methodologies were 
verified through a comprehensive test program carried out at the coupon, component, and full-
scale structure level.  Experimental data were generated at the FAA William J. Hughes Technical 
Center, AFRL at WPAFB, BIAM of China, and the CAAC. 
 
Valuable experience has been gained and lessons have been learned.  Despite numerous efforts, a 
technology to effectively analyze initial crack formation still does not exist.  The empirical 
approach based on EIFS concepts developed in this program may provide the framework for 
future development.  However, the results using this approach may not be generic and applicable 
to other structures, or under different loading conditions, environments or using different crack 
growth analysis models.  Further studies need to be conducted to determine the generality of the 
results and the approach. 
 
In summary, this project demonstrated a successful transfer of technology developed from basic 
research to real-world applications.  Using this technology, a methodology to assess the 
development of MSD and its effect on the residual strength of aircraft structure was developed. 
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2.  ANALYSIS METHODS AND DATA ACQUISITION. 

A literature survey was conducted of available analytical tools, criteria, and test data pertinent to 
the crack initiation and residual strength prediction of WFD in aging aircraft.  Several advanced 
fracture mechanics methods developed under the sponsorship of the FAA William J. Hughes 
Technical Center and NASA Langley Research Center (LaRC) have become the framework of 
this project.  The methods selected for WFD analysis are listed below: 
 
• Fatigue crack growth prediction based on EIFS concepts 
• Residual strength prediction based on PZL criterion  
• Residual strength prediction based on T*-integral resistance curve criterion 
• Residual strength prediction based on CTOA criterion  

The following companion computer codes for the methods above were also evaluated.   

• 2D-EPFEAM—an FAA-developed code using the elastic-plastic finite element 
alternating method (EPFEAM or FEAM for linear-elastic analysis) to analyze a cracked 
body.  Its analysis module, TKALT, computes the SIF (K) and the T*-integral criterion 
and performs stable tearing based on the T*-integral resistance curve.  

• FRANC2D/L—developed by the NASA for fracture analyses of two-dimensional (2-D) 
structures with multiple components joined together via fasteners or adhesives. 

• FRANC3D—developed by NASA for cracked three-dimensional (3-D) bodies.  The 
mesh generation feature for STAGS code was of interest for this project. 

• STAGS—a NASA-developed code for STructural Analysis of a General Shell.  The 
stable tearing capability based on CTOA was of interest on this project.  

• FASTRAN (version II)—a closure-based crack growth prediction code developed by 
Newman at NASA LaRC. 

These codes were transferred to Boeing and used to predict testing outcomes and to develop and 
evaluate the analytical procedures for analyzing structures prone to WFD. 

2.1  METHODS AND CRITERIA. 
 
2.1.1  Fatigue Crack Growth Prediction Based on EIFS Concept. 

EIFS is a hypothetical crack size, which is assumed to exist in a structural part prior to service.  
Starting from that initial crack size, the crack size at any particular time in a given structure can 
be estimated based on the applied loading cycles.  In the USAF Durability Design Handbook, 
“Guidelines for Analysis and Design of Durable Aircraft Structure” [3], Manning uses the 
distribution of EIFS to characterize initial manufacturing quality and to estimate the probability 
of a crack exceeding a certain size at any given time for a group of replicated structural details.  
Manning determined the EIFS simply by extrapolating a curve, fitted to fractographic results 
from a broken specimen, back to time zero.  As shown in figure 2-1, an EIFS is determined for 
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each single-cracked detail or for all cracks in a given data set.  The curve has the same functional 
form as a crack growth law but is not based on any rigorous crack growth theory.  Manning 
described the EIFS as “strictly a mathematical quality rather an actual initial flaw size.”  EIFS 
can further be characterized as being dependant on the crack growth model being used.  Within 
this context, Manning found that the EIFS can be either a positive or a negative value, depending 
on the fractographic data and the curve-fitting equation used for extrapolation.  However, 
Manning found that different EIFS distributions, obtained using different crack growth laws or 
different fractographic data ranges, can predict the same observed flaw distribution over a fairly 
wide range.  Manning also concluded that the EIFS values can be affected by manufacturing 
quality, fastener hole type, and fastener type and fit, but not by the type of load spectrum or the 
load levels.  
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FIGURE 2-1.  EQUIVALENT INITIAL FLAW SIZE CONCEPTS BASED ON USAF 
DURABILITY DESIGN HANDBOOK [3] 

 
Newman at NASA LaRC used a total-life approach to predict the fatigue life of metallic 
structures based solely on crack propagation from a microstructural defect size to failure.  
Similarly to the USAF EIFS concept, Newman’s approach can also be used to predict the crack 
size at any given time during the service life, but it differs in two fundamental aspects:  (1) the 
initial flaw sizes can be physically correlated to a range of inclusion particle or void sizes 
measured at crack initiation sites and (2) a closure-based crack growth model, incorporated in 
NASA FASTRAN code, which also accounts for the small crack growth behavior, is used to 
predict fatigue crack growth.  Although using the crack tip SIF range (∆K) to predict the small 
crack growth has not been universally accepted, Newman and other researchers [4-6 and 2] have 
demonstrated the usefulness of the ∆K concept to characterize the growth of small cracks.  
Newman has found that to achieve accurate fatigue life predictions, the initial flaw sizes must be 
chosen carefully based on a good understanding of the specific problem being analyzed.  Using 
an elliptical initial flaw size, 3 µm wide (half width) by 12 µm deep, consistent with 
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experimental observation of inclusion particle clusters, Newman was able to predict the average 
fatigue lives of single-edged notched tension specimens made of Al 2024-T3 [7]. 

Newman’s prediction also agreed very well with the average fatigue lives of Al 2024-T3 open-
hole tension specimen tests conducted by Landers and Hardrath [8].  For these, Newman used an 
initial semicircular crack size (6 µm) that had an area equal to the average inclusion particle 
sizes.  Using the same EIFS size for corner cracks emanating from rivet holes in simple lap 
splice joint coupons and an engineering approach for fatigue life prediction, Newman was able to 
obtain good correlation both for specimens with straight-shank rivets (tests conducted by 
National Aerospace Laboratory of the Netherlands [9]) and countersunk rivets (tests conducted 
by Furata, Terada, and Sashikuma [10]).  

Using an EIFS of 50 µm (nominal thickness of the clad layer) to simulate fretting damage 
originating at the faying surface, Newman’s fatigue life prediction also correlated well with 
measured data from a full-scale fuselage test article [11].  In that full-scale fuselage test, 
Newman found that fretting had a substantial contribution to fatigue life.  Newman’s engineering 
approach for crack growth prediction includes SIFs based on finite element analyses for various 
loading conditions (such as rivet loading, remote loading, bypass loading, remote bending, and 
rivet interference) but does not rigorously account for the following effects:  rivet fit-up stress, 
residual stress from multiple sources, manufacturing defects in the rivet joint, specific 3D rivet-
hole configuration, local stress concentrations at the microscale, fretting kinetics, cladding, and 
environmental defects. 

Newman’s work has successfully demonstrated the use of fracture mechanics-based analytical 
methodology and an average EIFS size to predict total fatigue lives, within satisfactory scatter 
bands, of specimens ranging from simple notched coupons to complex lap splice joints.  
However, Newman did not specifically emphasize the distribution of EIFSs as a result of 
manufacturing or material state, which can be used to explain the scatter in fatigue lives.  Under 
this program, fractographic results were generated using SEM and NDI techniques on fatigue test 
specimens.  The EIFS for each crack initiation site will be interpolated from the analytical crack 
growth predictions using a series of different initial flaw sizes.  All EIFS used in the analytical 
crack growth predictions will have the same quarter-elliptical shape that was consistent with 
observation at inclusion particle clusters.  The details of the experimental program, fractographic 
data, and analytical predictions, are presented in section 6 of this report. 

2.1.2   Residual Strength Prediction Based on PZL Criterion. 
 
The PZL criterion is a simple engineering approach that has been used to estimate the residual 
strength of a structure containing a large lead crack and multiple small cracks in its path.  This 
criterion is based on the assumption that the lead crack and the smaller crack will coalesce when 
their plastic zones come into contact with each other as illustrated in figure 2-2.  When the 
applied stress reaches a critical level, the lead crack will continue to linkup with the MSD ahead 
of it and result in a catastrophic structural failure. 
 

 2-3



 
 

FIGURE 2-2.  ILLUSTRATION OF THE LIGAMENT YIELD OR PLASTIC ZONE 
LINKUP CRITERION 

 
The criterion was first proposed independently by Swift [12] and Tong, et al. [13].  Various 
models or formulas had been used to estimate a crack tip plastic zone size.  The plastic zone 
sizes estimated by the five most popular models are summarized below: 
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In these formulas, rp, KI, FTY, and σ∞ are the plastic zone size, crack tip SIF, yield strength, and 
far-field applied stress, respectively.  However, the predicted plastic zone sizes in equations 2-1 
through 2-5 differ significantly.  Using different plastic zone models can result in very different 
conclusions for the residual strength of a structure.  Swift simply used Irwin’s estimation of the 
plastic zone size, equation 2-1, and stress-intensity correction factors obtained from the 
handbook for unequal length collinear cracks in an infinitely wide flat sheet, to estimate the 

 2-4



plastic zone sizes of the lead crack and the MSD cracks.  Swift also included other geometric 
correction factors to account for the effects of the fastener hole, the stiffener and the width of the 
sheet.  The plastic zone sizes (for lead and MSD cracks) as a function of SIFs were expressed as 
follows by Swift:  

 (2-6)  
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where 
 

 111 aK πσβ= for the lead crack 

 222 aK πσβ= for the MSD crack (2-7) 
 

where 

 ρ1 = plastic zone size of the lead crack 
 ρ2 = plastic zone size of the MSD crack 
 σ∞ = far-field applied stress 
 β1 = total geometry correction factor for the lead crack  
 β2 = total geometry correction factor for the MSD crack  
 
In equations 2-1 through 2-7, sometimes the local linkup stress, or flow stress, Fo (defined as Fo 
= [FTU + FTY]/2 with FTU being the ultimate strength of the material) is used in place of FTY.  
When the plastic zones come into contact, then LUσσ =  and the two adjacent plastic zones equal 
the length of the ligament (L).  Therefore: 
 

21 ρρ +=L  (2-8) 
 
Substituting equations 2-6 and 2-7 into 2-8 and solving for the linkup stress ( LUσ ): 
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Broek realized that it is difficult to define the actual plastic zone sizes.  Irwin’s plastic zone 
equation is just one of several theories that have been proposed for the plastic zone sizes.  Broek 
found that the prediction using Irwin’s equation, with the collapse stress, Fcol, substituted for the 
yield stress, FTY, agreed best with the test results of flat panels with MSD.  Broek proposed, 
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based on the observation of test results of M(T) panels, that the collapse stress, Fcol, should be set 
equal to 0.85FTY.  According to Broek, the linkup stress can be expressed as follows:  
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Both Swift and Broek’s equations for the linkup stress are very similar, except for the critical 
stress level used for the ligament [12 and 14].  Swift’s reasoning of using flow stress as the local 
stress was based on an FAA-funded research program conducted shortly after the Aloha Airlines 
incident of April 28, 1988, involving a B-737-200, N73711 [12].  The test program found the net 
section stress at failure, for 8- and 4-inches wide, 0.04-inch-thick Al 2024-T3 specimens 
containing MSD cracks, was at least equivalent to the flow stress, or [FTU + FTY]/2.  The flow 
stress for Al 2024-T3 is about 30 percent higher than its yield stress and about 45 percent higher 
than the ligament collapse stress, Fcol.  Broek argued that plastic deformation in the material 
begins at a lower stress before it reaches FTY.  Broek thought that FTY is arbitrarily defined as the 
stress at which the plastic strain is 0.2 percent.  However, he agreed that the collapse stress Fcol 
can only be determined from testing, and for Al 2024-T3 he set Fcol = 0.85 FTY.  This value is 
also used in this report.  
 
Broek later modified his linkup model by using a transitional factor, C', obtained by correlating 
the prediction with more data from the tests conducted by Foster-Miller [14, 15, and 16].  The 
modified linkup stress is as follows: 
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Other researchers also tried to improve the accuracy of the linkup model by applying correction 
factors to equation 2-9 [12 and 14].  Smith compiled test results of flat panels containing MSD 
cracks from published literature [15].  The sources of the test data were the National Institute of 
Standards and Technology (NIST) test program, the FAA-funded test program at Foster-Miller, 
and flat sheets tested at Wichita State University (WSU) [15, 16, and 17].  The panel width 
ranged from 20 to 90 inches, and the thickness ranged from 0.040 to 0.063 inch.  Smith 
correlated the predicted linkup stress, σLU, and measured linkup stress, σc, with correction factors 
C1 and C2.  Smith developed two linkup stress equations:  WSU2 and WSU3.  The correction 
factors in WSU2 are based on the ligament size, L; for WSU3, the correction factors are based on 
a dimensionless parameter (a1/L) as shown below:  
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where, as shown in equations 2-13 and 2-14 

σc =  modified linkup stress based on curve-fitted experimental results 
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C1 and C2 are curve-fitted correction factors 
 
For WSU2 shown in equation 2-13  C1 = 1.410 C2 = 0.360 
For WSU3 shown in equation 2-14 C1 = 1.640 C2 = 0.2175 

Smith noted that the original equation by Swift and Broek gave conservative results for 
configurations with short ligaments and unconservative results for configurations with large 
ligaments.  For modified linkup models, WSU2 gives an average of 3.65 percent and WSU3 
gives an average of 4.87 percent difference between the measured results and the prediction. 

Ingram [9] also developed a correction factor for the linkup stress.  Ingram proposed that a 
correction C' as a function of a1/L) be applied to equation 2-12a as follows:  

 
21

2
22

2
11

' 







+

=
ββ

σ
aa

LFC TYLU  (2-15) 

where 





−

−= L
a

e
157.0

83.1'C  
 
The average difference of prediction using Ingram’s updated model and the measured results 
from MSD tests conducted at NIST, WSU, and Foster-Miller is about 7 percent. 
 
2.1.3  Residual Strength Prediction Based on T*-Integral Resistance Criterion. 

This approach was first proposed by Brust, et al. [18] at Georgia Institute of Technology for 
predicting stable crack growth in ductile materials.  This criterion uses a J-like fracture parameter 
called T*-integral.  T*-integral is physically interpreted as the energy per unit crack growth flux 
into the crack tip region enclosed by the contour path.  The T*-integral for a contour size of ε in 
a 2-D problem, regardless of the constitutive relation involved, is as follows: 

 ( ) Γ∫ −=
Γ

dnuWnT j,iij
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σε 11  (2-16) 
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where W is the total stress work, which is evaluated throughout the load and deformation history 
for each point along path Γε, i.e. 

  (2-17) ∫= ij
ijij dW ε εσ0

 
n1 is the x1 component of the unit normal vector of the contour path Γε as shown in figure 2-3(a); 
x1 and x2 define a local coordinate system centered at the crack tip, and the subscript ε indicates 
the contour size.  In general, T*-integral depends on the analyst’s choice of the crack tip contour, 
Γε.  Different contour sizes lead to different T*-integrals.  In the original derivation, the contour 
Γε is chosen to be a constant shape and size following the crack tip as it propagates, figure 2-3(a).  
However, due to the numerical difficulty in dealing with the small wake zone behind the crack 
tip, the method was modified and the T*-integral is computed using an elongated contour path 
Γ*ε as shown in figure 2-3(b).  When the steady-state condition prevails near and in the wake of 
the crack tip during stable crack growth, T*-integral computed from an elongated contour path 
has the same energy interpretation as that for a fixed contour moving along with the crack tip.  It 
should be noted that for a stationary crack, T*-integral is identical to J-integral, which is 
independent of the choice of the contour path [19].   

 

(a) 

(b) 

FIGURE 2-3.  INTEGRAL PATH GEOMETRY 
 
Similar to the K-resistance curve (Kr), and J-resistance curve (Jr,) stable tearing of a crack can be 
predicted based on the resistance curve concept.  It is assumed that the crack will extend by a 
predetermined increment, once the computed T*-integral reaches a critical value defined by the 
T*-integral resistance curve.  Since the T*-integral resistance curve cannot be measured directly 
from an experiment, it must be determined indirectly through a numerical simulation as follows:   

1. A fracture specimen is tested and load versus crack growth data are collected.   
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2. A numerical simulation of the fracture process for this fracture specimen is then 
performed.   

a. In the simulation, the test panel is first loaded to the crack initiation load. 

b. Then the crack is extended by a small amount, while the load is changed 
simultaneously according to the load versus crack growth curve obtained from 
experiment.   

c. The value of the fracture parameter T*ε-integral is computed at each step of the 
crack growth simulation.   

As previously mentioned, since T*ε-integral is different for different choices of contour path Γε, 
different resistance curves are generated for different contour paths.  However, the resistance 
curve for each contour path has been shown to be a material property independent of loading and 
specimen geometry.  As an example, the T*-integral resistance curves for different contour sizes 
are shown in figure 2-4 for Al 2024-T3.  Wang, et al. [21] fitted the T*-integral resistance curve 
for Al 2024-T3 with the following equation for a contour size of ε = 0.087 inch: 

  
a

aT
∆+

−∆−== 175.0
0697.00398.0706.0*

087.0ε  (2-18) 

 
 ∆a = crack extension 
 
The resistance curve given either in figure 2-4 or by equation 2-18 was obtained from a large 
middle-tension specimen with lateral constraint.  However, the effects of lateral buckling were 
not completely eliminated from the T*-integral resistance curve.  Once the resistance curves 
were available, predictions for other loads and geometries were made in the prediction phase by 
forcing the fracture process to follow the same resistance curve. 

Crack Extension (∆α) 
 

FIGURE 2-4.  RESISTANCE CURVES FOR Al 2024-T3 
 
The T*-integral resistance curve method has been used successfully in predicting stable crack 
growth in elastic-plastic material with and without unloading effect [21].  The method was also 
used to characterize creep (time dependent) crack growth [22] as well as dynamic elastic-plastic 
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crack growth.  T*-integral resistance curve has been applied to the study of MSD in an aircraft 
fuselage at Georgia Institute of Technology under FAA funding [23].  Results from these 
previous studies indicated that the method was promising.  The T*-integral resistance criterion 
was implemented into a specialized code TKALT based on 2D-EPFEAM, which was developed 
by Wang under FAA funding. 
 
2.1.4  Review of the Critical CTOA Criterion. 

The stable crack growth behavior of an elastic-plastic material can be explained by the critical 
CTOA criterion.  The criterion evolved from the critical crack tip opening displacement  concept 
developed by Wells [24].  This criterion assumes that stable crack growth will occur when an 
angle formed by a point on the upper surface of a crack (at a fixed distance behind the crack tip), 
the crack tip itself, and a point on the lower surface (again at a fixed distance behind the crack 
tip), reaches a critical angle, Ψc.  As the crack grows, a plastic zone behind the crack tip unloads 
to an elastic state, leaving a plastic wake behind the advancing crack tip.  This results in a 
smaller CTOA after crack growth.  Further increase of the applied load is needed to make CTOA 
reach that critical angle and thus to cause further crack growth.  The material therefore appears to 
become tougher as the crack grows, and this apparent behavior is a basis for all resistance curve 
methods such as Kr, Jr, and T*-integral resistance curve.   
 
In the finite element crack growth simulation, CTOA is calculated as suggested by NASA 
[25 and 26] (figure 2-5):  
 

δ

d

CTOA

δ

d
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FIGURE 2-5.  DEFINITION OF CTOA FOR MODE I DEFORMATION 
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= −1 for a mixed mode deformation (2-20) 

 
Where δ is the opening of the crack tip measured at a specific distance, d, behind the crack tip, 
and a and b are the vectors from the crack tip to a point on the upper and lower crack surfaces at 
distance d.  The CTOA is found to be a mild function of the distance d.  NASA suggested that a 
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characteristic distance of 0.04″ (1.0 mm) should be used for d.  The distance is selected such that 
there is a consistency between experimental measurements and analyses.  Dawicke [27] 
measured the surface CTOA on several middle-crack tension (M(T)) and compact tension (C(T)) 
specimens made from 0.09-inch-thick Al 2024-T3 sheet.  Dawicke used a video camera and a 
long focal length microscope to record the crack tearing.  Dawicke later measured the CTOA on 
the recorded images at a distance ranging from 0.02 to 0.06 inch behind the crack tip.  His 
experimental results are shown in figure 2-6.  The test results indicated that  
 
• initially, the CTOA was high and decreased during a transient period. 

• after a small amount of stable crack growth, the CTOA oscillated about a constant value. 

• the scatter in the measurement was as about ±1 degree. 

• the CTOA behavior of the M(T) specimens of various sizes and the C(T) specimens were 
identical. 

• the average CTOA for all of the measurements after the transient region was about 5.5 
degrees. 
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FIGURE 2-6.  MEASURED CTOA FOR Al 2024-T3 SHEET, 0.09″ THICK [28] 

 
The high surface crack angle during the initial period was consistent with the prediction from a 
3-D finite element analysis using the ZIP3D code.  This analysis showed a high CTOA on the 
surface and a low CTOA at the midplane of the thickness.  The average crack opening angle 
through the thickness was close to the steady-state surface measurement.  Also, in the steady-
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state crack growth region, the CTOA appears to be constant through the thickness.  This finding 
confirms that a constant critical angle can be used as a fracture criterion in a 2-D model. 
 
The critical CTOA, Ψc, can also be determined from finite element analysis by simulating the 
test using the applied loads versus crack extension data.  Through a trial-and-error procedure, the 
critical angle for CTOA is determined from the finite element analysis as the one that will yield 
the best prediction of the measured maximum load.  Dawicke found that the Ψc required to 
match the critical load of a 6.0-inch C(T) specimen was 5.25 degrees, a little less than the 
average measured angle of 5.5 degrees at the surface of the specimens.   
 
Crack tip conditions can have significant affects on the crack initiation of a stable-tearing test.  
Crack initiation from damage with a blunt tip, such as a sawcut, instead of a natural fatigue crack 
will require a much higher applied stress to initiate crack tearing.  Seshadri and Newman [28] 
applied a higher critical angle, Ψi, to simulate the sawcut effects.  Once the crack had initiated, 
the critical tearing angle, Ψc, was used to grow the crack.  Using this simulation, they were able 
to accurately predict the effects of MSD cracks on the residual strength of an unstiffened plate.  
 
Dawicke and Newman [28] also found that in a 2-D finite element analysis, it is necessary to use 
a core of plane-strain elements at the crack tip in an otherwise plane-stress analysis to account 
for through-thickness effects.  The height of the plane-strain core is shown in figure 2-7.  As 
determined by NASA, the height of this core should be approximately equal to the specimen 
thickness for thin sheet Al 2024-T3.  Using the CTOA and the plane-strain core, they were able 
to predict the fracture behavior of simple laboratory coupons, stiffened flat panels with multiple-
site cracks, and full-scale curved stiffened panels subjected to internal pressure and mechanical 
loads.  
 

 
FIGURE 2-7.  PLANE-STRAIN CORE 

 
The critical CTOA criterion was implemented into the STAGS code, which will be discussed 
later in this section. 
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2.2  SPECIALIZED CODES DEVELOPED UNDER FAA AND NASA FUNDING. 
 
The following specialized codes have been assessed by Boeing for use in the WFD project:  
2D-EPFEAM, FRANC2D/L, FRANC3D, STAGS, and FASTRAN-II.  A short description of 
each program as well as its capabilities is given in the following sections.  Since EPFEAM was 
developed based on the FEAM, which is different from a conventional finite element method, a 
review of this method is also given for reference. 
 
2.2.1  EPFEAM. 
 
As mentioned earlier, EPFEAM was developed based on FEAM [29 and 30].  The method 
combines finite element analyses with a closed form solution using the superposition principle.  
For simplicity, the FEAM method is outlined here for linear elastic analysis.  Extension of the 
method to elastic-plastic analysis is discussed later.  Consider a finite cracked body with a 
displacement and traction field u(0) and t(0), respectively, prescribed on its boundary, figure 2-8.  
From the linear superposition principle, the solution of this problem is obtained as the sum of 
two simpler problems, as shown in figure 2-8: (a) a finite uncracked body with the original 
prescribed boundary conditions u(0) and t(0) and (b) a finite cracked body with pressure loads 
acting on the crack surfaces.  The crack surface pressures are determined as the negatives of 
tractions acting at the prospective crack location in problem (a).  In the FEAM method, problem 
(a) is solved exactly by the conventional finite element method, while the other problem is 
estimated by an analytical method.  Problem (b) is also solved exactly as the sum of another two 
problems: (c) an infinite cracked body with a pressure load acting on the crack surfaces and (d) a 
finite cracked body with negative displacement and traction fields -u(1) and -t(1) prescribed on its 
boundary, where u(1) and t(1) are determined from problem (c) at the prospective finite boundary 
location.  Linear superposition of solutions of problems (a) and (b) only yield an approximate 
solution to the original problem.  The error associated with this procedure is caused by the 
omission of a solution of problem (d) in the calculation.  To eliminate this error, problem (d) is 
solved using the same procedure as that for the original problem since the latter problem is 
similar to the former, except that the boundary conditions now are -u(1) and -t(1) rather than u(0) 
and t(0).  Since the magnitudes of u(1) and t(1) are in general smaller than those for u(0) and t(0), 
repeating this procedure (solving problems a and c) for boundary conditions -u(1) and -t(1) and 
those associated with subsequent iterations eventually leads to a convergent solution for the 
original problem. 
 
The FEAM method can be explained within the context of this procedure.  It involves an 
alternating series of finite element and analytical analyses in solving for solutions of problems 
(a) and (c), respectively, using successive (or iterative) boundary conditions starting with u(0) and 
t(0), then -u(1) and -t(1), and so on until these boundary conditions reduce to zero.  The solution of 
the original problem is then equal to the sum of the solutions of these alternating series of 
problems. 
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FIGURE 2-8.  ILLUSTRATION OF BASIC CONCEPT USED IN AN FEAM 

(1) LINEAR DECOMPOSITION OF THE ORGINAL PROBLEM AND 
(2) LINEAR DECOMPOSITION OF PROBLEM 

 
The extension of the FEAM method to EPFEAM is quite straightforward using the initial stress 
method in plasticity theory.  The initial stress method for an elastic-plastic problem is an iterative 
scheme in which the elastic-plastic displacement and stress fields are sought as the summation of 
the respective elastic solutions due to residual volume load.  In EPFEAM, these elastic solutions 
are calculated by using the usual FEAM.  Thus, EPFEAM involves two analysis loops.  The first 
loop is associated with the iterative scheme of an initial stress method for plasticity, while the 
second loop is associated with the usual linear elastic FEAM.  The computation time for elastic-
plastic analysis using EPFEAM, therefore, may be very extensive.  However, since the finite 
element analysis part of the EPFEAM involves an uncracked body, the modeling effort is 
significantly less than that for a conventional finite element method (FEM). 
 
2.2.1.1  Program Structure and Capabilities. 

The 2D-EPFEAM program is a package of modularized codes written in tool command language 
(TCL).  These codes are linked to a master-driving program.  The package also has a graphical 
user interface (GUI) to help users in executing these individual modules without necessarily 
invoking TCL script commands.  Specifically, 2D-EPFEAM consists of a mesh generator, a 
modularized analysis code TKALT, and a postprocessor TKPLOT [31].  For general use, Boeing 
uses the modularized analysis code section of the 2D-EPFEAM package.  
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The TKALT code is used for fracture analysis of a planar sheet containing an edge boundary, 
multiple holes and cracks subjected to normal and shear stresses along the edges, and a 
concentrated or distributed pin load in the hole.  The TKALT code provides five analysis 
options:  (1) linear elastic fracture analysis, (2) linear elastic residual strength analysis, (3) 
elastic-plastic fracture analysis using J, (4) elastic-plastic residual strength analysis using Jc 
criterion, and (5) stable-tearing analysis using T*-integral criterion.  Inputs to TKALT include a 
finite element model of an uncracked structure for the finite element analysis part of the code, 
crack configurations for the analytical analysis part of the code, and data for the contour 
integration if T*-integral or J parameter needs to be evaluated.  Elements of the finite element 
model must be eight-node quadratic elements.  The material of the planar sheet is hard-coded to 
be Al 2024-T3. 

In addition to these five analysis options, TKALT provides a user with two additional 
capabilities pertinent to the current WFD project.  The first is the capability of generating new 
T*ε-integral resistance curves from load versus crack growth data.  The second capability allows 
a user to specify changes in the boundary conditions of the analyzing problem in a 
nonproportional but predetermined fashion during the stable-tearing analysis.  The use of this 
latter capability will become clear in the next section. 

2.2.1.2  Implementation in 2D-EPFEAM. 

As mentioned in section 2.2.1.1, 2D-EPFEAM can only deal with a 2-D (planar) elastic-plastic 
problem.  Therefore, this code must be used together with other general-purpose finite element 
codes to predict the residual strength of complex structures such as splice joints and curved 
panels using T*-integral criterion.  For these structures, a global-local approach must be 
employed in the residual strength analysis.  In the global analysis, a general-purpose code such 
as NASTRAN or ABAQUS is used.  The global model contains the full panel with all significant 
structural components such as longerons, frames, shear clips, and splice joints as well as the lead 
crack if any.  The purpose of the global analysis is to determine the internal load distribution and 
boundary conditions for the local model with MSD.  Both T*-integral evaluation and stable 
crack growth analysis are performed at the local level.  Because EPFEAM’s preprocessor lacks 
generality, only the modularized analysis code TKALT is used in the present WFD project.  
Other commercially available preprocessors such as PATRAN were used to generate an 
uncracked finite element model for the local analysis.  The local model contains a small portion 
of isolated cracked skin; no other structural components can be included because TKALT can 
only deal with a planar problem.  Unlike the linear elastic analysis, the present global-local 
approach requires that boundary conditions be transferred back and forth between the global and 
local models.  For example, any change in crack length in the local model caused by stable crack 
growth also must be accounted for in the global analysis.  Thus, the present global-local 
approach for stable-tearing analysis requires an automated procedure, which executes the codes 
(NASTRAN and TKALT) alternately, analyzes the results and updates the boundary conditions 
and crack geometry of the global and local finite element models in a nonlinear fashion. 

To overcome the above difficulty, Boeing developed the following simple automated procedure.  
In the global analysis, the full panel model is analyzed using NASTRAN, and its traction and 
displacement results are saved for mapping onto the local model.  After each successful global 
analysis run, the lead crack is extended by one element size and the NASTRAN analysis is 
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repeated until the crack reaches a desired maximum length.  The procedure thus does not account 
for any load history effect.  The local stable-tearing analysis is then performed using the code 
TKALT with the local boundary condition updated according to the results obtained from earlier 
global analyses for a range of lead crack lengths.  However, this procedure becomes more 
complicated when applied to curved panels, since the global analysis in this case requires 
material and geometric nonlinearity.   

One concern with 2D-EPFEAM is the modeling of two small diametric cracks emanating from a 
loaded fastener hole, as shown in figure 2-9(a).  T*-integral cannot be properly computed for a 
crack that is smaller than the contour size, ε, of the currently available T*ε-integral resistance 
curves.  This is because the contour path can neither enclose a whole crack length, a hole, and 
other singularities such as point loads, nor intersect with any free boundary such as the hole 
boundary.  The currently available T*ε-integral resistance curves are for a contour size of 0.087 
inch or larger.  Though not evaluated in this program, T*ε-integral resistance curves for a smaller 
contour size can be generated in theory using the code TKALT through a numerical simulation 
of the available load versus crack extension data for a fracture specimen.  To evaluate the 
parameter T*ε-integral, TKALT performs a line integration that, together with EPFEAM, may 
lead to either a divergence problem in a crack growth simulation or inaccurate results for a 
contour size smaller than 0.087 inch.  To overcome this difficulty, the following modeling 
procedure is recommended by the code developer for a very small crack (figure 2-9(b)).  First, 
the fastener hole is ignored in the local model.  Second, two diametric cracks emanating from a 
fastener hole will be modeled as a single slit (or crack) with a length equal to the physical lengths 
of the two cracks plus the diameter of the hole.  Third, the fastener (pin) load is applied to the 
local model as a point load at a distance equal to the radius of the hole away from the crack 
surfaces.  The location of the point load is the same as the point at which the fastener contacts the 
hole.  
 
2.2.2  FRANC2D/L. 
 
FRANC2D/L is an interactive program for the simulation of crack growth in layered structures 
such as lap joints or bonded repairs [32].  The program was developed originally at Cornell 
University for planar structures and then extended to multiple-layered structures with material 
plasticity by Kansas State University under NASA funding.  In FRANC2D/L, each layer is 
represented by a separate mesh that can overlap with other meshes and be connected with rivets 
or adhesive elements.  Each layer is assumed to be flat, with either 2-D elasticity or plate 
bending. 
 
FRANC2D/L does not have full preprocessor capability.  It can only be used to modify an 
existing or initial mesh to accommodate a new stationary crack or an extended crack caused by 
fatigue or stable crack growth.  The initial mesh of the modeling problem must be created by a 
separate program called CASCA.  The initial mesh generated by CASCA does not have any 
cracks in it.  Because of the lack of generality of CASCA, only simple splice joints can be 
modeled efficiently.  The use of FRANC2D/L in the present WFD project is therefore limited. 
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FIGURE 2-9.  ILLUSTRATION OF (a) TWO DIAMETRIC CRACKS EMANATING FROM A 

FASTENER HOLE AND (b) THE RECOMMENDED MODELING TECHNIQUE 
 
FRANC2D/L uses standard eight- or six-noded serendipity elements with quadratic shape 
functions.  Elements at the crack tip have their appropriate midnodes shifted to the quarter-point 
locations to simulate the singularity there.  In FRANC2D/L, rivets and adhesive are both treated 
as elastic shear springs.  FRANC2D/L has the following analysis capabilities for layered 
structures: (1) linear elastic fracture analysis, (2) elastic quasi-static with fatigue crack 
propagation, and (3) stable-tearing analysis using CTOA criterion.  For analysis capabilities (1) 
and (2), the SIF is calculated using displacement correlation or a modified crack closure 
technique.  For analysis capability (2), the direction of crack propagation is computed according 
to the maximum tangential stress theory, maximum energy release rate theory, and minimum 
strain density criterion with output sent to the user.  The user then can interactively grow the 
crack following the output trajectory with a new mesh automatically generated by the program to 
accommodate for the newly extended crack.  Since analysis capability (3), which is still under 
development, was available only after the assessment of the code had been completed, that 
capability is not discussed here. 
 
As mentioned earlier, because of the lack of generality of CASCA, FRANC2D/L was only used 
in this WFD project to calculate the fastener loads and stress distribution in uncracked splice 
joints for the study of the EIFSs.  An attempt was made to use this code for global analyses of 
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the MSD flat splice panels in conjunction with the code 2D-EPFEAM.  However, this approach 
failed since FRANC2D/L could not be used efficiently in generating a desired mesh and in 
extracting results for the automated global-local procedure outlined in section 2.2.1.2. 

2.2.3  FRANC3D. 

FRANC3D is a pre- and postprocessor for the fracture analysis codes STAGS and boundary 
element system (BES) [33-35].  FRANC3D was developed at Cornell University under NASA 
funding.  FRANC3D generates a mesh from 3-D loft lines and surfaces created by a separate 
program called Object Solid Modeler (OSM) [36].  The mesh generated by FRANC3D consists 
of general shell elements for STAGS analysis [37] and surface boundary elements for BES 
analysis [38].  In a multilayered or stiffened structure, structural components are connected 
through fasteners or adhesive bonds.  Since BES has not been used under this WFD project, the 
latter mesh-generating capability of FRANC3D is not discussed here.  Used together with OSM, 
FRANC3D can model general-stiffened shell structures. 

To facilitate STAGS analyses using FRANC3D as a pre- and postprocessor, a separate interface 
program called COUPLER has been written.  COUPLER generates model information for 
STAGS from FRANC3D and extracts the responses from STAGS for FRANC3D.  COUPLER 
functions are hidden within FRANC3D.  Performing a STAGS analysis using FRANC3D is 
therefore done in the following steps:   

• 

• 

• 

• 

• 

• 

Create the model geometry using OSM. 
 

Create the finite element mesh from the model geometry using FRANC3D.  
 

Write out analysis files from FRANC3D through COUPLER. 
 

Exit FRANC3D. 
 

Execute STAGS; extract the response from STAGS using FRANC3D through 
COUPLER. 

 
Postprocess results using FRANC3D. 

 
Because OSM and FRANC3D were under development during the course of this WFD project, 
some of the capabilities needed for modeling the complex structures under investigation, such as 
MSD flat splice panels and curved panels, were either absent or not yet available.  Nevertheless, 
these two codes were thoroughly evaluated and demonstrated using numerous geometries 
ranging from a C(T) specimen to a type 2 MSD (see section 6) flat splice panel.  Through these 
evaluations, the following problems or difficulties in using OSM and FRANC3D codes have 
been found: 

• The GUI did not work properly in selecting geometric entities such as points and surfaces 
in areas where there is a large difference in size of the connecting meshes; what the user 
clicks on may not be what the GUI selects. 
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• The transition mesh generated by FRANC3D in many cases contained skewed 
quadrilateral elements (nearly triangular in shape).  Even though FRANC3D allowed a 
user to manually change the distorted mesh, because of the GUI malfunction, a user could 
not easily pick the nodes and move them to appropriate new locations. 

• FRANC3D code could not be used to postprocess an edge crack problem.  FRANC3D 
did not model an edge crack as a line with double free nodes, one on each crack surface, 
in its database, and only did so when FRANC3D wrote out the STAGS input file.  As a 
result, there was a discrepancy in the total number of nodes between the written out 
STAGS model and the FRANC3D model stored in the database for an edge crack.  This 
discrepancy caused COUPLER to fail in extracting responses from the STAGS analysis. 

These problems were reported to the code developer.  

2.2.4  STAGS. 
 
STAGS is a finite element code for general-purpose analysis of shell structures of arbitrary shape 
and complexity [37].  Shells to be analyzed by STAGS may be thin or thick or unstiffened or 
stiffened.  STAGS was developed by Lockheed Missiles and Space Company and is 
continuously supported in part by various U.S. government agencies and most recently by 
NASA.  STAGS has a moderate library of material models, wall fabrication, and stiffener cross 
sections.  STAGS has the following general analysis capabilities: 

• Static or transient elastic analysis with geometric nonlinearity or linearity. 

• Static or transient inelastic analysis with geometric nonlinearity or linearity. 

• Bifurcation buckling analysis. 

• Elastic-plastic crack stable-tearing analysis with geometric nonlinearity or linearity using 
CTOA criterion. 

Shell elements in STAGS are four- or five-node quadrilateral elements or three-node triangular 
elements.  The less accurate three-node triangular element, however, is not recommended by 
NASA.  The use of a five-node quadrilateral element, which has one midside node, facilitates a 
quick transition from a fine mesh to a coarser mesh.  Shell elements in STAGS were formulated 
for all 6 degrees of freedom (DOF) including the rotation about the shell normal vector (also 
known as the drilling DOF).  The in-plane deformation also is a function of the drilling DOF.  
STAGS also supports plane-strain elements for modeling of a plane-strain core surrounding a 
crack.  In addition, the failure of a fastener can be simulated in STAGS analysis through the 
breakage codes for a fastener element. 

The global-local finite element approach was initially chosen for the CTOA residual strength 
analysis in the present WFD project.  There were two reasons for this:  the first was 
computational and modeling efficiency, as stable-tearing analysis of the full model was expected 
to take an excessive amount of time.  The second reason was to take advantage of the automated 
global-local procedure already developed for T*-integral analysis; the same procedure also could 
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be applied to CTOA analysis.  Unfortunately, this approach could not be used with STAGS.  To 
conduct CTOA residual strength analysis, the boundary conditions of the local model must be 
updated to account for changes because of a large crack extension.  Without accounting for these 
boundary changes, erroneous residual strength results would be obtained.  One way to update the 
local boundary conditions is to prescribe these boundary conditions as a function of the lead 
crack, similar to the procedure used in T*-integral analysis.  However, the current version of 
STAGS does not have a provision to restart after the boundary conditions are updated.  Hence, 
the global-local procedure appears not to be feasible for CTOA analyses. 

As in T*-integral analysis, modeling of two very small diametric cracks (MSD <0.04 inch) 
emanating from a loaded fastener hole raises some concern.  The CTOA of MSD less than 0.04 
inch long must be measured from the MSD tip at a distance much smaller than the well-
established value of 0.04 inch.  To overcome this difficulty, as before, the two diametric cracks 
emanating from a fastener hole are modeled as a single slit (or crack) with a length equal to the 
physical lengths of the two cracks plus the diameter of the hole.  STAGS analysis requires that 
the mesh around the crack tip and along the crack trajectory path must be very fine with a typical 
element size of 0.04 inch to obtain accurate results.   

To improve the convergence rate in STAGS, the following steps should be considered.  First, a 
tangential stiffness approach should be employed in the elastic-plastic stable tearing analysis.  It 
should be noted that the analysis file automatically generated by FRANC3D uses an initial strain 
approach.  Second, the mesh should not contain skewed elements, especially those close to 
triangular shapes.  Currently, STAGS has two different equation solvers.  The newer equation 
solver, Vectorized Sparse Solver (VSS), may not, as was originally thought, be a better choice 
for a stable-tearing analysis.  This is because, even though VSS yielded lower computer 
processing unit times, it can yield a much longer turnaround time than the old solver because of 
extensive swapping of machine random accessory memory, depending on the analyzed 
problems.  However, VSS seldom resulted in a program crash. 
 
2.2.5  FASTRAN-II. 

Correlation of crack growth rates at very small crack sizes was needed in several tasks in this 
program.  Life prediction analyses for these tasks were performed using FASTRAN-II, NASA’s 
fatigue crack growth code developed by Newman [39].  Several reports on short-crack behavior 
[6 and 40] had used FASTRAN to predict crack growth starting from about the size of an 
inclusion particle (approximately 10 µm).   

FASTRAN-II is based on the plasticity-induced, crack-closure concept.  The FASTRAN-II code 
calculates stresses when the crack tip becomes fully open during cyclic loading.  Crack-opening 
stresses are calculated and output as a function of load history and crack length.  Constant or 
variable amplitude loading, or spectrum loading, can be used in FASTRAN-II.  The code 
predefines many common crack configurations, such as a compact specimen, through or corner 
cracks at a hole, or a single-edge notch specimen.  Capability for a user-defined crack 
configuration is also included.  
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FASTRAN-II version 3.7, written in FORTRAN code and compiled to run on the personal 
computer, was used in these analyses.  According to NASA, this version of FASTRAN-II is 
more accurate for spectrum loading. 

2.2.5.1  FASTRAN-II Crack Closure Model. 
 
The crack closure analytical model used by FASTRAN-II is shown at maximum and minimum 
stress in figure 2-10.  Rigid perfectly plastic bar elements are used to model the crack.  These 
elements are either intact (representing the plastic zone, ρ, at the crack tip) or broken (in the 
region of residual plastic deformation).  At minimum stress, the broken elements in contact are 
still capable of carrying compressive stresses.  At maximum stress, when the crack is fully open, 
a constraint factor, α, is used to modify the value of the tensile flow stress, σo, for the intact 
plastic zone elements to represent either plane-stress or plane-strain conditions.  
 

 
FIGURE 2-10.  SCHEMATIC OF FASTRAN’S ANALYTICAL CRACK CLOSURE MODEL 

UNDER CYCLIC LOADING 
 
2.2.5.2  Input to FASTRAN-II. 
 
Parameters input to FASTRAN-II include material properties, the specimen type and its 
geometry, the loading schedule, fatigue crack growth rate data, and α, the constraint factor.  

Growth rate data can be input as an equation or as a table-lookup procedure.  The table option 
was used in all analyses in this report since a table describes experimental data more accurately 
than does an equation.  Tabulated dc/dN versus ∆K data for Al 2024-T3 was taken from  
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Newman [41].  This data was a refinement of the data used in the AGARD short crack growth 
reports and was developed from subsequent small- and large-crack tests completed after the 
AGARD program. 

An important input parameter is the constraint factor, α, which is used in FASTRAN-II to 
account for the effect of the state of stress on the plastic zone size.  This constraint factor can 
vary from one (for pure plane stress) to three (pure plane strain).  The program allows either a 
constant or a variable constraint factor to be input.  For the variable option, the user inputs two 
values, α1 and α2, for the constraint factor, at two different crack growth rates.  These rates 
represent the start and end of the transition range, where crack growth changes from flat to slant.  
Within this transition range, FASTRAN varies the constraint factor linearly as a function of the 
logarithm of the crack growth rate.   

Figure 2-11 shows the α transition range for Al 2024-T3 [41].  To set a variable constraint factor 
for this material, the user inputs α1 = 2 for a crack growth rate up to 1E-07 m/cycle (3.96E-06 
in/cycle) and α2 = 1 for a growth rate of 2.5E-06 m/cycle (9.84E-05 in/cycle) and above.  The 
program automatically varies the value of the constraint factor between these two points.  

 
 

FIGURE 2-11.  dc/dN VERSUS ∆Keff CURVE SHOWING THE α TRANSITION RANGE 
(From reference 41) 

 
Individual task descriptions detail the specimen types chosen for the FASTRAN analyses and 
whether constant or variable constraint factors were used.  

2.3  LITERATURE SURVEY. 

The list of literature on the subject of WFD is very extensive; only texts cited in this report are 
listed in section 13.  A compete list, in seven subject categories, is given in appendix A. 
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3.  ANALYSIS PROCEDURES. 

This section documents the analytical procedures that have been used in the current WFD studies 
for the purposes of predicting the outcomes of the test programs.  The procedures for residual 
strength analysis of structures that contain a large lead crack and MSD cracks are discussed in 
section 3.1 for using PZL criterion, in section 3.2 for using T*-integral resistance curve criterion, 
and in section 3.3 for using CTOA stable tearing criterion.  The global-local approach is 
discussed in section 3.4, which is used to analyze the SIFs of cracks in a splice joint and to 
predict the stable tearing using T*-integral resistance curve criterion.  The analysis procedure for 
estimating the sizes and distribution of EIFS is discussed in section 3.5.  The common loading 
spectrum that is used for various testing and analyses is discussed in section.3.6.  The common 
finite element modeling technique for a fastener in a splice joint is discussed in section 3.7.  The 
computer codes and command scripts that were used throughout the program are included in 
appendix B and in the database in the electronic format. 

3.1  RESIDUAL STRENGTH ANALYSIS USING PZL CRITERIA. 

This residual strength criterion assumes that the lead crack will linkup with the MSD cracks 
ahead of it, once their plastic zones contact each other.  The highest linkup stress in a multiple 
linkup event is also referred to as the residual strength of the test specimen.  Several equations 
for estimating the plastic zone sizes and the linkup stresses were discussed in section 2.1.2.  The 
plastic zone sizes used in the current study is based on Irwin’s model such that 
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where 

 ρ1 = Plastic zone size of the lead crack 

 ρ2 = Plastic zone size of the MSD crack 

 σ = Remotely applied tensile stress 

 FTY = Material yield strength 

 β1 = Total geometrical correction factor for the lead crack, including the bulging 
factor when appropriate  

 β2 = Total geometric correction factor for the MSD crack 

 K1 = SIF for the lead crack  

 K2 = SIF for the MSD crack 
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The values of the geometric correction factors, β1 and β2, can be obtained from various 
handbooks for specimens with simple geometry, such as collinear cracks in a plain sheet.  For the 
current study, the SIFs for the lead crack and the MSD cracks in complex splice joints were 
obtained using the global-local approach with the FEAM and TKALT codes.  The global-local 
analysis procedures outlined below are further discussed in section 3.4. 

1. Create a global model under a reference applied stress. 

2. Introduce a lead crack to the global model. 

3. Solve the global model using conventional finite element code, NASTRAN, with linear- 
elastic solution. 

4. Extract the results of the global model.  The results will be used for mapping to the local 
model.  A FORTRAN code, fmstrs_nl.f, is used to extract the results.  The code is 
discussed in appendix B. 

5. Repeat steps 2 through 4 for a desired range of lead crack sizes.  

6. Create a local model, which contains a portion of the lead crack and the fastener hole 
ahead of the lead crack. 

7. Map the boundary conditions in step 4 onto the local model in step 6.  A FORTRAN 
code, genfeam_nl.f, is used to map the boundary conditions from global model to local 
model.  The code is discussed in appendix B. 

8. Analyze the local model using the stress-intensity solution option in the FEAM and 
TKALT codes. 

After obtaining the stress-intensity correction factors, the stress that caused the crack to linkup, 
σLU , was calculated using equation 2-9.  A transitional factor, C', was included to better correlate 
with the experimental results.  The general form of the modified linkup stress is shown below. 
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C' was determined using equations 2-11 through 2-15, which were discussed in section 2.1.2. 
 
3.2  RESIDUAL STRENGTH USING T*-INTEGRAL CRITERION. 

The theory of the T*-integral resistance curve fracture criterion was discussed in section 2.1.3.  It 
is assumed that the crack would propagate when the applied stress is increased to a level such 
that the T*-integral at the crack tip reaches the critical value defined by a T*-integral resistance 
curve.  In the numerical simulation, the crack is assumed to extend a small increment under a 
constant applied stress, and the T*-integral is re-evaluated for the new crack tip.  If the new 
T*-integral is less than the specified value for the revised crack length, the applied stress can be 
increased to a higher level until the unstable tearing process occurs.  The T*-integral resistance 
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curves are expressed as a function of crack extension, either in a tabulated format or in a best-
fitting polynomial equation.  The integration contour size used in the analysis should be 
consistent with that used to derive the T*-integral resistance curve.  The procedures of the 
analyses are outlined below. 

1. Create a global model under a reference applied stress. 

2. Introduce a lead crack into the global model. 

3. Solve the global model using conventional finite element code.  Use a linear elastic 
solution if the plastic zone size is small compared to the size of the local model; 
otherwise, use the nonlinear elastic-plastic solution.  

4. Extract the results of the global model.  The results will be used for mapping to local 
model.  A FORTRAN code, fmstrs_nl.f, is used to extract the results.  The code is 
discussed in appendix B. 

5. Repeat steps 2 through 4 for the desired range of lead crack sizes.  

6. Create a local model with a size sufficient to contain a portion of the lead crack and 
several fastener holes ahead of the lead crack tip. 

7. Transform the boundary condition from the results of step 4 to the local model in step 6.  
A FORTRAN code, genfeam_nl.f, is used to map the boundary conditions from global 
model to local model.  The code is discussed in appendix B.  The global-local approach is 
further discussed in section 3.4. 

8. Analyze the local model using EPFEAM and TKALT codes with the stable-tearing 
analysis phase option. 

In step 8, stable tearing was executed using a TCL command file to submit a batch job.  This 
TCL command file was used to specify resources for the input and output files.  It can also be 
used to alter or specify parameters and data required for proper execution of the job.  For 
example, the T*-integral resistance curve, the material properties, the element size along the 
crack path, and the stress and crack extension increments are all defined in that TCL command 
file.  Since the T*-integral resistance curve is contour-size dependent, it is especially important 
to choose the correct size for the T*-integral computation.  An example of the TCL command 
file and the instructions for the syntax of the file are included in appendix B.  The batch job can 
be submitted at ready mode by entering the command tkalt run.tcl.  The crack extension history 
of crack lengths versus load factors is automatically saved in the tear.dat file that resides in the 
specified output directory. 

3.3  RESIDUAL STRENGTH USING CTOA CRITERION. 

The theory behind the CTOA criterion was discussed in section 2.1.4.  It is assumed that the 
crack would propagate if the opening angle measured at a fixed distance behind the crack tip 
reaches a critical value.  This criterion has been implemented in the NASA-sponsored STAGS 
code and other commercially available codes.  The procedure outlined here is developed using 
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NASA’s STAGS code version 3.1.  For other codes, the analyst is referred to the developer’s 
user manuals for modeling and analysis procedures.  The STAGS models can be created using 
the FRANC3D code as a preprocessor.  However, the code is not as robust as other commercially 
available FEM preprocessors, such as PATRAN, in dealing with complex structures.  Therefore, 
it was decided to create the finite element model using PATRAN code and generate a 
NASTRAN file as a temporary file.  The NASTRAN files were checked out first and then 
translated into STAGS format.  The translation code is also discussed in appendix B.  The 
procedure to perform the CTOA residual strength analysis is outlined in the following sections. 

3.3.1  Creating the Finite Element Model. 

The first step was to create a PATRAN database for the structure to be analyzed.  The finite 
element models included the following features.  

1. Element size along the crack path in the stable-tearing zone was refined to a size of 
approximately 0.040 inch.  This element size is selected such that during the stable 
analysis using CTOA criterion, it will be consistent with the critical CTOA, which is 
measured at a distance of 0.040 inch behind the crack tip. 

2. The fastener hole is modeled as a slit for simplification.  The length of the slit is equal to 
the diameter of the fastener hole plus the length of the cracks, if any, on each side of the 
hole. 

3. The strain-core material property was assigned to the elements near the crack path.  The 
total width of the strain core was about twice the thickness of the cracked sheet. 

4. A nodal point was used as the reference point for the beam elements instead of a 
reference vector. 

5. Five-node quadrilateral elements used in the element size transition zones are allowed in 
STAGS but are not available in PATRAN.  To circumvent this limitation, a four-node 
plate element (CQUAD4) was used with a midnode connecting to two neighboring 
elements.  Only one midnode located at any one of the four edges was allowed per 
element.  These CQUAD4 elements were automatically translated into five-node 
elements for STAGS using FORTRAN code. 

6. To perform displacement control stable tearing for the flat test panels, a dummy load was 
applied in the direction of the applied displacement.  The translation code automatically 
changed the dummy load to a unit-forced displacement in the same direction as the loads.  

7. The lead crack was introduced along the critical fastener row.  The beam elements, 
representing the fasteners, were connected to the bearing side of the crack surface only.  
The length of the crack in the model was long enough to encompass the initial crack size 
plus expected stable tearing.  For unstiffened flat panels, stable tearing was predicted for 
a minimum length of three fastener pitches.  For stiffened curved panels, stable tearing 
was performed to the length at least two fastener pitches beyond the first stiffener. 
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3.3.2  Creating the NASTRAN Bulk Data File. 

Once the modeling was completed, a NASTRAN bulk data file was generated.  The appropriate 
load case and constraints were applied.  The NASTRAN model was analyzed first to check for 
any errors and to verify the applied load and boundary conditions.  A FORTRAN code, n2s.f, 
was used to translate the NASTRAN input deck to the STAGS input deck.  The code is discussed 
in appendix B.  In the control file of n2s.f code, the following parameters should be defined: 

1. Solution type, either linear static analysis or nonlinear stable-tearing analysis. 

2. Filename of the input NASTRAN file and output STAGS files. 

3. Load case identification number in the NASTRAN. 

4. Length of the initial lead crack. 

5. Number of the MSD cracks and their sizes. 

6. Critical CTOAs for fatigue crack tip and saw cut simulation.  The critical CTOAs must 
be verified based on coupon tests.  

7. Filename of the file containing the definition of the cracks (G-5 cards). 

8. Filename of the file containing the definition of the five-node elements. 

9. Filename of the file containing the definition of the rigid elements (G-2 cards). 

10. Filename of the file containing the material and stress-strain curve library. 

11. Filename of the file containing the cross-reference between the material identification 
numbers for NASTRAN and the material library. 

Two output files were created from this translation program:  *.inp and *.bin, where * denotes 
the model name.  The *.inp contained the model definitions, and *.bin contained the parameters 
for execution sequence. 

3.3.3  STAGS Analysis and Results. 
 
The STAGS batch job was submitted by entering the following command at ready mode:  stags 
-b *.  For stable-tearing analysis, the applied loads were gradually increase, and the crack tip 
locations and CTOA for selected load steps were printed in the *.out2 file.  Selected solutions 
such as stress components or displacements were also printed in the *.out2 file.  The complete 
output for selected load steps was stored in the *.res file.  Tabulated stress/displacement/forces 
versus load steps were created from the *.res file using xytrans code. 

The deformed shapes and stress contours were also generated using pitrans code and plotted 
using PATRAN code.  The xytrans and pitrans codes were both developed by NASA and 
Lockheed Martin as part of the STAGS executable package.  The structure becomes unstable 
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when the crack continues to propagate without increasing the applied loads.  The applied load or 
stress at this point is also referred to as the residual strength of the skin. 

In addition to the tearing failure mode in the skin, for the stiffened panels, it was necessary to 
check for the failure mode of the stiffeners.  The critical areas of the stiffeners were determined 
from the stress contour plots.  Once the critical element or elements were defined, their stresses 
were retrieved using the xytrans code and compared to the material ultimate strength to 
determine the maximum allowable load for the structure.  It is recommended that the analyst use 
the average stress on both surfaces of the selected elements.   

While running the STAGS, it is not uncommon to encounter errors.  Most of the problems may 
be attributed to modeling errors, such as improper constraints, improper crack definitions, and 
improper element connectivity, just to name a few.  Other possible errors may be caused by the 
limitation of the code or the computing resources, such as insufficient memory or disk storage 
space allocated for the job. 

3.4  GLOBAL-LOCAL APPROACH. 

Figure 3-1 shows the flowchart of global-local approach.  First, the global models were 
generated using PATRAN as a preprocessor.  Using this parent model, a series of NASTRAN 
input files were created:  each contained a unique lead crack size, varied by an element length, 
along the critical fastener row.  Each cracked model was assigned with a unique run number for 
identification purposes.  The run numbers also corresponded to the sequential node numbers, 
counting the first node at the centerline along the crack path as number one.   

The NASTRAN static linear elastic solution was used to analyze the cracked model.  The 
element stress, fastener loads, and nodal displacements from the NASTRAN output *.f06 files 
were extracted and saved as separate files.  This process was repeated for all runs.  A computer 
code was used to retrieve the saved boundary conditions and map them onto the local models and 
to create complete FEAM and EPFEAM input files. 

3.4.1  Creating Global Models. 

The global model is also referred to as the parent model because it can be used to create a series 
of models that are identical, except for different crack sizes.  Coarse-meshed elements were used 
in the global model, and the fasteners near the areas with MSD were modeled with beam 
elements or the equivalent.  For typical fuselage structures, the frames and longerons far away 
from the MSD area were modeled using beam elements.  The global model contained boundary 
conditions and loadings that were representative of the actual test specimens.  Once the global 
model was generated, a NASTRAN bulk data file was created from the preprocessor code.  The 
NASTRAN code was chosen for its readily availability to this MSD study team.  The procedures 
discussed here can also be applied to other finite element analysis (FEA) codes with proper 
interface software.  Checkout runs were performed to verify that proper loading and constraints 
in the model. 
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FIGURE 3-1.  FLOWCHART OF MAPPING GLOBAL-LOCAL BOUNDARY CONDITIONS 
 
3.4.2  Introducing a Lead Crack to the Global Models. 

The lead cracks were selected to cover the expected crack propagation ranges, i.e., no less than 
the physical length of the initial crack to a maximum length of at least two full fastener pitches 
longer than the initial crack length.  One model was created for each unique crack length, and the 
length of the crack was advanced by one element size along the crack path.  The fasteners were 
connected to the bearing side of crack surfaces along the crack path. 
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3.4.3  Analyzing the Global Models. 
 
The global models were analyzed using the NASTRAN linear elastic solution, solution number 
101, for the purposes of generating boundary conditions for the local model.  The local model 
was then used to compute the SIFs.  A 10-ksi gross stress was applied to the top edge of the 
global model.  Selected results of element stresses, nodal displacements, and the fastener forces 
were requested for outputs in ASCII format. 

For the T*-integral resistance stable-tearing analysis, the global models were analyzed using 
NASTRAN nonlinear analysis, solution number 106.  Elastic-plastic material was used to model 
the skin components.  A 20-ksi gross stress was applied to the top edge of the global element 
model.  Selected results of element stresses, nodal displacements, and the fastener forces are 
requested at an increment of every 2 ksi between 0 and 20 ksi.  The NASTRAN results were 
extracted from its *.f06 output file using the FORTRAN code fmstrs_nl.f.  The code is discussed 
in appendix B.  
 
3.4.4  Creating a Local Model. 

The local model was created using PATRAN code.  The ABAQUS option was chosen as the 
analysis code and the output format.  The fastener holes were only modeled when solving the K 
solutions.  For stable-tearing analysis, the fastener hole and the MSD cracks were combined and 
modeled as a single slit, as shown in figure 3-2.  The reason for modeling the hole as a slit is that 
the contour for the T*-integral integration is not allowed to intersect with any free surfaces 
except for the crack itself; refer to figure 3-2(a).  If the shape of the hole is modeled, the MSD 
cracks must be larger than the contour size of 0.087 inch that was used to derive the T*-integral 
resistance curve.  If the contour size is less than 0.087 inch, computational errors will occur.  
Modeling the hole and the MSD as a single slit will allow the T*-integral integration for the 
MSD size investigated, 0.050 inch.  
 
 
 
 
 
 

1T238235

 
 
 (a) 
 
 
 
 
 
 
 
 (b) T*

 
 
 
 
 
 
 
 

 

 
 
 
 

e 

T* Integration Contour Intersects With Hole Not Allowed

Contour  

Crack Path 

MSD Crack

e

 Integration Contour Intersects With Cracked Surfaces Allowed

Hole Modeled as a Slit  

Fastener Load 

 
FIGURE 3-2.  MODELING THE FASTENER HOLE AND MSD AS A SLIT 
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The length of the model was longer than the length of five fastener pitches.  The origin of the 
reference coordinate for the local model was aligned with the center of the first fastener hole in 
front of the lead crack tip, figure 3-3.  The height of the panel was at least two fastener pitches.  
The smallest mesh size along the crack path was approximately 0.040 inch in size, in order to 
obtain more accurate solutions.  The thickness of the local model was set to 1 inch.  Eight-node 
shell elements were used for all elements.  A FORTRAN code, meshfem.f, was used to translate 
the ABAQUS input deck into FEAM format.  The code is discussed in appendix B.  

 
Local FEAM Model Global NASTRAN Model

Origin of Local Model

Lead Crack

 
FIGURE 3-3.  MAPPING OF BOUNDARY CONDITIONS FROM GLOBAL 

MODEL TO LOCAL MODEL 
 
3.4.5  Creating Boundary Conditions for the Local Model. 

The boundary conditions of the local model were mapped from the finite element solutions of the 
global model.  To perform boundary condition mapping, the local model was placed over the 
global model, such that its origin of the reference system aligns with the center of the first 
fastener hole ahead of the lead crack.  As shown in figure 3-4, forced displacements were applied 
to the nodes along the lower edge.  The forced displacements were linearly interpolated based on 
the nodal displacements of the global model under a reference load condition.  For each nodal 
point along the other three edges, a pair of tractions, Fx and Fy, were calculated based on the 
element stress from the global model.  The fastener loads were applied as concentrated forces at 
the corresponding centers of the fasteners.  For the fasteners located along the crack path, the 
loads were applied at a distance equal to the fastener radius away from the crack path.  The 
magnitudes of the concentrated loads were calculated based on the shears in the beam elements 
from the global model.   

For convenience of computation, in the T*-integral stable-tearing analysis, the NASTRAN 
results for different stress levels were scaled to an equivalent stress of 1.0 ksi before being 
mapped to the local models.  The boundary conditions for the appropriate stress level were 
linearly interpolated from the database for any crack length requested by the TKALT code.  
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FIGURE 3-4.  APPLIED LOADS AND BOUNDARY CONDITIONS FOR LOCAL MODEL 
 

Three input files were generated for each lead crack length.  They were used to define (1) the 
EPFEAM model, tractions, and displacements along its boundaries, (2) the fastener loads as 
point loads, and (3) the coordinates of the crack tips, respectively.  The computer code for the 
boundary condition mapping, genfeam_nl.f, is discussed in appendix B. 

3.5  PROCEDURES FOR DETERMINING THE EIFS. 

This section documents the procedures that have been used to determine the EIFS sizes for the 
EIFS test panels.  The analysis steps are outlined below and are discussed in the following 
sections. 

1. Determine stress and fastener load distribution in the splice joint. 

2. Select an appropriate crack growth model. 

3. Determine theoretical stress-intensity correction factor for splice joint geometry and load 
and stress distribution.  

4. Perform crack growth predictions using FASTRAN-II with various EIFS sizes.  

5. Determine additional stress-intensity correction factors, if required, to match the crack 
growth prediction with the experimental results. 

6. Repeat steps 4 and 5 until the predicted crack growth pattern matches the measured data.  

7. Repeat step 4 to create crack growth history matrices for various EIFS sizes. 
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8. Interpolate the EIFS for each experimental crack growth data point and find the average 
EIFS size for each cracked location. 

3.5.1  Internal Load Distribution Analysis. 
 
The first step to predict the growth of cracks emanating from a fastener hole was to obtain the 
stress distribution at the splice joint.  The load distribution was determined using finite element 
models.  In general, the basic information needed for the crack growth analysis included the 
following as a minimum: 

• Fastener shear distribution, bearing loads, or bearing stresses 
• Average far-field tensile stress 
• Bypass tensile stress 
• Local-bending stress 
 
3.5.2  Select a Crack Growth Model. 

The second step was to select a crack growth model, such as a loaded hole with two corner 
cracks at its edge, from the available library in the FASTRAN code or any other code that can 
best simulate the geometry and the stress distribution of the area of interest.  The loading history 
of the structure, such as the number of cycles and the magnitude of the loads, were based on the 
applied test loads.  The appropriate material type from the material property library was selected.  
The crack growth codes normally provide a library of crack growth rates for various materials 
commonly used in the aircraft industry. 

3.5.3  Determine Geometry Correction Factors (β Factor). 

The standard geometric correction factors in FASTRAN were used as the baseline for the crack 
growth prediction.  For a simple straight-shank hole solution, the β factor generally includes the 
correction factors for the shape and length of the crack, the effects of far-field stress, far-field-
bending stress, bypass tensile stress, and the fastener-bearing stress.  The FASTRAN-II code was 
modified to include additional β factors as needed, such as the β factor for a neat fit pin.  What 
were lacking in the FASTRAN-II was the correction factors to account for the geometric effects 
of a countersink and the contact stress between the fastener and the hole.  The β factor for a 
countersunk hole is extremely complicated and depends on the angle of countersink, the location 
of crack, the aspect ratio between the crack depth and the crack length, and the shape of the 
crack.  The contact stress is a nonlinear combination of fastener preload, as a result of 
manufacturing processes, and the external applied loads.  The distribution of the contact stress 
varies as the applied load changes.  Prediction of the contact stress effects on the crack growth 
rates is extremely difficult and remains in the academic research stage.  Since the size of the 
EIFS remains small for most of the fatigue life, the unknown factors mentioned above have a 
profound effect on the MSD crack growth. 
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3.5.4  Create Crack Growth History Matrices. 

A series of crack growth curves were generated to encompass the experimental data points.  The 
first step was to assume the initial crack sizes and shapes based on engineering judgment.  
Newman [7] was able to obtain good agreement for the fatigue life of 2024-T3 sheet using an 
EIFS size of 0.00012 inch in length and 0.00047 inch in depth, emanating from an open hole.  
This EIFS size was used as a baseline in the current WFD study.  The EIFS sizes used in the 
study also included eight EIFSs of (0.00012 × 0.00047 inch) × (0.65)n-1, and eight EIFSs of 
(0.00012 × 0.00047 inch) × (0.65)-n, where n is an integer  form 1 to 8.  It was found that using 
this EIFS range, 0.000006 to 0.0037 inch in length, all experimental data points were bound by 
the crack growth prediction matrices.  The predicted crack growth histories were plotted and 
compared with the measured data.  A mismatch in the crack growth patterns of analytical and 
measured data indicates that either the crack growth model or the input data were not appropriate 
for the structure analyzed, and the crack growth predictions must be redone with a new set of 
geometric correction factors discussed in section 3.5.5. 

3.5.5  Experimentally Determined Additional Stress-Intensity Correction Factors. 

Because it was difficult to account for all pertinent stress-intensity correction factors in the splice 
joint, it was necessary to include additional factors to match the experimental results.  This 
section documents such procedures used in the current EIFS study.  The procedure was coded in 
the UNIX script file betau and is included in appendix B.  The procedure was used to calculate 
the EIFS for the EIFS test panels in section 6 with the following steps. 

1. Synchronizing measured crack growth histories by iteration. 

As depicted in figure 3-5(a), the crack growth history for two cracks of different EIFS, 
one is shown as open squares and the other is shown as solid triangles, were spread out 
along the horizontal axis.  A semilog polynomial equation 
 

  (3-4) ( ) 3
3

2
10 2

NCNCNCCalog t +++=
 

was used to fit all test data, and the offset between the fitted curve and individual data 
points, ∆nij:  i denotes the crack number, and j denotes the data point number of the ith 
crack can be easily determined.  The average offset, ∆Ni, for the ith crack can be 
calculated based on appropriate ∆nij.  By modifying the raw test data of each individual 
crack with the average offset cycle ∆Ni, the crack growth curves can be shifted sideways, 
as shown in figure 3-5(b).  The curve fitting and shifting process is repeated until the 
curves converge into a narrow band.  Generally, it took only a few iterations to obtain 
nicely collapsed crack growth curves.   
 
After the curves collapsed, the fitted curve is modified so that the smallest number of 
cycles was set to zero—the origin of the axes is shifted to the right, as shown in 
figure 3-5(b).  Now the entire crack growth history for each test specimen can be 
represented by an equation with an initial crack, ai, at time zero.  
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A computer code, get_eifs.f, was developed to calculate the numbers of cycles required to 
synchronize the crack growth curves.  If the test data population is small, a first-degree 
semilog polynomial equation should be adequate to fit the crack growth history.  

 
2. Determine the crack growth rates based on the fitted equation for the measured data, 

CGRt. 

The crack growth rate, da/dN for the CGRt, as a function of crack size for the fitted 
equation was obtained by differentiating the semilog polynomial equation.  
 

3. Perform crack growth analysis using FASTRAN-II. 

The crack growth prediction was performed using FASTRAN with the modified initial 
crack size determined in step 1.  Only the basic geometry corrections, such as filled hole 
effect, bending stress, bearing stress, and bypass stresses were considered.  The initial 
length-to-depth ratio of the crack was kept at a constant factor. 
 

4. Determine the crack growth rates based on the fitted equation for the FASTRAN 
prediction, CGRp.  

The equation in step 1 was used to fit the predicted crack growth curves.  The crack 
growth rates were obtained the same way as in step 2.   
 

5. Determine the correction factors as a function of crack length. 

The βu correction factor was estimated by comparing the growth rates of the measured 
data and the FASTRAN prediction as follows: 
 

  (3-5) n
pu )CGR/( tCGR=β

where n is the slope of crack growth rate in Paris’ crack growth rate equation: 
da/dN = c∆Kn, n = 4.08 is used for 2024-T3.  

6. Convergence of βu Factor. 

Steps 3 through 5 were repeated until the correction factor βu converged.  The βu was 
iterated in the subsequent FASTRAN-II run.  It generally only takes five iterations to 
obtain convergence.  
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FIGURE 3-5.  SYNCHRONIZATION OF CRACK GROWTH HISTORY 
 

3.5.6  Determining EIFS From Crack Growth History Matrices. 

An example of crack growth histories with and without using the βu factor is shown in figure 3-6.  
Figure 3-6(a) shows that the crack growth predictions do not resemble the measured data if only 
the theoretical stress-intensity correction factors are used.  Figure 3-6(b) shows the results after 
the βu was determined and included in the crack growth analyses.  Once the crack growth 
patterns were matched, the EIFS associated with the measured data point was linearly 
interpolated from the predicted crack growth history matrices, figure 3-7.  The EIFS size for a 
critical location can then be estimated by averaging the associated EIFS of the measured data 
points from the same location.  The MSD sizes for the entire service history were estimated by 
performing crack growth analysis using the average EIFS for that location.  The UNIX script and 
the computer code used to calculate the EIFS for the test panels are discussed in appendix B. 
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FIGURE 3-6.  COMPARISON OF CRACK GROWTH PREDICTION, EXPERIMENTAL 
VERSUS ANALYTICAL (a) BASELINE STRAIGHT SHANK HOLE AND (b) CORRECTED 

FOR THE EFFECTS OF RIVETED SPLICE JOINT 
 

 
 

FIGURE 3-7.  SCHEMATIC OF EIFS DETERMINATION BY INTERPOLATION OF 
ANALYTICAL CRACK GROWTH PREDICTIONS 

 
3.6  TESTING LOADS. 

The same spectrum loading was used in testing for crack initiation, EIFS distribution, and small 
crack growth.  The following section describes that spectrum.  
 
The above tests also use similar schemes for their constant-amplitude loading with marker 
cycles; this is detailed in section 3.6.3. 

 3-15



3.6.1  Spectrum Loading. 

For this project, a spectrum representing typical loading for a narrow-body fuselage at the crown 
was developed for testing.  To reduce testing time, the spectrum was truncated to remove all 
cycles with stress ranges of less than 6000 psi.  The spectrum was originally created in flight-by-
flight random order; the cycles were then rearranged to place those with the highest peak tensile 
stresses at the beginning of the spectrum.  This cluster of high tensile loads acted to mark the 
fracture surfaces and allow reconstruction of crack sizes and shapes after completion of testing.  
The spectrum had 8566 cycles in a block and was repeated as many times as needed.  The 
maximum stress in the spectrum was 24.4 ksi.  

Multiplying or reduction factors were sometimes applied to the spectrum.  For example, because 
the fatigue life in the crack initiation lives (section 5) was very long, the spectrum was factored 
up to shorten the test time.  For that study only, the maximum spectrum stress was 26.6 ks, with 
all other stresses increased proportionally.  Similarly, because of some early bearing failures in 
the small crack growth specimens (section 7), various reduction factors, depending on the 
specimen type, were applied to the spectrum to reduce the maximum stress (and all other stresses 
proportionally).  

Figure 3-8 is a time-cycle history showing one block, or run through, of the spectrum.  The 
grouping of the high-stress cycles at the beginning of the spectrum block is evident. 
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FIGURE 3-8.  FATIGUE LOAD SPECTRUM 
 
Figure 3-9 is a detailed summary of the spectrum, giving distribution of peaks, ranges, and 
valley-to-peak (V/P) ratios.  
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FIGURE 3-9.  SPECTRUM LOADING FOR SPECIMENS IN GROUP 2 

 
The schematic in figure 3-10 shows a few stress cycles from a notional spectrum, and visually 
defines peak stress, valley stress, stress range, and V/P ratio. 
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FIGURE 3-10.  SCHEMATIC OF PEAK AND VALLEY STRESSES, STRESS RANGE 
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3.6.2  Constant-Amplitude Loading With Marker Cycles. 

Several tests covered in this report used a constant-amplitude loading scheme that included a few 
cycles of a higher or lower stress than the baseline.  These over- or underload cycles were to act 
as markers, leaving indications on the fracture surface that would enable reconstruction of the 
crack shape after the completion of testing.  

Overload marker cycles were used for the first two panels tested, before it was discovered that 
although successful for coupons, they did not make sufficiently distinguishable marks on the 
full-size specimens.  Overload markers were also used for some of the crack initiation specimens 
in section 7.  The overload marker cycle scheme is shown in figure 3-11.  The loading schedule 
is simple:  the constant amplitude, or baseline, stress (which varies for different specimens) is 
applied for 3500 cycles, followed by a single cycle of 130 percent of the baseline stress, and 
another 3500 cycles of baseline stress.  The entire program of 7001 cycles is then repeated as 
necessary.   
 

3500 Cycles
at Baseline Stress

3500
Cycles

3500
Cycles

3500 Cycles
at Baseline Stress

1 Cycle at 130% of Baseline Stress

Repeat

Number of Cycles (1 program = 7001 total cycles)
1T238047.3

 
FIGURE 3-11.  CONSTANT AMPLITUDE WITH OVERLOAD MARKER CYCLES 

 
An underload marker scheme was used for some of the constant-amplitude specimens in the 
EIFS and crack initiation studies, and all the constant-amplitude small crack growth specimens.  
The underload marker cycle scheme is shown in figure 3-12. 
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Baseline
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1000
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FIGURE 3-12.  CONSTANT AMPLITUDE WITH UNDERLOAD MARKER CYCLES 
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The loading schedule for underload markers was as follows:  1000 cycles of the baseline 
constant-amplitude stress, followed by six blocks of marker cycles; another 1000 cycles of 
baseline stress, followed by four blocks of marker cycles; and a final 1000 cycles of baseline, 
followed by ten blocks of marker cycles.  Each marker cycle block consisted of 100 cycles at 75 
percent of the baseline stress (i.e., an underload), followed by, for all but the last block, 10 cycles 
of the baseline stress.  The last block in each pattern was immediately followed by the next 1000 
cycles of baseline stress.  The entire program of 5170 cycles was repeated as necessary.  The 
baseline stress used varied for the different types of specimens, but the stress ratio, R (minimum 
stress to maximum stress in each cycle), was set to 0.02.  Table 3-1 presents the loading schedule 
for underload markers in detail.  

TABLE 3-1.  COMPLETE LOADING SCHEDULE FOR 6-4-10 UNDERLOAD 
MARKER CYCLES 

 
Number of Cycles Stress 

1000 100% of baseline 
repeat 5 times 100 75% of baseline  
 10 100% of baseline  
100 75% of baseline  
1000 100% of baseline 
repeat 3 times 100 75% of baseline  
 10 100% of baseline  
100 75% of baseline  
1000 100% of baseline 
repeat 9 times 100 75% of baseline  
 10 100% of baseline  
100 75% of baseline  

 
3.7  JOINT STIFFNESS. 

Several finite element analyses in this report required the modeling of fasteners.  Tom Swift’s 
widely used equation [42] was used to calculate joint stiffnesses for input to the FEM.  Swift’s 
equation, shown below, was empirically derived for rivets joining two sheets of aluminum.   
 
Swift’s Joint Stiffness Equation 
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where 

 E = modulus of the sheet material 
 d =  rivet diameter 
 t1 = thickness of first sheet 
 t2 =  thickness of second sheet 

For some specimens in this report, the jointed materials were dissimilar, e.g., steel and 
aluminum.  In these cases, a weighted average of the moduli of the two materials was used for E.  
However, since the Swift equation was derived for aluminum sheets only, it may not be 
applicable to cases where there are different materials in the stackup. 

The values for the coefficients A and B vary depending on the rivet material.  Table 3-2 gives 
these values. 

TABLE 3-2.  SWIFT’S EQUATION COEFFICIENTS BY RIVET MATERIAL 
 

Fastener Material 
Parameter Aluminum Steel Titanium 

A 5.0 1.66 4.0 
B 0.8 0.86 0.8 

 
Those fasteners that connect more than two components were divided into smaller segments; 
each segment connects only two adjacent layers.  Swift’s fastener equation originally was 
derived from test results of simple lap joints.  When applied in a multilayered joint that includes 
a relatively thin doubler sandwiched between two skin sheets, such as in the case of type 1 and 
type 4 flat panel splices, the equation tends to predict a lesser stiffness for the intermediate 
segment.  As a result, the interlayer shear is underpredicted, which, in turn, leads to an 
unconservative fatigue life prediction.  To correct this problem, t1 and t2 can be replaced by the 
combined thickness of the doubler and the skin and the computed stiffness assigned to all 
segments of the fastener.  The calculated fastener shear stiffness can be entered directly to the 
FRANC2D/L model as a spring constant.  For the NASTRAN model, the shear stiffness is 
converted into an equivalent shear shape factor, Fs, for the bar elements:  
 

 
f

A
f

G

KL
sF =  (3-7) 

where 

Fs = Shear factor of the bar element 
K = Fastener shear stiffness (lb/in.) 
L = The length of the bar (distance between the midplanes of the sheets) 
Gf = Shear modulus of the fastener  
Af = Cross-sectional area of the fastener, πd2/4 
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4.  MATERIAL PROPERTY TESTING. 

4.1  INTRODUCTION. 

The material property test results were used to characterize the mechanical and residual strength 
and crack growth properties of 0.063-inch-thick Al 2024-T3 clad sheet, used as the skin material 
for the EIFS, MSD, and curved panels for small crack growth.  The raw material, supplied by 
Boeing, came from the same batch as was used in these tasks.  Properties in both longitudinal 
and long-transverse directions were generated.  The specimen design, fabrication, and testing 
were done either by Boeing or by AFRL at WPAFB. 

The test objective, specimen configurations, and results are described in the following sections. 

4.2  OBJECTIVE. 

The material properties of aluminum may change slightly from batch to batch, even if the alloy 
content is the same.  To facilitate test and analysis correlation, and for future reference, three 
different tests were conducted to characterize the material properties of the aluminum batch used. 

• Tensile coupons—to develop stress-strain curves and determine tensile mechanical 
properties:  Young’s modulus, yield strength, ultimate strength, and elongation. 

• Four-inch-wide M(T) specimens—to determine crack growth rate da/dN curves at 
different R-ratios. 

• Forty-eight-inch-wide M(T) panels—to determine crack resistance Kr curves.  These 
curves were not directly used during this program, but the stable-tearing data were used 
to establish the T*-integral resistance curve in section 8.10.4.3.  

4.3  TEST MATRIX. 

A matrix describing the specimens tested under this task is included in table 4-1. 

4.4  TENSILE COUPONS. 

The dimensions of the tensile coupon are shown in figure 4-1.  Four specimens were fabricated.  
Two specimens had the grain direction parallel to the loading direction (longitudinal direction) 
and two had the grain direction perpendicular to the loading direction (long-transverse direction).  
The specimens were 3.25 inches long with a 0.135-inch constant width at the center of the 
specimen.  The tests were conducted in accordance with American Society for Testing and 
Materials (ASTM) designation E8 at room temperature.  Detailed test data can be found in 
appendix C. 
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TABLE 4-1.  TEST MATRIX 
 

Type of 
Test 

Specimen 
ID 

Specimen 
Configuration 

Al 2024-T3 Clad 
Grain Direction 

Material 
Thickness R-Ratio 

Tensile L1 
L2 

Dogbone 
0.135″ Wide 

Longitudinal 
(T-L) 0.063″ — 

Tensile T1 
T2 

Dogbone 
0.135″ Wide 

Long Transverse 
(L-T) 0.063″ — 

da/dN CR-1 
CR-2 M(T) 4″ Wide L-T 0.063″ 0.5 

da/dN 
CR-3 
CR-4 
CR-5 

M(T) 4″ Wide L-T 0.063″ 0.0 

da/dN CR-6 
CR-7 M(T) 4″ Wide L-T 0.063″ -0.1 

da/dN 
CR-8 
CR-9 
CR-10 

M(T) 4″ Wide T-L 0.063″ 0.5 

da/dN CR-11 M(T) 4″ Wide T-L 0.063″ 0.1 

da/dN CR-12 
CR-13 M(T) 4″ Wide T-L 0.063″ 0.0 

da/dN CR-14 
CR-15 M(T) 4″ Wide T-L 0.063″ -0.1 

da/dN CR-16 M(T) 4″ Wide T-L 0.063″ -0.5 

Kr 
KR-1 
KR-2 M(T) 48″ Wide T-L 0.063″ — 

1T238012.2

 
3.25 in.

1.0 in.

0.063 in.

0.135 in.

 
 

FIGURE 4-1.  TENSILE COUPON CONFIGURATION 
 

The stress-strain relations are plotted in figure 4-2 for the longitudinal direction and the long-
transverse direction.  Table 4-2 provides the corresponding Young’s modulus, 0.2 percent tensile 
yield strength, ultimate tensile strength, and percentage of elongation.  The data are based on the 
average test results for each grain direction.  The test data are consistent with the published data 
from MIL-HDBK-5H, shown in figure 4-3. 
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FIGURE 4-2.  TENSILE STRESS-STRAIN CURVE FOR Al 2024-T3 CLAD, ROOM 
TEMPERATURE, THICKNESS 0.063″ 

 
TABLE 4-2.  TENSILE MECHANICAL PROPERTIES OF Al 2024-T3 CLAD 

 

Grain Direction 

Young’s 
Modulus  

(ksi × 103) 

Yield 
Strength  

(ksi) 

Ultimate 
Strength  

(ksi) 
Percent 

Elongation
Al 2024-T3 Clad Longitudinal 
Direction 

10.3 47 64.5 19.7 

Al 2024-T3 Clad  
Long-Transverse Direction 

10.4 42 63.6 18.8 
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FIGURE 4-3.  COMPARISON OF STRESS-STRAIN CURVES FOR Al 2024-T3 CLAD, 

ROOM TEMPERATURE 
 
4.5  CRACK GROWTH RATE. 

The dimensions of the M(T) specimens used to develop crack growth curves are presented in 
figure 4-4.  The initial cracks were oriented in either the grain longitudinal (T-L specimens) or 
long-transverse (L-T specimens) directions.   

Tests were conducted in accordance with ASTM E 647 at a loading rate of 5 Hz in laboratory air 
temperature of 73.4°F.  
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FIGURE 4-4.  da/dN COUPON CONFIGURATION 
 
An example crack growth rate (da/dN) versus ∆K plot (Al 2024-T3 clad, L-T direction, and 
R-ratio of 0.5) is shown in figure 4-5.  In this example, only the raw data were presented and no 
curved fitting was attempted.  The remaining test results are included in figures C-1 through C-7 
in appendix C. 
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FIGURE 4-5.  da/dN FOR Al 2024-T3 CLAD, L-T DIRECTION, R = 0.5, LAB AIR, 
ROOM TEMPERATURE 

 
4.6  CRACK RESISTANCE CURVE. 

The dimensions of the M(T) specimens used to develop Kr resistance curves are presented in 
figure 4-6.  The height of the panel was constrained by the grain direction requirements, the 
width requirements, and the available material product forms.  No height-to-width correction 
factors were used.  Testing was conducted in accordance with ASTM E 561, using antibuckling 
guides, shown in figure 4-7, under room temperature and in laboratory air. 
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Notch Length 
2 an = 14.0 in.

48.0 in. 

0.063 in. 

48.0 in.

3/16 in. Dia. 
Grain Direction L C 

 
FIGURE 4-6.  Kr SPECIMEN CONFIGURATION 

 
 

Size : 48” x 48”
Material: Clad Alum. 2024-T3 TL

Anti-buckling Guide

View window for Crack 
Length Measurement

Crack tip

Size : 48” x 48”
Material: Clad Alum. 2024-T3 TL

Anti-buckling Guide

View window for Crack 
Length Measurement

Crack tip

 
FIGURE 4-7.  Kr TEST SETUP 
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Test results from two specimens, both with initial cracks oriented in the longitudinal direction, 
are included in figure 4-8.  Effective crack length (aeff) and effective crack resistance (Kreff) are 
plotted in the figure.  aeff is defined as the physical crack length plus the crack tip plastic zone 
size adjustment, as specified in ASTM E 561.  The effective crack resistance is defined in terms 
of effective crack length.   

 
FIGURE 4-8.  R CURVE FOR Al 2024-T3 CLAD, T-L DIRECTION, 48-inch-WIDE PANEL 

 
Lab work sheets for both panels and a plot of applied force versus crack-opening displacement 
(COD) at the center of one panel are included in figures C-11 through C-14 in appendix C. 
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5.  CRACK INITIATION. 

5.1  INTRODUCTION. 

Most of the time needed for MSD formation under cyclic loading is spent in the crack initiation 
stage; that is, the initiation of a crack at an inclusion particle cluster or void in the material.  
Therefore, it is important to study crack initiation and use the best analytical tools to predict 
when initiation occurs. 

An approach employing the linear elastic fracture mechanics (LEFM) method for crack initiation 
fatigue analyses has recently been used in two reports from AGARD [6 and 40].  In these 
studies, chemically polished single-edge notch tensile specimens were tested under several 
constant-amplitude and spectra loadings; the test results correlated well with FASTRAN 
calculations.  Chemical polishing was done to remove residual stresses caused by notch 
fabrication.  The spectra used included the fighter aircraft wing spectrum FALSTAFF, the 
European transport wing spectrum TWIST, and the standard helicopter load sequence FELIX.  
The plastic-replica method employed for crack measurement was reported to be accurate down 
to a crack length of 0.0002 inch (5 µm). 

Some questions that need to be addressed before the AGARD approach could be extended to 
predicting fuselage MSD initiation were: 

1. What are the appropriate EIFS and flaw shapes that should be used for structures under 
realistic transport fuselage loading? 

2. What effect does the residual stress caused by the hole-drilling process have on the crack 
initiation life? 

3. High stress in a fuselage splice joint can yield the rivet hole edges, making the small-
scale-yielding assumption of LEFM invalid for small cracks emanating from these yield 
zones.  For engineering applications, it would be useful to extend the validity of LEFM 
into this regime.  A test and analysis correlation at high stress levels is needed. 

The following sections describe the crack initiation test specimen, test procedures and results, 
and test and analysis correlation of the initiation lives for semicircular edge notches.  The 
specimens were fabricated by Boeing, chemically polished by AFRL at WPAFB or by Boeing, 
and tested at BIAM.  After the tests, the CAAC studied the fracture surfaces of selected 
specimens using SEM. 

5.2  OBJECTIVE. 

The primary objective of this study was to resolve the three issues enumerated in section 5.1 and 
to validate the testing approach. 

1. Validate testing method.  The plastic-replica method was used in the AGARD reports [6 
and 40] to detect crack initiation site(s) and to monitor crack propagation.  However, in 
this study, the plastic-replica method was used only to detect initiation site(s); the 
microscope method was subsequently used to monitor crack propagation.  Potential test 
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result differences between these two approaches could be due to replica shrinkage or to a 
crack growth rate change caused by the chemical solution used to make replicas.  The 
small crack growth da/dN data at R = 0.1 from the AGARD references were selected as 
the baseline.  The new testing method was validated by comparing the AGARD da/dN 
data with data generated by the new microscopic method.   

 Group 1 specimens, shown in table 5-1, were designed to achieve this testing method 
validation. 

 
2. Determine initial crack sizes, crack shapes, and effects of residual stress under realistic 

fuselage loading.  Perform coupon testing of chemically polished and production quality 
notches under two loading scenarios representative of cabin pressure constant-amplitude 
and typical fuselage flight spectrum loading.  EIFS can be determined by correlating the 
FASTRAN analyses with the test specimens, and an extrapolation of the crack growth 
back to time zero.  The SEM study can unveil crack shapes from different loading 
conditions.  Comparing the EIFSs from polished and production notches could determine 
the effect of residual stress induced from the production process.   

 To validate the LEFM approach for the regime of a large plastic zone area, all peak 
maximum testing stresses were set to yield the material in the neighborhood of the notch.  
Supplemental tests and correlations were conducted on two specimens tested under 
constant-amplitude, but at a higher stress ratio of 0.5 to see the effect of the R-ratio.  

 
As shown in table 5-1, group 2 and group 3 specimens were used to determine initial crack sizes, 
crack shapes, and effects of residual stress.  Group 4 specimens were designed to study the 
R-ratio effect. 
 
5.3  TEST MATRIX. 

The test matrix is given in table 5-1.  Twenty single-edge notch specimens were tested.  Group 1 
contains the first six specimens, CIL-2, CIL-3, CIL-4, CIL-13, CIL-14, and CIL-15.  They were 
identical in configuration to those specimens prepared in AGARD report No. 732 [40] and, like 
those specimens, had chemically polished notches.  Group 1 specimens were subjected to 
constant-amplitude loading, as defined in section 5.6, to generate small crack da/dN data at stress 
ratio, R = 0.1.  These newly generated da/dN data were plotted together with those from 
reference 50.  Good correlation validated the test setup and data acquisition system.  Three 
different maximum stresses were used:  17 ksi for CIL-2 and CIL-13, 19.6 ksi for CIL-3, and 
18.9 ksi for CIL-4, CIL-14, and CIL-15. 

Group 2 contains six specimens:  CIL-9, CIL-10, CIL-21, CIL-18, CIL-19, and CIL-23.  The 
first three specimens, with representative production quality notches, were tested under a typical 
fuselage flight spectrum loading, as defined in section 3.4.1, to generate crack growth curves.  
The other three specimens, with chemically polished notches, were also spectrum-loaded to 
generate crack growth curves.  To determine the SIFs for different crack lengths, the ratio of 
crack length (2a) to crack depth (c) must be known.  Postfailure SEM analyses were used to 
reveal crack shapes and to compare them with the crack shape equation as given in reference 40.  
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FASTRAN crack growth correlation and back extrapolation to time zero can determine the EIFS 
under spectrum loading.  

TABLE 5-1.  CRACK INITIATION SPECIMENS TEST MATRIX 
 

Group 
Test 

Objective 
Specimen 

No. 
Loading 

Condition 

Maximum 
Stress 
(ksi) 

Thickness (in.) 
Al 2024-T3 

Bare 
Notch 

Preparation Comments 
CIL-2 17.0 
CIL-13 17.0 
CIL-3 19.6 
CIL-4 18.9 
CIL-14 18.9 

1 Testing 
method 
validation 

CIL-15 

Constant,  
R = 0.1 

18.9 

0.09 Polished  

CIL-9 
CIL-10 
CIL-21 

Production 

CIL-18 
CIL-19 

2 Determine 
the initial 
crack sizes, 
crack shapes, 
and residual 
stress effect 

CIL-23 

Spectrum 26.6 0.10 

Polished 

 

CIL-12 18.1/13.6 0.09 Underload 
markers* 

CIL-40 21/27.3 0.10 

Polished 

Overload 
markers** 

CIL-37 Overload 
markers ** 

3 Determine 
the initial 
crack sizes, 
crack shapes, 
and residual 
stress effect  

CIL-38 

Constant 
amplitude 
with 
marker 
cycles,  
R = 0.1 

21/27.3 0.10 Production 

Overload 
markers ** 

CIL-31 
CIL-32 

Constant,  
R = 0.5 

26.1 0.10 Production  

CIL-34 

4 Determine 
the effect of 
R-ratio 

CIL-39 
Constant,  
R = 0.1 

19.6 0.10 Production  

 
*Underload markers: Constant-amplitude loading of 18.1 ksi with underload marker cycles of 13.6 ksi; both 

have R = 0.1.  The block sequence is shown in figure 3-12 in section 3.6.2. 
 
**Overload markers: Constant-amplitude loading of 21 ksi with one overload cycle of 27.3 ksi.  The block 

sequence is shown in figure 3-11 in section 3.6.2. 
 
Group 3 contains four specimens:  CIL-12, CIL-40, CIL-37, and CIL-38.  The first two 
specimens had chemically polished notches, and the next two had representative production 
quality notches; all were tested under constant-amplitude loading with marker cycles to generate 
crack growth curves.  CIL-12 was prepared as a 0.09-inch specimen specifically to provide 
correlation with AGARD report No. 732 [40].  Note that two types of marker cycles were used in 
group 3.  An underload marker cycle scheme was used for the first specimen.  Although this type 
of loading marked the fracture surface well in other areas of this project, it was less effective 
here.  Overload marker cycles were used for the remainder of the group 3 specimens.  Both 
overload and underload markers are described in detail in section 3.6.2.  A postfailure SEM 
analysis was conducted to reveal crack shapes on specimens CIL-40, CIL-37, and CIL-38 (tested 
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with overload marker cycles).  FASTRAN crack growth correlation and back extrapolation to 
time zero were used to try to determine the EIFS under constant amplitude.  

Group 4 contains four specimens:  CIL-31, CIL-32, CIL-34, and CIL-39.  These specimens were 
added as a supplement to assess the effect of higher R-ratios.  Specimens CIL-31 and CIL-32 
were tested under constant-amplitude, R = 0.5, while CIL-34 and CIL-39 were tested at R = 0.1.  
No marker cycles were used for group 4.  A FASTRAN crack growth correlation was conducted 
on these four specimens. 
 
5.4  SPECIMEN DESIGN AND FABRICATION. 

The single-edge notch specimens were made from Al 2024-T3 bare sheet, either 0.09 or 0.1 inch 
thick.  Two 0.063-inch Al 2024-T3 edge doublers were cold bonded on each end of the specimen 
grip areas.  The crack surface is oriented in the L-S direction, and the crack depth is oriented in 
the L-T direction (figure 5-1). 
 
 

L

T 

FIGURE 5-1.  SPECIMEN CRACK ORIENTATION 
 
The edge notch is semicircular with a radius of 0.125 inch.  The stress concentration factor is 3.2 
based on gross stress.  Two types of notch preparation were used in this study. 

1. Polished notches were fabricated by first drilling an undersized notch of 15/64 
(0.234) inch, followed by a three-step, cut-in process.  Using newly sharpened drilling 
bits, the radius of the notch was increased by increments of 0.01, 0.004, and 0.002 inch 
until the final notch size was reached.  This three-step process was used to reduce or 
eliminate compressive residual stresses induced by the cutting process.  Before testing, 
the specimens involved (CIL-2, CIL-3, CIL-4, CIL-12, CIL-13, CIL-14, CIL-15, CIL-18, 
CIL-19, CIL-23, and CIL-40) were chemically polished for 5 minutes to remove a layer 
of material that might still have had machining residual stresses.  The chemical solution 
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used contained 80 percent phosphoric acid, 5 percent nitric acid, 5 percent acetic acid, 
and 10 percent water, heated to 105°C. 

2. Production notches were fabricated in one drilling step, in accordance with applicable 
proprietary OEM specifications.  The production notch specimens were CIL-9, CIL-10, 
CIL-21, CIL-31, CIL-32, CIL-34, CIL-37, CIL-38, and CIL-39. 

Both notch types have a chamfered edge 0.015 inch long at a 45 degree angle.  The notch 
dimensions were measured before and after the chemical polish. 
 
The detailed specimen configurations are defined on drawing ZJ151919 as -1 (production notch, 
0.1 inch thick), -501 (polished notch, 0.1 inch thick) and -503 (polished notch, 0.09 inch thick).  
The drawing is included in appendix D. 
 
The specimen dimensions before and after chemical polishing are listed in table 5-2.  The 
chemical polish had minimum effect on the specimen dimensions. 

TABLE 5-2.  SPECIMEN DIMENSIONS BEFORE AND AFTER CHEMICAL POLISH 
 

 Before Chemical Polish After Chemical Polish 

Coupon 
ID 

Coupon 
Thickness 

(in.) 

Coupon 
Width 
(in.) 

Notch 
Height 

(in.) 

Notch 
Depth 
(in.) 

Coupon 
Thickness 

(in.) 

Coupon 
Width 
(in.) 

Notch 
Height 

(in.) 

Notch 
Depth 
(in.) 

CIL-1 0.08995 1.9985 0.2497 0.1240 0.0877 1.9965 0.25470 0.1230 
CIL-2 0.0897 1.9980 0.2485 0.1243 0.0871 1.9965 0.25480 0.1234 
CIL-3 0.0902 1.9990 0.2493 0.1254 0.0873 1.9970 0.25550 0.1224 
CIL-4 0.0899 1.9985 0.2498 0.1239 0.0874 1.9960 0.25580 0.1237 
CIL-5 0.0899 1.9980 0.2490 0.1259 0.0874 1.9960 0.25510 0.1237 
CIL-12 0.0894 1.9970 0.2504 0.1230 0.0876 1.9965 0.25650 0.1227 
CIL-13 0.0897 1.9985 0.2502 0.1223 0.0878 1.9970 0.25580 0.1241 
CIL-14 0.0896 1.9970 0.2501 0.1251 0.0880 1.9975 0.25600 0.1248 
CIL-15 0.0896 1.9970 0.2503 0.1275 0.0880 1.9970 0.25550 0.1272 
CIL-23 0.0900 2.0000 0.2500 0.1262 0.0878 1.9975 0.25630 0.1258 
CIL-24 0.0900 1.9990 0.2500 0.1272 0.0877 1.9970 0.25560 0.1244 
CIL-6 0.0997 1.9985 0.2508 0.1288 0.0974 1.9960 0.25680 0.1272 
CIL-7 0.0988 2.0000 0.2504 0.1245 0.0977 1.9950 0.25600 0.1208 
CIL-8 0.1000 1.9960 0.2510 0.1218 0.0973 1.9955 0.25520 0.1198 
CIL-16 0.1006 1.9980 0.2513 0.1244 0.0984 1.9955 0.25590 0.1220 
CIL-17 0.1007 1.9980 0.2517 0.1302 0.0983 1.9955 0.25555 0.1294 
CIL-18 0.0990 1.9980 0.2503 0.1244 0.0975 1.9960 0.25550 0.1220 
CIL-19 0.0994 1.9990 0.2507 0.1258 0.0981 1.9970 0.25600 0.1229 
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5.5  CRACK LENGTH RECORD AND CRACK NONINTERACTION CRITERIA. 

During testing, crack lengths and their locations were measured and recorded.  If more than one 
crack appeared on the notch surface, crack validity was checked according to the following three 
criteria and noted on the record sheets.  These criteria were excerpted from reference 40.  The 3D 
FEM results of the validation of the crack noninteraction criteria are presented in section 5.9. 

1. For cracks in line with each other, of lengths L1 and L2, when the distance (d) between 
the adjacent crack tips is less than the length of the longer crack (L1), subsequent data 
from both cracks are rejected (see figure 5-2). 

2. For parallel cracks of lengths L1 and L2, when the distance between the two cracks (d) is 
less than the length of the longer crack (L1), subsequent data from the shorter crack (L2) 
are rejected (figure 5-3).  

3. After two cracks of lengths L1 and L2 have linked up, crack growth rate data from both 
are rejected until the combined crack length (L) is twice the length of the combined 
cracks immediately after joining (L1 + L2) (figure 5-4). 
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FIGURE 5-2.  AGARD NONINTERACTION CRITERION FOR IN-LINE CRACKS 

 

L1

L2
d

Valid Data When d > L1,
Where L1 Is the Longer
Crack

 
 

FIGURE 5-3.  AGARD NONINTERACTION CRITERION FOR PARALLEL CRACKS 

 5-6



1T238045.1

L1

L = 2 (L1+L2)

L2
Valid Data When
L > 2 (L1+L2)

 
FIGURE 5-4.  AGARD NONINTERACTION CRITERION FOR COALESCING CRACKS  

 
5.6  TEST LOADS. 

5.6.1  Constant-Amplitude Loading. 

The first group of six specimens was tested at constant-amplitude loading with R = 0.1.  
Maximum stress was 17 ksi for CIL-2 and CIL-13.  To speed testing, the maximum stress was 
increased to 18.9 ksi for CIL-4, CIL-14, and CIL-15, and increased to 19.6 ksi for CIL-3. 

The fourth group of specimens was also subjected to constant-amplitude loads:  CIL-31 and CIL-
32 with a maximum stress of 26.1 ksi and R = 0.5 and CIL-34 and CIL-39 at 19.6 ksi and 
R = 0.1.  The cyclic frequencies ranged from 15 to 17 Hz for the tests.  

5.6.2  Spectrum Loading. 

Group 2 (CIL-9, CIL-10, CIL-18, CIL-19, CIL-21, and CIL-23) specimens were tested under 
spectrum loading.  The typical fuselage spectrum used is described in detail in section 3.4.1.  
Because fatigue life under this spectrum was very long, the stress level was factored up (to a 
maximum stress of 26.6 ksi rather than 24.4 ksi, with all other stresses increased proportionally) 
to reduce testing time.  
 
5.6.3  Constant-Amplitude With Marker Cycles. 

Specimens in group 3 (CIL-12, CIL-37, CIL-38, and CIL-40) were subjected to constant-
amplitude loading with marker cycles.  Two types of loading were used in testing.  Because the 
originally proposed underload marker cycles (i.e., with marker load lower than test load) proved 
difficult to distinguish under SEM examination, an overload marker was adopted instead.  
Specimen CIL-12 used the underload markers; all others used overload.  All group 3 specimens 
had an R-ratio of 0.1.  

Under- and overload marker cycles are described in detail in section 3.6.2. 
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5.7  FACILITIES AND INSTRUMENTATION. 

The following facilities and instrumentation were used to conduct the tests. 

• MTS810/250kN closed-loop, servohydraulic fatigue-loading fixture. 

• Cellulose acetate sheet, acetone, and an optical microscope to perform the replication 
method at the beginning of the test to determine crack origin(s). 

• A microscope with sufficient resolution to read crack lengths. 

• A camera to take photos during testing.  

• SEM facility capable of conducting fracture surface striation counts and determining 
crack shapes for various crack sizes. 

5.8  TEST PROCEDURES. 
 
• 

• 

• 

• 

• 

• 

• 

• 

Install test specimen in MTS fatigue-loading fixture and make sure that load alignments 
are correct.  

Apply cyclic loading, as specified in section 5.6. 

Periodically stop fatigue cycling and conduct inspection.  Hold load at 80 percent of 
maximum fatigue loading, then use replication method to detect crack initiation site.  If 
crack initiation site is detected, change to microscope for further crack monitoring and 
crack length measurement.  Document notch surface crack length(s) versus cycles. 

Check crack length validity, according to section 5.5, and make note. 

Take photograph of crack(s) for record. 

Stop cyclic testing when one crack grows all the way across notch root or when length 
validity has been violated.  

Increase load monotonically until specimen fails. 

Conduct SEM fractographic study to determine crack shapes at different crack sizes. 

5.9  VALIDATION OF CRACK NONINTERACTION CRITERIA. 

5.9.1  Crack Noninteraction Criteria. 

The AGARD small crack behavior reports [6 and 40] used a set of noninteraction criteria to 
ensure the validity of test data.  The criteria used, which are detailed in section 5.6, basically 
impose the requirement that the distance between two cracks, d, must be equal to or greater than 
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the length of the longer crack.  Cracks that met these criteria were assumed to be far enough 
apart to have no influence on each other’s rate of growth. 

To validate these noninteraction criteria for use in the data reduction portion of this study, a set 
of NASTRAN solid-element models was developed to obtain SIFs for small cracks in proximity.  
The results from the finite element models show that parallel or in-line cracks that met these 
criteria had very little influence on each other’s SIFs. 

The basic NASTRAN model used was a solid-element cube, 0.1 inch on each side, with 
approximately 25,000 nodes (see figure 5-5).  The model included a semicircular surface crack 
of 0.02 inch length and 0.01 inch depth.  Additional models with a second crack of the same 
dimensions (0.02 inch length, 0.01 inch depth), either in line with or parallel to the first crack, 
were also run with the cracks separated either 0.02 inch (i.e., equal to the crack length) or 0.01 
inch (see figure 5-6).  The SIFs of the two- and one-crack models were compared to determine 
the effect of a second crack in proximity.  Appendix D shows deformed plots of the one-crack, 
parallel, and in-line models. 
 

 
FIGURE 5-5.  NASTRAN SOLID-ELEMENT MODEL 

1T238283

1T238284.1

 

d

2a = 0.02 in.
d = 0.02 in. or 0.01 in.

2a

d

2a

 
FIGURE 5-6.  CONFIGURATION OF IN-LINE (RIGHT) AND PARALLEL (LEFT) CRACKS  
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5.9.2  Virtual Crack Closure Method. 

SIFs were calculated from the NASTRAN results using the virtual crack closure method [43].  
Specifically, the strain energy release rate, G, is determined from the equation 

  (5-1) 
wl2

G = Fv1

 
where  

F  = the nodal force at a crack tip grid 
v = the displacement of the grid immediately behind the crack front 
w = the radial distance between two grids 
l = the arc length between two crack front grids 
 

Figures 5-7 and 5-8 show these values schematically. 
 

1T238285.1

crack front
lw

Crack Front

 
FIGURE 5-7.  ARC LENGTH l AND RADIAL DISTANCE w BETWEEN GRIDS 

 

1T238286.1

 
FIGURE 5-8.  NODAL FORCE F AT CRACK TIP AND DISPLACEMENT v 

Once the strain energy release rate is calculated, the SIF, K, is easily determined from the 
following equations 

 
1/22

2
1





== E

wl
FvK;

E
KG  (5-2) 
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5.9.3  Results. 

From the NASTRAN results, SIFs were calculated at φ = π/2 (i.e., at the surface) and φ = 0  (see 
figure 5-9); as expected, stress intensity is highest at the surface.  The SIF for a model with two 
cracks in proximity (K) was compared for a model with only one crack (K0).  The ratio of K 
versus K0 shows the influence caused by a nearby crack. 
 

φ = 0

φ = π/2  
 

FIGURE 5-9.  K IS CALCULATED AT TWO LOCATIONS ON CRACK 
 
Figures 5-10 and 5-11 summarize the results.  In-line cracks that are at least a distance apart 
equal to the length of cracks have an increase in the SIF of 1.1 percent; at half that distance, the 
increase is 2.2 percent.  Parallel cracks show a stronger interaction effect:  at a separation equal 
to the crack length, K is reduced 2.9 percent; at half that distance, K is reduced 6.3 percent.  
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FIGURE 5-10.  EFFECT ON SIF OF NEARBY IN-LINE CRACK 
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FIGURE 5-11.  EFFECT ON SIF OF NEARBY PARALLEL CRACK 
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5.10  TEST RESULTS. 

Tables summarizing the test crack growth results (crack length versus cycles) are presented in 
appendix D. 
 
5.10.1  Crack Growth Data Group 1. 

The first group consisted of 0.09-inch-thick polished notch specimens tested under constant-
amplitude loads to obtain crack growth rate curves for comparison with AGARD data.  Six 
specimens were tested successfully:  two at a maximum stress of 17 ksi, one at 19.6 ksi, and 
three at 18.9 ksi. 

CIL-2 was tested at constant-amplitude loading with σmax = 17 ksi.  The test was stopped at 
555,000 cycles with a crack length of 876 µm.  CIL-13 was tested at constant-amplitude loading 
with σmax = 17 ksi.  The test was stopped at 290,000 cycles because a second crack grew too 
close to the initial one.  CIL-3 was tested at constant-amplitude loading with σmax = 19.6 ksi.  
Early stages of the crack growth were missed; only five data points were recovered.  CIL-4 was 
tested at constant-amplitude loading with σmax = 18.9 ksi.  Three cracks developed in that 
specimen.  The test results after 111,000 cycles for crack 2 and after 129,000 for crack 1 were 
considered invalid because the cracks grew too close together.  CIL-14 was tested at constant-
amplitude loading with σmax = 18.9 ksi.  CIL-15 was tested at constant-amplitude loading with 
σmax = 18.9 ksi.  

5.10.2  Crack Growth Data Group 2. 

Group 2 consisted of 0.10-inch-thick specimens with either chemically polished or production-
quality edge notches, tested under spectrum loading.  The purpose of these tests was to assess the 
effect of residual stresses left in the notches by typical fabrication techniques.   
 
5.10.3  Crack Growth Data Group 3. 

Group 3 consisted mostly of 0.10-inch-thick specimens and included CIL-12, which was 0.09 
inch thick, to ensure some correlation to the specimen configuration in AGARD report No. 732 
[40], with either chemically polished or production-quality edge notches, tested under constant-
amplitude loads with under- or overload marker cycles.  The objective of using marker cycles 
was to determine, from a subsequent SEM study, the crack shapes at different stages of growth. 

5.10.4  Crack Growth Data Group 4. 

Group 4 consisted of 0.10-inch-thick specimens with production-quality edge notches, tested 
under constant-amplitude loads.  Two R-ratios (0.5 and 0.1) were used.  

5.10.5  Residual Stresses. 

Tests of notch surface residual stresses were conducted using X-ray diffractometry by CAAC.  
Figure 5-12 shows a schematic of the measurement angles and locations for this technique.  
Results are summarized in table 5-3.  The range in the results is very large, suggesting great 
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variability in fatigue life.  In addition, both polished and production notch specimens show 
positive (tensile) and negative (compressive) residual stresses.  Production notches, as a 
consequence of fabrication, would be expected to have appreciable compressive residual 
stresses, while the chemical polishing would remove these residual stresses.  Finding residual 
tensile stresses in both types of specimen, with no real difference in the fatigue test results 
between the two, is unexpected.  One cause of the anomalous test results could be that the X-ray 
diffractometry readings were taken on the very face of the notch where there could be surface 
irregularities; compressive residual stresses would be developed in a deeper layer of the material.  

FIGURE 5-12.  POINT OF MEASUREMENT FOR RESIDUAL STRESS 
 

TABLE 5-3.  RESIDUAL STRESS RESULTS FOR POLISHED AND 
PRODUCTION NOTCH SPECIMENS (FROM CAAC) 

 

Specimen Number 
Residual Stress 

(MPa) Notch Surface 
CIL-15 -20 Polished 
CIL-17 +33 Polished 
CIL-20 +7 Production  
CIL-21 +52 Production  
CIL-22 +13 Production  
CIL-9 -66 Production  
CIL-10 +33 Production  
CIL-11 -13 Production  

1T238290

Measured Point

Measured Point 45
deg

45
degNotched Root

 
Because of the large scatter in the test data, the results obtained with this method are 
inconclusive. 
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5.11  CRACK INITIATION LIFE PREDICTION METHODS AND RESULTS. 

Life prediction analyses for the crack initiation specimens were performed using FASTRAN-II.  
See section 2.2.5 for a general discussion of the program. 

For this study, a single-edge notch under tension loading (SENT) specimen type was used.  
Figure 5-13 shows the variations on this specimen type available in FASTRAN-II.  The left side 
of the figure shows the basic configuration.  For a SENT specimen, FASTRAN-II convention 
defines crack dimension a as in the direction of the specimen thickness.  The crack dimension c 
is in the direction of the specimen’s width.  Specific specimen configurations that can be chosen 
are shown on the right.  Analyses for this task set NTYP equal to -7, i.e., a surface crack at the 
center of a semicircular-edge notch under loading S.  For surface cracks, crack length is referred 
to as 2a.   
 

 

FIGURE 5-13.  FASTRAN-II CRACK CONFIGURATIONS FOR SENT SPECIMEN 
NTYP = -7 USED 

 
In the AGARD cooperative test program, specimen cracking initiated at inclusion particles or at 
voids on the notch surface.  The initial crack length, 2a, chosen for FASTRAN-II runs was from 
4 to 10 µm (1.575 × 10-4 to 3.940 × 10-4 in.), corresponding to approximately the size of inclusion 
particles from the AGARD test program.  Figure 5-13 depicts these dimensions.  The initial 
crack depth was calculated by using AGARD-predicted crack shapes [40] (plotted as a solid line 
in figure 5-14).  For a very small crack (crack length very small compared to specimen 
thickness), the crack depth is assumed to be 1.2 times the crack length.  
 
Because the assumed initial crack size is small (3.940 × 10-4 in. or less), the size of the plastic 
zone is very small compared to the thickness of the specimen (0.09 or 0.10 inch).  Pretest 
analyses therefore assumed that a plane-strain condition would result, and a constant constraint 
factor, α, of 1.73 (Irwin’s plane-strain) was used.  However, better correlation was obtained with 
a variable constraint factor; subsequent analyses used values derived by Newman [41] for Al 
2024-T3, described in detail in section 2.2.5. 
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FIGURE 5-14.  SEM-DERIVED CRACK SHAPES VERSUS PREDICTION 

 
A summary of the pretest analysis results is presented in table 5-4.  Note that column 2cf Final 
Crack Size (depth) (in.) represents the limit of the analysis, typically a through thickness crack.  
The final column represents the number of cycles to grow from the initial length 2ai to the final 
length 2cf. 
 

TABLE 5-4.  SUMMARY OF FASTRAN-PREDICTED LIVES (PRETEST) 
 

Group Test Purpose Loading 
2ai (Initial Crack 

Size) (in./µm) 
2cf Final Crack Size 

(depth) (in.) 
Predicted Lives

(cycles) 
1 da/dN (comparison 

with AGARD 
program) 

Constant 
(17 ksi,  
R = 0.1) 

1.575 ×10-4/4 
2.362 × 10-4/6 
3.150 × 10-4/8 

3.940 × 10-4/10 

0.09 (through-crack) 
0.09 (through-crack) 
0.09 (through-crack) 
0.09 (through-crack) 

2,847,000 
918,000 
414,000 
244,000 

 Crack shape Constant 
(17 ksi,  
R = 0.1) 

1.575 × 10-4/4 
2.362* × 10-4/6 
3.150 × 10-4/8 

3.940 × 10-4/10 

0.02 
0.02 
0.02 
0.02 

2,828,000 
898,000 
395,000 
224,000 

2 a versus N 
(comparison of 
notch preparation) 

Spectrum  
(same as 
EIFS task) 

1.575 × 10-4/4 
2.362 × 10-4/6 
3.150 × 10-4/8 

3.940 × 10-4/10 

0.10 (through-crack) 
0.10 (through-crack) 
0.10 (through-crack) 
0.10 (through-crack) 

2,857,000 
1,073,000 

589,000 
406,000 

3 a versus N 
(comparison of 
notch preparation) 

Constant 
(18.1 ksi) 
with marker 
cycles 

1.575 ×10-4/4 
2.362 × 10-4/6 
3.150 × 10-4/8 

3.940 × 10-4/10 

0.10 (through-crack) 
0.10 (through-crack) 
0.10 (through-crack) 
0.10 (through-crack) 

1,689,000 
368,000 
182,000 
126,000 
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5.11.1  Correlation With FASTRAN. 

Test and analysis correlation plots for specimens not discussed in the text are presented in 
appendix D. 

5.11.1.1  Group 1—Calculation of da/dN Versus ∆Keff Curve. 
 
As stated in section 5.2, testing group 1 specimens was designed to verify that a change in crack 
detection methodology from that used in the AGARD reports (i.e., a change from replicas to 
microscopic inspection) would not introduce significant differences in the crack growth results.  
These specimens had the same configuration as the AGARD specimens (0.09-inch Al 2024-T3 
with chemically polished notches) and were subjected to constant-amplitude loading to obtain 
da/dN data.  The crack growth rate  ∆Keff curves from these specimens were then compared to 
the AGARD program data for validation. 
 
Test data (a versus N) were first plotted in Excel, and a power curve was fitted to the data.  
Differentiation of the power curve yields da/dN.  A K solution (SIF solution) for a surface crack 
at a semicircular notch, published in AGARD Report No. 732 [40] was used to obtain ∆K values 
for the crack lengths measured in the testing.  FASTRAN was then run to obtain a table of values 
for those same crack lengths.  Because FASTRAN prints out ∆K and the ratio Kopen/Kmax for each 
crack length, the following equation was used to calculate ∆Keff  

 







−

−
∆=∆

max
eff 1

1 K
K

R
KK open  (5-3) 

where 

 Kopen =  crack-opening SIF [39] 
 Kmax =  maximum SIF 
 ∆K = SIF range 
 ∆Keff  =  effective SIF range 
 R =  stress ratio (minimum stress/maximum stress) 
 
Figure 5-15 plots these data for the group 1 test specimens on top of the curve obtained from 
AGARD test program data, showing very good agreement for the range of ∆Keff that was tested.  
CIL-3 was not included on this plot, as early stages of crack growth for this specimen were 
missed and only a few data points recovered.  Plots of a versus N for specimens CIL-2, CIL-13, 
CIL-4, CIL-14, and CIL-15 are included in appendix D, figures D-5 through D-9, respectively.  
Tables D-1 through D-5 in appendix D list da/dN and ∆Keff data for these same specimens.  
 
Because test data for the production-quality notch specimens in group 4, which were tested at 
different R-ratios, were not received until very late in the program, it could not be included in 
figure 5-15.  (This data can be found in tables D-31 through D-32 in appendix D.)  It would be 
instructive at a later date to plot growth rate data for these specimens.  If there is better 
agreement with the AGARD data for the high R-ratio specimens (assumed to have completely 
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yielded notches) than for the low R-ratio specimens, it would tend to confirm the presence of 
residual compressive stresses from the fabrication process. 

da/dN vs ∆Keff comparison
AGARD data vs. CIL specimens

1.0E-10

1.0E-08

1.0E-06

1.0E-04

0.10 1.00 10.00

∆Keff (ksi-in^0.5)

da
/d

N
 (i

n/
cy

cl
e)

AGARD data
CIL-2
CIL-13
CIL-4, 1
CIL-4, 3
CIL-14
CIL-15
50%
200%

200%

50% 

 
FIGURE 5-15.  CRACK GROWTH RATE VS ∆Keff FOR CIL 

 
5.11.1.2  Group 1—Constant Amplitude. 
 
The specimens in group 1, similar in conformation and loading to those tested under the AGARD 
program, show, like those specimens, good correlation with FASTRAN analysis.  

FASTRAN requires the input of an initial crack size; since this is unknown, it was assumed to be 
on the order of the size of an inclusion particle.  To bracket the possible initial crack sizes, an 
array of FASTRAN analyses were run with 2ai ranging from 4 µm (1.575 × 10-4 in.) to 10 µm 
(3.937 × 10-4 in.).  Plots of the crack growth test results all fall within the bounds of these 
FASTRAN analysis curves (see figure D-10 in appendix D for an example), implying that initial 
crack sizes in the specimens themselves were within this range.  Based on the actual crack 
growth data, the plots only included the FASTRAN results from 6 µm (2.362 × 10-4  in.) to 
10 µm (3.937 × 10-4 in.) since the actual data fell in that range. 

Test results for specimen CIL-2 are plotted along with the FASTRAN analysis in figure 5-16.  
The FASTRAN analysis in this graph was set at an initial crack size of 7 µm (2.756 × 10-4 in.).  
The shape of the test data curve matches the FASTRAN curve very well.  To better visualize this 
match, the FASTRAN curve was shifted to the left about 40,000 cycles (dotted line in 
figure 5-16).  This shifted curve points out that although overall correlation is good, the 
FASTRAN crack growth is slower than that of the specimen when the crack is very small (less 
than 0.005 inch).  Figure 5-17 replots the CIL-2 test and analysis crack growth curves from 
initiation to a crack size of 0.005 inch, showing less correlation.  
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FIGURE 5-16.  CIL-2 TEST DATA VERSUS FASTRAN, 2ai  = 7 µm 
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FIGURE 5-17.  CIL-2 CRACK GROWTH TO 0.005 inch FIGURE 5-17.  CIL-2 CRACK GROWTH TO 0.005 inch 

  
Test results versus FASTRAN for the other group 1 specimens are presented in figures D-11 
through D-15 in appendix D.  
Test results versus FASTRAN for the other group 1 specimens are presented in figures D-11 
through D-15 in appendix D.  
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5.11.1.3  Group 2—Spectrum Loading:  Comparison of Production and Polished Notches. 
 
The testing for group 2 specimens was designed to compare the effects of different notch surface 
preparations.  These six specimens were made of 0.10-inch-thick Al 2024-T3 and were cycled 
under spectrum loading.  Specimens CIL-18, CIL-19, and CIL-23 had chemically polished edge 
notches, as in the AGARD program; CIL-9, CIL-10, and CIL-21 were fabricated under standard 
OEM procedures to create typical production-quality edge notches. 
 
A graph of test results versus FASTRAN analysis for specimen CIL-19 is shown in figure 5-18; 
it is representative of the polished notch specimens.  (Plots for CIL-18 and CIL-23 are presented 
in figures D-16 and D-17, respectively, in appendix D.)  FASTRAN does not show good 
correlation with the test results for specimens CIL-18 and 23, which show slower crack growth 
rates than FASTRAN, especially at smaller crack sizes.  For comparison, all three polished notch 
specimens are plotted together in figure 5-19.  CIL-18 and CIL-19 show similar crack growth 
rates and are bounded by the FASTRAN analysis curves with assumed initial crack sizes of 6 µm 
(2.362 × 10-4 in.) and 4.4 µm (1.732 × 10-4 in.).  Specimen CIL-23, however, showed 
anomalously slow growth, with no correlation to FASTRAN. 
 
As with the polished notch specimens, test results for the production-quality notches showed 
slower crack growth than the FASTRAN analyses, especially at small crack sizes (less than 
0.005 in.).  For comparison, crack growth curves for all three specimens (CIL-9, CIL-10, and 
CIL-21) are plotted together in figure 5-20.  For larger crack sizes (above 0.005 in.), CIL-9 and 
CIL-10 curves are bounded by the FASTRAN analyses with assumed initial crack sizes of 5 µm 
(1.969 × 10-4 in.) and 4.4 µm (1.732 × 10-4 in.).  CIL-21 shows especially slow initial growth; at 
crack sizes above 0.01 inch, the curve falls near the FASTRAN analysis for an assumed initial 
crack size of 4 µm (1.575 × 10-4 in.).  
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FIGURE 5-18.  CIL-19 TEST VERSUS FASTRAN (SPECTRUM, POLISHED NOTCH) 
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FIGURE 5-19.  COMPARISON OF ALL SPECTRUM-LOADED, POLISHED 

NOTCH SPECIMENS 
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FIGURE 5-20.  COMPARISON OF ALL SPECTRUM-LOADED, 
PRODUCTION-QUALITY SPECIMENS 

 
Although the differences are not dramatic and there is scatter in the data, the tests show, as 
expected, that crack growth is slower for production-quality notches than for polished notches.  
Residual compression stresses in the notch, introduced by the production methods, would 
account for slower growth.  
 
The poor correlation with FASTRAN for the spectrum-loaded specimens, as a whole, is puzzling 
(see figures D-16 through D-20 in appendix D).  The spectrum used (see figure 5-8) is primarily 
constant amplitude with overload cycles of about 150 percent at the beginning of the spectrum 
block.  Further study is needed to resolve whether this is an analysis problem or one of testing. 

 5-20



5.11.1.4  Group 3—Constant-Amplitude With Marker Cycles. 
 
Specimens in group 3 were tested under constant-amplitude loading with either under- or 
overload marker cycles, which were included to allow for reconstruction of the crack shape.  
(See section 3.6.2 for a discussion of marker cycles and a definition of the loading scheme.)  
Three of the four specimens in this group (CIL-37, CIL-38, and CIL-40) were 0.10-inch-thick 
Al 2024–T3; CIL-12 was 0.09 inch thick.  Two specimens (CIL-12 and CIL-40) had chemically 
polished edge notches, as in the AGARD program; two (CIL-37 and CIL-38) were fabricated 
with typical production-quality edge notches.  
 
Specimen CIL-12 was tested under a constant-amplitude load of 18.1 ksi with an underload 
marker cycle of 13.6 ksi.  As with the constant-amplitude specimens of group 1, the crack 
growth rate for this specimen showed good correlation with analytical results, closely matching a 
FASTRAN run with an assumed initial crack size of 8 µm.  The CIL-12 test versus FASTRAN 
curves are plotted in figure 5-21. 
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FIGURE 5-21.  CIL-12 TEST VERSUS FASTRAN, σmax = 18.1 ksi 
(UNDERLOAD MARKERS) 

 
The SEM examination of CIL-12, after the completion of testing, revealed that the underload 
marker scheme did not clearly mark the fracture surface.  Consequently, specimens CIL-37, 
CIL-38, and CIL-40 were tested using a constant-amplitude load of 21 ksi with a single-overload 
marker of 27.3 ksi every 3500 cycles.  Using an overload marker cycle was originally avoided 
due to a concern that it would retard the crack growth rate, and indeed these specimens show 
slower crack growth as compared to CIL-12, despite using higher constant-amplitude load 
(21 ksi vs 18 ksi).  All three of these specimens developed more than one crack, although all the 
cracks met the noninteraction criteria, i.e., being spaced far enough apart that they are presumed 
not to influence each other.  The FASTRAN analyses for these specimens do not correlate with 
the test data, likely due to the retardation effect of the overload cycle.  Plots of the test results 
versus FASTRAN are included in appendix D, figures D-21 (CIL-37), D-22 (CIL-38), and D-56 
(CIL-40). 
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5.11.1.5  Group 4—Comparison of Different R-Ratios. 
 
Specimens in group 4, fabricated from 0.10-inch Al 2024-T3 with production-quality notches, 
were tested under constant-amplitude loading.  Specimens CIL-31 and CIL-32 were tested with a 
maximum stress of 26.1 ksi and R-ratio of 0.5 and CIL-34 and CIL-39 with a maximum stress of 
19.6 ksi and R-ratio of 0.1.  A high R-ratio was used in testing to validate the effect of various 
R-ratios for the closure model used by FASTRAN.  The R-ratio was selected to ensure that the 
crack could always be represented in the opening mode.  Table 5-5 shows that for R = 0.5, the 
maximum stress multiplied by the stress concentration factor, Kt, is 74 percent higher than yield 
stress. 
 

TABLE 5-5.  MAXIMUM STRESS TO YIELD STRESS RATIOS 
 

 Loading Smax, (ksi) Smin, (ksi) Kt Smax/FTY Kt Smin/FTY 

R = 0.5 26.1 13.1 1.74 0.84 FTY = 48 ksi for Al 
2024-T3  

(Ref: MIL-HDBK-5G, 
table 3.2.3.0(b1)) 

R = 0.1 19.6 2.0 1.31 0.13 

1T238300.1

 
Test data versus FASTRAN analysis showed good correlation at all crack sizes for the two high 
R-ratio specimens.  Results for CIL-32 are shown in figure 5-22.  FASTRAN closely matches the 
crack growth rate of the test data down to a crack length of 0.002 inch.  The FASTRAN curve 
plotted is for an initial crack size of 10 µm (3.937 × 10-4 in.).  
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FIGURE 5-22.  CIL-12 TEST VERSUS FASTRAN, σmax = 18.1 ksi 
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The two specimens tested at a low R-ratio showed good correlation with FASTRAN for larger 
crack sizes.  However, like the group 1 specimens, the test results showed slower crack growth 
than that predicted by FASTRAN for very small (less than 0.005 inch) cracks.  The implication 
is that there are still some residual compressive stresses at the notch.  Plots of test data versus 
FASTRAN analysis for CIL-34 and CIL-39 are shown in appendix D, figures D-26 and D-27. 
 
5.11.2  Crack Shape Evaluation From SEM Data. 

SEM data from several specimens were used to determine crack shapes and to compare these 
with the c/a (crack depth to crack length) ratio used as input in the analysis.  Tables D-6 through 
D-14, appendix D show all the results for the six spectrum-loaded specimens (CIL-9, CIL-10, 
CIL-23, CIL-18, CIL-19, and CIL-21) and for the constant-amplitude specimens using overload 
marker cycles (CIL-37, CIL-38, and CIL-40).  The c/a and a/t ratios calculated from the SEM 
crack shape measurements were then plotted in figure 5-14 along with two curves taken from an 
AGARD report [40].  The dashed curve represents the equation. 
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which is a first approximation of the crack shape.  The solid curve represents the crack shape 
predictions for the AGARD program and was generated by the following equation. 
 

 snF
Q
aSK π∆=∆  (5-5) 

 
where Q is the shape factor and Fsn is the boundary correction factor.  Equations for Q and Fsn 
are given in annex F of the AGARD report [40].  

Results from this study showed higher c/a ratios than predicted by the AGARD equation.  
Separate symbols were used for production-quality and polished notch specimens.  There 
appears to be no trend in the crack shapes, which could be attributed to the surface quality of the 
notch.  
 
5.12  CONCLUSIONS. 

The crack growth rate versus ∆Keff data calculated from group 1 constant-amplitude specimens 
agreed well with data published in the AGARD reports, for the range of stresses tested in this 
program.  The use of the AGARD curve in the FASTRAN analyses is considered justified.  
 
For the specimens tested under constant-amplitude loading, all showed good correlation with 
FASTRAN for crack sizes larger than 0.005 inch.  The low stress ratio (R = 0.1) specimens, 
however, showed slower crack growth than the FASTRAN predictions for crack sizes smaller 
than this.  Specimens tested at a higher R-ratio (R = 0.5) showed good correlation for all crack 
sizes, likely because the notches for these specimens are fully yielded at this load and residual 
stresses from machining that could distort the crack growth results have been eliminated.  
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For specimens tested under constant-amplitude loading with marker cycles, only the single 
specimen tested with underload markers showed good correlation with FASTRAN.  The 
specimens tested with overload marker cycles grew at a slower rate than that predicted by the 
FASTRAN analyses, probably due to the retardation effects of the overload spike. 
 
For the spectrum-loaded specimens, used to investigate differences in hole quality, test data 
showed longer fatigue lives for production-quality notches than for polished notches.  This is to 
be expected because the residual compressive stresses of fabrication is likely to slow crack 
initiation.  X-ray tests were conducted to measure these residual stresses, but the results were 
inconclusive, showing both tensile and compressive stresses, and no appreciable difference 
between the two notch surfaces.  Tests will have to be rerun to determine the actual residual 
stresses.  All these specimens showed a much greater retardation in crack growth, and poor 
correlation with FASTRAN, than would be expected from examination of the spectrum used.  
Even severe spectra such as TWIST do not show this degree of retardation.  Further study is 
warranted to determine if this is an effect of testing or analysis.  
 
Examination of the SEM photos taken of certain specimens showed somewhat higher ratios of 
crack depth to crack length than that published in the AGARD reports.  There was no obvious 
difference in crack shape between polished notch and production-quality notch specimens. 
 
Initial crack sizes assumed as input for the FASTRAN analyses ranged from 1.575 × 10-4 in. to 
3.940 × 10-4 in. (4 to 10 µm), i.e., about the size of an inclusion particle. 
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6.  EQUIVALENT INITIAL FLAW SIZE DISTRIBUTION. 

6.1  INTRODUCTION. 
 
The damage tolerance characteristics of splice joints with MSD may vary significantly, 
depending on the crack sizes and how close they are to each other.  The time required for these 
cracks to initiate and their subsequent crack growth behavior are direct results of the joint type, 
the loading environment, and the production quality of the fastener holes.  Slight variations in the 
manufacturing process, such as in the squeezing force and speed of rivet installation and the 
dimensions and surface finishes of the holes, for example, can all have great influence on the 
outcome of the structure’s performance.  The random nature of the quality of the fastener holes 
can be used to explain the large scatter of fatigue lives in joints.  

To investigate the characteristics of MSD distribution in terms of sizes and locations, Boeing 
fabricated sixteen test specimens, four specimens each for four different joint designs.  Each joint 
design resembles a typical fuselage splice joint that can be found in large commercial transports.  
The fatigue testing of the specimens was performed by AFRL at WPAFB.  AFRL also measured 
the crack sizes during testing using NDI techniques and microscopic examination.  After test 
completion for each specimen, a closer examination of the fracture surfaces was performed using 
SEM.  The crack growth histories were reconstructed based on the markings left in the wake of 
the crack tips as a result of marker band cycles.  The test results were published in a separate Air 
Force report [44].  Based on the test results, Boeing performed crack growth analyses using a 
modified NASA FASTRAN-II code to estimate the EIFS that could best match the test results. 

6.2  OBJECTIVES. 

The main objectives were: 

• to investigate the crack initiation and crack growth characteristics of MSD  in different 
types of fuselage joints under simulated service loading. 

• to correlate the experimental crack growth history with predicted crack growth history 
using the FASTRAN-II code. 

• to investigate the characteristics of EIFS, in terms of sizes and distributions that may be 
useful for predicting the fatigue lives of similar aircraft structures.  

6.3  TEST MATRIX. 
 
The test matrix for the EIFS study is given in table 6-1.  Sixteen specimens were fabricated by 
Boeing’s Fastener Laboratory at the Long Beach facility per Drawing Number ZB118853, as 
shown in figure 1-2.  The overall dimensions of the test specimens are shown in figure 6-1.  The 
details of the specimens are documented in figure E-1 in appendix E.  Specimens EIFS-1 through 
EIFS-12 represented three different types of longitudinal fuselage splice joints, and EIFS-13 
through EIFS-16 represented one type of circumferential fuselage splice joint.  Of the 
longitudinal splice joints, type 1 and type 2 were lap splices, and type 3 was a butt splice.  All the 
longitudinal splice joints were subjected to constant-amplitude cyclic loads.  The constant-
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amplitude cyclic loads were used to simulate the dominating stress in the hoop direction as a 
result of ground-air-ground cabin pressure cycles.  The circumferential splice joint was of butt-
type construction and was subjected to variable amplitude cyclic loads, which simulated the 
dominating stress in the longitudinal direction as a result of cabin pressure and down-tail loads 
during normal service. 
 

TABLE 6-1.  EQUIVALENT INITIAL FLAW SIZE TEST MATRIX 
 

Specimen 
ID Splice Type Loading 

Drawing No. 
ZB118853 

EIFS-1 Type 1 Longitudinal Constant amplitude with 
marker cycles 

-1 

EIFS-2 Type 1 Longitudinal Constant amplitude with 
marker cycles 

-1 

EIFS-3 Type 1 Longitudinal Constant amplitude with 
marker cycles 

-1 

EIFS-4 Type 1 Longitudinal Constant amplitude with 
marker cycles 

-1 

EIFS-5 Type 2 Longitudinal Constant amplitude with 
marker cycles 

-501 

EIFS-6 Type 2 Longitudinal Constant amplitude with 
marker cycles 

-501 

EIFS-7 Type 2 Longitudinal Constant amplitude with 
marker cycles 

-501 

EIFS-8 Type 2 Longitudinal Constant amplitude with 
marker cycles 

-501 

EIFS-9 Type 3 Longitudinal Constant amplitude with 
marker cycles 

-503 

EIFS-10 Type 3 Longitudinal Constant amplitude with 
marker cycles 

-503 

EIFS-11 Type 3 Longitudinal Constant amplitude with 
marker cycles 

-503 

EIFS-12 Type 3 Longitudinal Constant amplitude with 
marker cycles 

-503 

EIFS-13 Type 4 Circumferential Spectrum -505 

EIFS-14 Type 4 Circumferential Spectrum -505 

EIFS-15 Type 4 Circumferential Spectrum -505 

EIFS-16 Type 4 Circumferential Spectrum -505 
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FIGURE 6-1.  GENERAL CONFIGURATION OF EIFS SPECIMEN 
 
The overall size of the specimens was 22 inches wide by 56 inches long.  All skin panels were 
made of Al 2024-T3 clad sheet from the same heat lot.  The grain direction of the skin panel was 
parallel to the short axis of the specimens for specimens EIFS-1 through EIFS-12 and parallel to 
the long axis for specimens EIFS-13 through EIFS-16.  Other components, such as the doublers 
and the stringers, were obtained from current production lines whenever possible.  The rivets for 
splice types 1, 2, and 4 were made of Al 2117-T4.  For type 3, the two outer rows were Al 
2117-T4, and the four inner rows were titanium.  To facilitate load transfer, the two ends of each 
specimen were reinforced with aluminum doublers, which were bonded to the skin using FM73.  
The holes for the loading pins were bored at AFRL, after the specimens were fitted onto the test 
machines.   
 
A thin film of FM73 adhesive was applied between the jointed components, near the edge of the 
panel.  The width of the adhesive was limited to the distance between the center of the first 
fastener and the free edge.  The adhesive was used in an attempt to reduce the fastener loads near 
the edges.  The fasteners near the free edge tend to carry a higher shear load than those in the 
middle of the panel.  This phenomenon is caused by Poisson’s effect.  The higher the fastener 
load, the more severe the fatigue damage to these fastener holes, hence, the shorter the fatigue 
life.  To cure the adhesive, the assembled panels were placed in an autoclave and gradually 
heated to 250°F for 60 minutes.  The temperature was held constant for 1 hour at a pressure of 40 
±5 psi and then gradually reduced to room temperature.  Specific specimen configurations are 
listed below.  
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• Drawing Number ZB118853-1 represents the type 1 longitudinal lap splice joint.  The 
doubler and longeron were made of Al 7075-T6 and Al 7075-T6511 aluminum alloy, 
respectively.  The rivets of the two critical outer rows were 5/32 inch in diameter with an 
82 degree countersink.  

• Drawing Number ZB118853-501 represents the type 2 longitudinal undoubler lap joint.  
The longeron was made of Al 7075-T6 aluminum alloy.  The rivets were 3/16 inch in 
diameter with a 100 degree countersink. 

• Drawing Number ZB118853-503 represents the type 3 longitudinal butt splice joint.  The 
doubler and the splice plate were made of Al 2024-T3 clad sheet; the longeron was made 
of Al 7150-T6511 aluminum alloy.  The rivets of the two critical outer rows were 3/16 
inch in diameter with a 100 degree countersink.  The four inner rows were 3/16-inch-
diameter bolts, either titanium lock bolts or titanium Hi-Loks, with a 100 degree 
countersink.  

• Drawing Number ZB118853-505 represents the type 4 circumferential splice joint.  The 
doublers and splice plates were made of Al 7075-T6 aluminum alloy.  The rivets of the 
two outermost rows were 5/32 inch in diameter with an 82 degree countersink.  The 
remaining six inner rows were 3/16 inch in diameter with a 100 degree countersink. 

Standard production practices were used in all phases of specimen fabrication and assembly, 
including surface preparation, sealing application, hole preparation, and fastener installation.  An 
NDI survey of all specimens was performed using rotating probe eddy-current technique on all 
fasteners in the critical rows before the test specimens were delivered to the test lab. 

6.4  TEST SETUPS. 

Four large test machines were built at AFRL specifically for testing EIFS panels and 
subsequently for testing MSD panels, see figure 6-2.  A computer system was used to control the 
test loads.  Each test machine has a 100,000-lb loading capacity for specimens sizes up to 48 
inches wide and 86 inches long.  Each machine is equipped with a 20x optical microscope 
mounted to a rail system, which allows the microscope to travel both vertically and horizontally.  
The microscope has an accuracy of ±1 × 10-4 in. (±2.54 µm).  The measured crack length can 
also be recorded electronically. 
 
Specially designed clamping blocks were used for panels with type 1 and 2 joints.  The clamps 
were placed over the first fastener near the edge of the splice joint in an attempt to reduce the 
effects of bending due to the offset of the neutral axis across the joint.  The device was found to 
be ineffective for type 3 EIFS panels.  Cracks developed early on, near the edge of the skin away 
from the splice joint.  The specimens were, therefore, reworked; the areas with premature cracks 
were machined off so that the shape of the reworked specimen resembled an hourglass.  In 
addition, the first row of rivets near the edge of the panel were removed and replaced with 
1/16-inch oversized rivets.  In an attempt to increase the compressive stress around the fastener 
hole and reduce the likelihood of crack initiation, a higher squeezing force was used during the 
installation of the oversized rivets.  The size of the rivet head was expanded to about 1.8 times 
the original diameter of the rivet.  Normally, most rivets have a head size of 1.3 to 1.5 times the 
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original diameter.  For the type 4 joint, the first two panels tested also had an hourglass shape 
with oversized edge rivets, as in type 3.  The rest of the type 4 panels had straight edges with 
oversized rivets near the edges.  The details of the specimen modification can be found in 
reference 44. 
 

1T238061 
 

FIGURE 6-2.  AIR FORCE RESEARCH LABORATORY WIDE PANEL TEST FACILITY 
 
6.5  TESTING LOADS. 

As shown in the test matrix in table 6-1, specimen types 1, 2, and 3 were tested using a constant-
amplitude load, and type 4 specimens were tested using variable-amplitude load.  In an attempt 
to reconstruct the crack growth history, over- or underload marker cycles were periodically 
applied to the constant-amplitude specimens to distinctly mark the fracture surface.  Overload 
marker cycles were successfully demonstrated in a coupon test but did not produce 
distinguishable fracture surface markings when used on specimens EIFS-5 and EIFS-6.  
Subsequent specimens were tested with underload marker cycles, as proposed by AFRL.  The 
loading schedule finally agreed upon is detailed in section 3.6.2.  In early stages of testing, 
marker cycles were introduced after 2000 or 3000 cycles of baseline constant-amplitude stress.  
It was later determined that 1000 baseline cycles would produce more visible markings, and this 
arrangement was used throughout the rest of the test program.  The maximum constant-
amplitude stress varied from 15 to 17 ksi, depending on the specimen type.  All cycles had a 
stress ratio equal to 0.02.   
 
The variable-amplitude spectrum used for testing specimens EIFS-13 through EIFS-16 is 
described in section 3.6.1.  As shown in figure 3-8, the spectrum contained distinguishable high-
stress cycles, which automatically produced markings on the fracture surface.  Therefore, 
additional marker cycles were not necessary.  
 

 6-5



6.6  STRAIN GAGE LOCATIONS. 

A series of strain gages were installed on each EIFS test specimen to help align the specimen and 
to validate the analytical models.  The locations and numbering system for the gages are 
described in figure 6-3 for splice joint type 1 and in appendix E for splice joint types 2, 3, and 4.  
All strain gages were single-axial and had resistance of 350 ohm.  A 15-foot-long lead wire was 
soldered to the end tabs of the gage.  The other end of the wire was equipped with a connector 
(Omega P/N MTP-U-M 3) for plugging into the data acquisition system at AFRL.  One panel of 
each splice type had a full set of strain gages (table 6-2); the remaining panels had gages only at 
the four sides of the splice joint, for specimen alignment.  The EA-13-250AQ-350 gages, with an 
overall length of 0.25 inch, were installed 1 inch from the splice joint and were used to determine 
the overall panel stress distribution.  Several of the smaller EA-13-062AQ-350 gages, which had 
a gage length of 0.062 inch, were mounted as close as possible to the splice joints.  The 
centerline of these smaller gages was aligned with the edge of the outermost rivet row where the 
maximum bending stress was expected. 
 

 
 

FIGURE 6-3.  STRAIN GAGE LOCATIONS FOR SPLICE JOINT TYPE 1 
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TABLE 6-2.  NUMBER OF STRAIN GAGES IN EACH PANEL 
 

Splice Type Panel ID No. of Axial Strain Gages 
EIFS-1 24 1 
EIFS-2, -3 8 
EIFS-5 24 2 
EIFS-6, -7 8 
EIFS-9 20 3 
EIFS-10, -11 8 
EIFS-13 24 4 
EIFS-14, -15 8 

 
6.7  INSPECTION AREA AND METHODS. 
 
The areas that required inspection and the rivet numbering system are shown in figure 6-4 for 
splice joint type 1 and in appendix E for splice joint types 2, 3, and 4.  Each fastener was clearly 
identified with a row number and fastener number.  The crack growth history throughout testing 
was measured by an optical microscope and eddy-current NDI techniques. 
 

 
 
FIGURE 6-4.  INSPECTION AREA AND RIVET NUMBERING FOR SPLICE JOINT TYPE 1 
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An eddy-current NDI system using a rotating self-nulling probe, developed by NASA LaRC, 
was used to detect cracks hidden behind the head of countersunk rivets.  Figure 6-5 shows that 
this system had a 90 percent probability of detection (POD), with 95 percent confidence of 
finding a 0.032-inch-long crack.  The POD plot for the rotating self-nulling eddy-current probe 
was developed by NASA engineers while working at the FAA Assurance NDI Validation Center 
in Albuquerque, New Mexico.  An optical microscope was used during testing when the cracks 
become visible at the surface.  After completing testing, coupons containing the pertinent 
fracture surfaces were taken from the specimens and examined by SEM to determine crack shape 
and size.  The number of fatigue cycles associated with the crack length was estimated based on 
the indications from marker band cycles.  Appendix E contains the calibration standards for the 
eddy-current equipment.  A coupon with various notches from 0.030 to 0.075 inch was used to in 
the calibration. 
 

 
 

FIGURE 6-5.  PROBABILITY OF DETECTION CURVE FOR ROTATING PROBE 
 
6.8  TEST PROCEDURES. 
 
All the specimens were tested according to the following general procedures: 
 
• Mount the specimen in the test fixture and connect the instrumentation. 
 
• For types 1 and 2, install edge clamps to provide specimen lateral support. 
 
• Load the specimen to maximum spectrum load and use the strain gage reading to align 

specimen. 

 6-8



• Cycle the specimen at maximum spectrum load for 20 cycles to set the specimen in the 
fixture. 

 
• Conduct a strain survey. 
 
• Start fatigue cycling at 1-2 Hz with testing loads specified in section 6.5. 
 
• Conduct periodic inspections; increase inspection frequency as damage becomes more 

severe. 
 
• Use the eddy-current method, as described in section 6.7, to detect short cracks hidden by 

flush head fasteners.  If the crack propagates to the outside of the rivet head, use a 
microscope to measure crack. 

 
• Record the crack lengths and cycles for all cracks found. 
 
• Terminate the test when the longest crack grows into a hole or links up with other cracks. 
 
• Conduct teardown inspection and use SEM to determine crack size versus number of 

cycles, for undetected crack lengths. 
 
• Determine the EIFS at time zero based on measured crack sizes and crack growth 

analytical solutions. 
 
6.9  TEST RESULTS. 
 
Using SEM examination, crack growth data was successfully generated from 8 of the 16 panels 
tested.  However, the fracture surface markings on panels EIFS-1, -2, -5, -6, -12, -13, -14, and 
-16 could not be used to determine cycle counts.  Table 6-3 lists the panel loading conditions, 
edge constraints, and a summary of the testing history.  Plots of strain gage readouts are included 
in reference 44.  A comparison between the rotating self-nulling eddy-current probe results and 
those for SEM is shown in figure 6-6.  The rotating probe consistently underestimated crack 
length; hence, the primary technique used for obtaining the crack growth history was SEM.  The 
reason for this underestimation was that while the SEM measured the crack surface length, the 
rotating probe measured the entire crack area, as shown in figure 6-6.  A list of all the rotating 
probe data can be found in reference 44.  The SEM crack growth history data are shown in 
appendix E, figure E-8; the crack length in both surface and depth directions are documented.  
The specimen dimensions, measured as part of quality control, are shown in appendix E, 
figure E-9.  The widths and lengths were measured to ensure the rectilinearity of the panels.  The 
splice overlap lengths and the rivet row pitch measurements were taken to ensure uniformity in 
the splice joints.  The strain gage locations were also measured and recorded.  
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TABLE 6-3.  EQUIVALENT INITIAL FLAW SIZE PANEL TESTING SUMMARY 
 

Panel ID Loading Edge Constraint Summary 
EIFS-1 (Type 1) Underload marker 

cycle with 2000 
baseline cycles; 
σbaseline = 15 ksi 

FM73 bonding with 
edge clamps 

No SEM data were 
generated because fretting 
nucleated crack from edge 
blocks. 

EIFS-2 (Type 1) Underload marker 
cycle with 2000 
baseline cycles; 
σbaseline = 15 ksi 

FM73 bonding with 
edge clamps 

No SEM data were 
generated because panel 
failed at less critical  
row B. 

EIFS-3 (Type 1) Underload marker 
cycle with 3000 
baseline cycles; 
σbaseline = 15 ksi 

FM73 bonding with 
edge clamps 

Crack was detected in C4 
at 80,000 cycles.  Pulling 
the panel to failure at 
170,000 cycles, rivet row 
C, was critical. 

EIFS-4 (Type 1) Underload marker 
cycle with 3000 
baseline cycles; 
σbaseline = 15 ksi 

FM73 bonding with 
edge clamps 

Cracks were detected in 
C14 and C24 at 80,000 
cycles.  Pulling the panel 
to failure at 170,000 
cycles, rivet row C, was 
critical. 

EIFS-5 (Type 2) 130% overload 
marker cycle;  
σbaseline = 17 ksi 

FM73 bonding with 
edge clamps 

No SEM data were 
generated because 
fracture surface smeared.  

EIFS-6 (Type 2)  130% overload 
marker cycle;  
σbaseline = 15.3 ksi 

FM73 bonding with 
edge clamps 

No SEM data were 
generated because 
fracture surface smeared.  

EIFS-7 (Type 2) Underload marker 
cycle with 1000 
baseline cycles; 
σbaseline = 15 ksi 

FM73 bonding with 
edge clamps 

Crack was detected in 
A11 at 60,000 cycles.  
Panel failed in row A at 
147,410 cycles. 

EIFS-8 (Type 2) Underload marker 
cycle with 1000 
baseline cycles; 
σbaseline = 15 ksi 

FM73 bonding with 
edge clamps 

Pulled the panel to failure 
at 130,000 cycles.  Rivet 
row A was critical. 

EIFS-9 (Type 3) Underload marker 
cycle with 3000 
baseline cycles; 
σbaseline = 15 ksi 

FM73 bonding with 
hourglass geometry 
and oversized heavily 
squeezed edge rivets 

Edge cracks occurred 
before the specimen was 
modified to hourglass 
configuration.  SEM data 
were generated only at 
hole A5.  Panel failed at 
498,063 cycles. 
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TABLE 6-3.  EQUIVALENT INITIAL FLAW SIZE PANEL TESTING SUMMARY 
(Continued) 

 
Panel ID Loading Edge Constraint Summary 

EIFS-10 (Type 3) Underload marker 
cycle with 3000 
baseline cycles; 
σbaseline = 15 ksi 
for first 32,000 
cycles then 17 ksi 

FM73 bonding with 
hourglass geometry and 
oversized heavily 
squeezed edge rivets 

Edge cracks occurred 
before the specimen was 
modified to hourglass 
configuration.  Panel 
failed in row F at 165,390 
cycles. 

EIFS-11 (Type 3) Underload marker 
cycle with 3000 
baseline cycles; 
σbaseline = 17 ksi 

FM73 bonding with 
hourglass geometry and 
oversized heavily 
squeezed edge rivets 

Cracks were detected in 
F6 and F7 at 135,000 
cycles.  Pulled the panel 
to failure at 154,827 
cycles.  Rivet row F was 
critical. 

EIFS-12 (Type 3) Underload marker 
cycle with 3000 
baseline cycles; 
σbaseline = 17 ksi 

FM73 bonding with 
hourglass geometry and 
oversized heavily 
squeezed edge rivets 

Crack was detected in A8 
at 175,000 cycles.  Panel 
failed in row A at 205,001 
cycles.  SEM data were 
inconclusive. 

EIFS-13 (Type 4) Spectrum, 
σmax = 24.4 ksi 

FM73 bonding with 
hourglass geometry and 
oversized heavily 
squeezed edge rivets 

Panel failed in the doubler 
at the skin splice at 
308,682 cycles.  Rivet 
row F was critical.  SEM 
data was inconclusive. 

EIFS-14 (Type 4) Spectrum,  
σmax = 24.4 ksi 

FM73 bonding with 
hourglass geometry and 
oversized heavily 
squeezed edge rivets 

Panel failed in the doubler 
at the skin splice at 
270,681 cycles.  Rivet 
row F was critical.  SEM 
data were inconclusive. 

EIFS-15 (Type 4) Spectrum,  
σmax = 24.4 ksi 

FM73 bonding with 
oversized heavily 
squeezed edge rivets 

Panel failed in the doubler 
at the skin splice at 
218,484 cycles.  Rivet 
row F was critical. 

EIFS-16 (Type 4) Spectrum,  
σmax = 24.4 ksi 

FM73 bonding with 
oversized heavily 
squeezed edge rivets 

Panel failed in the doubler 
at the skin splice at 
217,735 cycles.  Rivet 
row F was critical.  SEM 
data were inconclusive. 
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FIGURE 6-6.  COMPARISON OF CRACK GROWTH HISTORY USING THE ROTATING 
PROBE AND SEM (From reference 41) 

 
6.10  ANALYSIS OF EIFS. 
 
6.10.1  Introduction. 
 
Finite element models were created for each splice type to investigate the fastener load and stress 
distribution at the joints.  The finite element analysis results were used in the FASTRAN-II code 
to predict the fatigue crack growth using EIFS concepts.  The analysis procedure discussed in 
section 3.5 is used here to predict the EIFS of those cracks whose crack growth histories could be 
reconstructed using the SEM method (see section 6.9).  The corresponding EIFS for each 
measured data point was then interpolated from a series of FASTRAN-II crack growth curves 
based on various assumed initial flaw sizes.  The stress-intensity correction factors, based on 
compounding individual theoretical solutions to account for various geometric and stress 
distribution effects, were used in the crack growth prediction.  The effects of countersunk holes, 
rivet squeezing force, and other unknown factors were determined by correlating the predictions 
with the experimental results.  
 
6.10.2  Finite Element Models for Fastener Load Transfer Analysis. 
 
Two codes were selected for the analyses of fastener load transfer in the EIFS panels:  
NASTRAN and FRANC2DL.  The NASTRAN models were created using PATRAN; 
FRANC2DL models were created using CASCA.  PATRAN code is more versatile in modeling 
complex structure, such as fingered doublers, and was used for types 1 and 4 lap joints, while 
CASCA was used to model the simpler butt joints of types 2 and 3.  The NASTRAN models for 
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types 1 and 4 were later used to create MSD flat panel models and curved panel models, as 
discussed in sections 8 and 9.  Because of the limited application of the FRANC2DL code, which 
does not have out-of-plane bending capability and hence, can only be used for 2D structures, the 
type 2 and 3 models were recreated using NASTRAN and PATRAN codes for the strain survey 
prediction. 
 
6.10.3  Finite Element Model Description. 
 
To take advantage of the symmetry of the specimens, only the right-hand side of the panel was 
modeled for the lap joint, and only the upper right-hand corner of the panel was modeled for the 
butt joint.  The overall models for the EFIS types 1 and 4 joints are shown in figures 6-7 and 6-8, 
respectively.  The models were fixed at the bottom edge and a uniformly distributed 10-ksi stress 
was applied at the top edge.  The fasteners were modeled either using one-dimensional spring 
elements (in FRANC2D) or 2-D beam elements (in NASTRAN).  All other components, skin, 
doubler, and stiffener, were modeled using four-node plate elements.  The plate elements were 
modeled at the respective midthickness planes of the components.  The adjacent components 
were joined via simulated fasteners, either springs or beams.  For beams, the length was set equal 
to the average thickness of the joined layers.  The shear rigidity of the fasteners was calculated 
using Swift’s fastener equation, discussed in section 3.7.  The fasteners that connect more than 
two components were divided into smaller segments; each segment connected only two adjacent 
layers.  Swift’s fastener equation originally was derived from test results of simple lap joints.  
When applied to a multilayered joint that includes a relatively thin doubler sandwiched between 
two skin sheets, such as is the case for types 1 and 4, the equation tends to predict too low a 
stiffness for the intermediate segments (i.e., as the thickness in the denominator approaches zero, 
fastener flexibility goes to infinity).  To correct this problem, t1 and t2 (individual component 
thicknesses) were replaced by the combined thickness of the doubler and the skin, and the 
computed stiffness was assigned to all segments of the fastener.  An example of this is depicted 
in figure 6-9.  The calculated fastener shear stiffness can be entered directly into the FRANC2DL 
model as a spring constant.  For the NASTRAN model, the shear stiffness must be converted to 
an equivalent shear shape factor, Fs, for the beam elements, as discussed in section 3.7.  The 
fastener stiffness and shear shape factors were calculated using an Excel spreadsheet and are 
tabulated in table 6-4 for type 1 specimens.  The fastener stiffness for other types of specimens 
can be found in appendix E.   
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FIGURE 6-8.  OVERALL FEM FOR TYPE 4 EIFS TEST SPECIMEN 
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FIGURE 6-9.  CALCULATION OF SHEAR STIFFNESS FOR MULTILAYER JOINTS 
 
The thin film of adhesive, which was applied near the edge of the joint to reduce the fastener 
loads, was also included in the finite element models.  In the FRANC2DL models, the shear 
modulus and thickness of the adhesive were inputted directly.  In the NASTRAN analyses, the 
adhesive layer was modeled as eight-node CHEXA solid elements with an equivalent shear 
modulus calculated using the following equation 
 

 b
b

bm
bm G

t
tG =  (6-1) 

where 

Gbm = equivalent shear modulus used for the CHEXA solid elements 

Gb = shear modulus of the adhesive, 122,000 psi  

tb = thickness of the adhesive, 0.005 in. after curing 

tbm = thickness of the solid elements, which is equal to the distance between the 
midplanes of connected sheets  
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6.10.4  Finite Element Analysis Results. 

The stress fringes for type 1 splice joint are shown in figures 6-10 and 6-11; these fringes are 
typical for all EIFS panels.  The detailed stress distributions and deformed shapes for the 
individual component of type 1, and for all other test specimens, are shown in figures E-10 
through E-14 in appendix E.  The interlayer fastener shear and bearing loads are shown in figures 
6-12 through 6-15.  Based on the bearing load at each fastener hole, the bearing and bypassing 
stresses were hand calculated (see page E-66 in appendix E for an example) and are tabulated in 
table 6-5.  The bending stresses were directly read out from the results of the nonlinear finite 
element models.  In the nonlinear analyses, the panels were free to move in the out-of-plane 
direction, simulating the actual test conditions.  The strain survey predictions were also obtained 
from the geometrically nonlinear models under a 22-ksi far-field tension loading.  The predicted 
strains are shown in figures E-15 through E-18 of appendix E.  The predictions compared well 
with the experimental results in reference 44. 
 
In the finite element analysis for the type 1 splice joint, the skin near the edge of the adhesive 
had  a slight stress concentration of Kt = 1.4.  However, the stress concentration was still below 
the stress raisers near the fastener holes in the splice joint, which has a minimum Kt of 3.  This 
indicates that the edge was not the most critical area for crack initiation; thus, premature edge 
cracking can be avoided.  The highest shear stress in the adhesive itself was also below the FM73 
material allowable of 6500 psi under a 17-ksi test load.  This also indicated that the adhesive is 
capable of withstanding the fatigue loads without shear failure. 
 

 
 

FIGURE 6-10.  STRESS DISTRIBUTION FOR SKIN, 10-ksi TYPE 1 EIFS 
TEST SPECIMEN 
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FIGURE 6-11.  STRESS DISTRIBUTION FOR FINGERED DOUBLER, 10-ksi  
TYPE 1 EIFS TEST SPECIMEN 

 

 
 

FIGURE 6-12.  INTERNAL LOAD DISTRIBUTION FOR TYPE 1 SPLICE JOINT 
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FIGURE 6-13.  INTERNAL LOAD DISTRIBUTION FOR TYPE 2 SPLICE JOINT 
 

 
FIGURE 6-14.  INTERNAL LOAD DISTRIBUTION FOR TYPE 3 SPLICE JOINT 

 

 
 

FIGURE 6-15.  INTERNAL LOAD DISTRIBUTION FOR TYPE 4 SPLICE JOINT 
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TABLE 6-5.  STRESS RATIO FOR FOUR SPLICE JOINTS 
 

Type No. Layer No. 
Fastener 

Row 
Far-Field 
Tension 

Bearing 
Factor 

Bending 
Factor 

Bypass 
Factor 

1 5 D 1.000 1.228 0.400 0.872 
2 2 C 1.000 1.978 0.395 0.654 
3 3 A 1.000 1.103 0.300 0.850 
4 3 A 1.000 1.292 0.180 0.888 

 
6.10.5  Equivalent Initial Flaw Size Analysis. 
 
Newman [7] has demonstrated that using an EIFS size of 0.00012 inch (3 µm) in length  
x 0.00047 inch (12 µm) in depth x 0.0016 inch (4 µm) in height to simulate an inclusion particle, 
it is possible to predict the fatigue lives of Al 2024-T3 specimens reasonably well.  Newman 
used the crack growth rates and thickness constraint factors, α, listed in table 6-6 for Al 2024-T3. 
 

TABLE 6-6.  CRACK GROWTH RATES FOR Al 2024-T3 SHEET (FOR FASTRAN-II) 
 

Data 
Point 

da/dN 
m/Cycle 

∆Keff 
MPa (m)0.5 

da/dN 
in./Cycle 

∆Keff 
ksi (in.)0.5 

1 3.56 × 10-10 1.43 1.40 × 10-8 1.30 
2 3.05 × 10-9 2.42 1.20 × 10-7 2.20 
3 6.10 × 10-9 3.30 2.40 × 10-7 3.00 
4 1.52 × 10-8 4.40 5.98 × 10-7 4.00 
5 4.06 × 10-8 5.50 1.60 × 10-6 5.00 
6 4.32 × 10-6 11.00 1.70 × 10-5 10.00 
7 1.73 × 10-6 27.50 6.81 × 10-4 25.00 
8 2.54 × 10-4 49.50 1.00 × 10-2 45.00 
 Thickness Constraint Factors, α  
 

α factor 
da/dN 

m/Cycle 
da/dN 

in./Cycle 
 

 1.10 7.5 × 10-7 2.95 × 10-5  
 1.73 9.0 × 10-7 3.54 × 10-5  

 
To interpolate the corresponding EIFS for each measured crack growth data point, the 
FASTRAN-II code was used to predict the crack growth for 16 different initial flaw sizes, shown 
in table 6-7.  In the table, each flaw size is scaled down by a factor of 0.65 from the one above it.  
These sizes were selected such that their crack growth curves can envelop all measured data 
points.  The ratio between the depth and the length of the crack for all 16 flaw sizes is assumed 
to be the same as that found in reference 7, i.e., 0.00012 x 0.00047 inch. 
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TABLE 6-7.  INITIAL CRACK SIZES FOR THE FASTRAN-II ANALYSIS 
 

Run Number 
EIFS Length 

(in.) 
EIFS Depth 

(in.) 

1 3.76595E-03 1.47500E-02 

2 2.44787E-03 9.58748E-03 

3 1.59111E-03 6.23186E-03 

4 1.03422E-03 4.05071E-03 

5 6.72245E-04 2.63296E-03 

6 4.36959E-04 1.71142E-03 

7 2.84024E-04 1.11243E-03 

8 1.84615E-04 7.23077E-04 

9 1.20000E-04 4.70000E-04 

10 7.80000E-05 3.05500E-04 

11 5.07000E-05 1.98575E-04 

12 3.29550E-05 1.29074E-04 

13 2.14207E-05 8.38979E-05 

14 1.39235E-05 5.45336E-05 

15 9.05026E-06 3.54469E-0 

16 5.88267E-06 2.30405E-05 
 
6.10.5.1  Original Crack Growth Analysis. 
 
All factors pertinent to riveted splice joints were compounded to generate the β correction 
factors.  These β factors were first used to predict crack growth for the 16 initial flaw sizes.  The 
Newman-Raju [45] stress-intensity solution for a corner crack emanating from an open hole was 
used as the base crack growth model.  The β factors for other effects (such as countersunk holes, 
bending, bypass and bearing stresses, and preload caused by rivet-squeezing forces) were 
individually superimposed onto the basic stress-intensity solution.  The effect of a countersink 
was based on an FAA research paper on an open, counter sunk hole.  The original analysis is 
discussed in section E-1 of appendix E.  The rivet-squeezing forces were derived from a 
DINA3D model.  The details of the DINA3D model and the analysis results are discussed on 
page E-71 of appendix E.  Figure 6-16 compares predicted and experimental results, and shows 
that the predicted crack growth pattern did not resemble that of the measured data.  The slopes of 
the predicted curves are much steeper than those of the measured, indicating that the assumptions 
for the stress-intensity solutions were probably too conservative.  Numerous attempts were made 
to further refine individual correction factors, but no satisfactory results could be achieved.  
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FIGURE 6-16.  COMPARISON OF CRACK GROWTH, EXPERIMENTAL VERSUS 
ANALYTICAL WITH VARIOUS ASSUMED EIFS, SPECIMEN 7 

 
6.10.5.2  Revised Crack Growth Analysis. 
 
To account for the number of unknowns in developing a stress-intensity solution for this 
complex geometry, a semiempirical approach was devised.  The approach used is illustrated 
below with some additional documentation following.  The complete procedure and the results 
used are discussed in detail in section 3.5.  The basic procedures are outlined below. 

1. Collapse the experimental crack growth data points for all cracks found in the same 
specimen by modifying their cycle counts such that all crack growth histories are 
synchronized.  See original test data in figure 6-17 and synchronized test data in figure 
6-18. 

2. Find a least-squares-fit semilogarithmic polynomial equation for the collapsed crack 
growth data points.  See solid line in figure 6-18. 

3. Determine the initial crack length at time zero, based on the semilogarithmic polynomial 
equation shown as the solid line in figure 6-18.  

4. Perform crack growth analysis using the initial flaw size at time zero, figure 6-18. 

5. Find a least-squares-fit semilogarithmic polynomial equation for the predicted crack 
growth history (solid line in figure 6-19). 
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6. Find the crack growth rates of the experimental and predicted crack growth curves, i.e., 
the slopes of the polynomial equations in steps 2 and 5, as a function of crack length 
(figure 6-20). 

7. Determine the additional correction factor based on the experimental and predicted crack 
growth rates.  Several iterations of step 3 through step 7 are needed to obtain convergence 
of the correction factors (figure 6-21). 

For step 1, a computer code was developed to collapse the crack growth data.  Figures 6-17 and 
6-18 show the original and synchronized crack growth data for EIFS-7.  For computing purposes, 
each crack is identified with a code consisting of six characters, for example, 08A19R.  The first 
two digits (08) indicate the EIFS specimen number.  The third character (A) indicates the 
fastener row identification (ID).  The next two digits (19) indicate the fastener ID number, and 
the last character (R) indicates whether the crack is located on the left or right (L or R) side of 
the hole.  The row number and fastener number for type 1 through type 4 specimens are shown 
in figures 6-22 through 6-25.  The modified cycles for all cracks are listed in table E-2 of 
appendix E.  The original and the modified crack growth curves for all specimens are also shown 
in figures E-32 through E-49 in appendix E. 
 

 
FIGURE 6-17.  ORIGINAL CRACK GROWTH HISTORY FOR SPECIMEN EIFS-7 
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FIGURE 6-18.  MODIFIED CRACK GROWTH HISTORY FOR SPECIMEN EIFS-7 
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FIGURE 6-19.  ITERATION OF PREDICTED CRACK GROWTH WITH AND WITHOUT 

ADDITIONAL CORRECTION FACTOR 

 6-24



1.00E-07

1.00E-06

1.00E-05

1.00E-04

0.00 0.10 0.20 0.30 0.40 0.50

Crack Length (in.)

C
ra

ck
 G

ro
w

th
 R

at
e 

(in
/c

yc
)

Baseline
1st Iteration
2nd Iteration
3rd Iteration
4th Iteration
5th Iteration
Experimental Results

Fitted Crack
Growth Rate for
Crack Growth

Fitted Crack Growth
Rate for Measured Data

(sploes of the Fitted
curves in Figure 8-19)

 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 

FIGURE 6-20.  ITERATION OF PREDICTED CRACK GROWTH RATES WITH AND 
WITHOUT ADDITIONAL CORRECTION 
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FIGURE 6-21.  MODIFICATION FACTOR, SPECIMEN EIFS-7, ORIGINAL TEST DATA 
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FIGURE 6-22.  FASTENER LOCATION FOR TYPE 1 SPLICE JOINT 
 

 
 

FIGURE 6-23.  FASTENER LOCATION FOR TYPE 2 SPLICE JOINT 
 

 
 

FIGURE 6-24.  FASTENER LOCATION FOR TYPE 3 SPLICE JOINT 
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FIGURE 6-25.  FASTENER LOCATION FOR TYPE 4 SPLICE JOINT 
 

For steps 2 and 5, a third-order, semilogarithmic polynomial equation was found to fit the EIFS-
7 crack growth data quite well.  Fewer data points were available for the other specimens; 
therefore, a first-order, semilogarithmic polynomial equation was used to fit those crack growth 
histories because a higher-order equation could produce erroneous results.  In the FASTRAN-II 
analysis described in step 4, the effects that could not be modeled based on first principles were 
accounted for with a βu factor.  The βu factors were initially set to 1.0 and then iterated several 
times to obtain a converged βu factor.  The βu factors were derived from a partial set of EIFS-7 
crack growth data, shown in figure 6-17, which were provided by AFRL at an early stage in the 
program.  The βu correction factor is 0.838 at a/R = 0.05, decreases to 0.537 at a/R = 0.60, and 
gradually increases back to 0.900 when a/R becomes large.  This βu factor was used to compute 
the EIFS.  For reference, the correction factor is designated as βu7 and is used to compute the 
EIFS for all other specimens.  The βu factor was recalculated again after Boeing had received the 
remaining set of EIFS-7 crack growth data and data for all other specimens.  The βu factor for 
EIFS-7 changed slightly as shown in the table 6-8.  The βu factors based on individual test 
specimens are also shown in table 6-8. 

TABLE 6-8.  CORRECTION FACTOR, βu, FOR SIFs 
 

Specimen No. Fastener Row βu 
3 C 0.790 
3 D 0.776 
4 C 0.988 

7 (partial) A 0.838 ~ 0.537 
7 A 0.882 ~ 0.462 
8 A 0.680 
9 A 0.889 
10 F 0.758 
11 F 0.788 
15 E 0.594 
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The EIFS associated with the measured data points for EIFS-8 is linearly interpolated from the 
semilogarithm plots, as shown in figures 6-26 and 6-27.  The plots for the rest of specimens are 
shown in appendix E.  Two plots of crack growth predictions are shown in figures E-50 through 
E-67 for the other specimens.  The first plot is based on the best-matched βu computed using the 
crack growth data for each individual specimen; the second plot is based on the βu7 derived from 
the partial set of EIFS-7 data.  The curves correspond, from left to right, to runs 1 through 16 in 
table 6-6.  The average EIFS, interpolated on the logarithmic scale, for each crack is plotted in 
figure 6-28, and a complete list of EIFS can be found in tables E-3 through E-10 of appendix E. 
 

 
 

FIGURE 6-26.  COMPARISON OF CRACK GROWTH HISTORY FOR EIFS-8 USING 
BEST-MATCHED βu 

 

 
 

FIGURE 6-27.  COMPARISON OF CRACK GROWTH HISTORY FOR EIFS-8 USING βu 
BASED ON EIFS-7 
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FIGURE 6-28.  EQUIVALENT INITIAL FLAW SIZE DISTRIBUTION FOR 
ALL SPECIMENS 

 
6.11  CONCLUSIONS. 

The best method to prevent premature edge cracking at the splice joint is to use an hourglass-
shaped test specimen plus oversized rivets installed along the edge with a higher squeezing force. 

The SEM method can be used to reconstruct the growth history for cracks as small as 0.0008 
inch (20 µm), if proper underload marker band cycles are used.  

The spectrum loading used in this study can create visible markings on the fracture surface when 
examined under SEM.  However, a trial experiment must be conducted to validate its 
effectiveness for an individual specimen configuration. 

Final fracture of the joint by fatigue cycling may smear the fracture surfaces and ruin the marker 
bands.  It is best to stop the fatigue cycling before final fracture, as long as MSD has developed 
in the joint. 

The rotating self-nulling eddy-current probe is an excellent method to detect the existence of 
cracks.  However, it is not an accurate tool for measuring crack length. 

Most EIFS found for the test specimens in this study are in the range of 0.0001 to 0.001 inch.  
Due to the order of magnitude variation in EIFS size found for these test specimens, fatigue life 
predictions based on these EIFS sizes could vary significantly.  Depending on the EIFS sizes 
picked for the analysis, it would not be unusual to see variations of several lifetimes, even when 
using the same crack growth methods or tools. 
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No significant differences in the EIFS can be found for different splice joint types. 

The attempts to develop comprehensive stress-intensity solutions by compounding or 
superpositioning the β factors for the individual effects derived from first principles were not 
effective.  The number of unknown factors made it necessary to use a semiempirical approach to 
account for the indeterminate factors. 
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7.  SMALL CRACK GROWTH. 

7.1  INTRODUCTION. 

It is a well known phenomenon that small cracks less than 0.05 inch are expected to grow faster 
than cracks obtained at the same stress intensity [6, 40, 41, 46, 47, and 48].  Recent work shows 
that the long crack growth data are, in fact, growing slower as a result of the crack closure effects 
that occur at lower R-ratios in the K-decreasing test procedure, which is commonly used to 
generate material da/dN data.  The long crack data generated with constant-amplitude loads 
agree better with small crack results.  For a pin-loaded hole, there were further complications 
because of the effects of pin and hole interference, rivet-clamping forces, countersunk rivets, and 
pin-load transfer.  To fully understand the WFD phenomenon in a splice joint, small crack 
growth rates for cracks emanating from a pin-loaded hole must be studied carefully.  
 
The purpose of this section was to verify, by experiment, the analytical methods used in 
predicting small crack fatigue growth in pin-loaded holes.  Boeing designed and partially 
fabricated the specimens and, after testing, conducted small crack growth (SCG) test and 
analysis correlation using FASTRAN-II code (see section 2.2.5).  The AFRL at WPAFB 
performed the precracking procedure, completed final assembly, calibrated the specimens, and 
conducted the SCG testing.  Besides studying pin-loaded holes, AFRL also fabricated and tested 
several open-hole specimens.  

The following sections describe the SCG specimens, test procedures, test results, and test and 
analysis correlation.   

7.2  OBJECTIVE. 

The objective of this study was to generate crack growth experimental data for cracks, ranging in 
size from an initial length of 0.003 inch to a final length of 0.25 inch, emanating from pin-loaded 
fastener holes under varying degrees of load transfer.  Both constant and spectrum loading were 
applied to the test specimens.  

Because of the complexities involved in studying pin-loaded holes, the number of variables in 
the problem was reduced by carefully designing and fabricating the specimens to eliminate pin 
and hole interference, pin-clamping forces, and countersink effects.  NASTRAN models were 
used to correlate the pin load transfer. 

7.3  TEST MATRIX. 

The test matrix is given in table 7-1.  Four groups of specimens, representing 19, 23, 28, and 
0 percent load transfer respectively, were included in this test program.  The baseplate material 
and dimensions were identical for all specimens, but doubler thickness and material varied from 
group to group to yield different load transfers.  A 0-percent load transfer was represented by 
open-hole specimens (i.e., with no pins or doublers).  Each group was tested under both constant-
amplitude loads with marker cycles and spectrum loading.  In addition, for purpose of 
comparison, the open-hole specimens were also tested under constant-amplitude loads without 
marker cycles (specimens 20 and 21). 
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TABLE 7-1.  SMALL CRACK GROWTH SPECIMENS TEST MATRIX 
 

Doublers  
(6 x 2 in.) Specimen 

ID 
Base Material  

(18 x 3 x  0.063 in.) 

Percentage 
Load 

Transfer Thickness Material Test Load 
Drawing 

ZJ151920 

SCG-1s 
SCG-2 
SCG-5 

Al 2024-T3 (L) 19 0.063 in. Al 2024-T3 Constant with 
marker cycles 

-1 

SCG-3s 
SCG-4s 

Al 2024-T3 (L) 19 0.063 in. Al 2024-T3 Spectrum -1 

SCG-6* 
SCG-7* 

Al 2024-T3 (L) 23 0.125 in. Al 2024-T3 Constant with 
marker cycles 

-503 

SCG-8* 
SCG-9* 

Al 2024-T3 (L) 23 0.125 in. Al 2024-T3 Spectrum -503 

SCG-11 
SCG-12 

Al 2024-T3 (L) 28 0.063 in Steel 4130A Constant with 
marker cycles 

-501 

SCG-13s 
SCG-14 

Al 2024-T3 (L) 28 0.063 in. Steel 4130A Spectrum -501 

SCG-16 
SCG-17s 

Al 2024-T3 (L) 0 – – Constant with 
marker cycles 

Open hole 

SCG-18s 
SCG-19s 

Al 2024-T3 (L) 0 – – Spectrum Open hole 

SCG-20s 
SCG-21 

Al 2024-T3 (L) 0 – – Constant Open hole 

 
Note:  All specimens have two 0.186-inch-diameter titanium pins (except open-hole specimens). 
 
* For these specimens, the drawings specify a 0.125-in.-thick part and all analysis in this section were based on 

that cross section.  Documentation provided by AFRL recorded these as 0.120-in.-thick parts, nonstandard gage.  
Attempts have been made to resolve this discrepancy.  However, based on the drawing specification and the fact 
that 0.125 in. is a standard product gage, this section will refer to these specimens by their drawing dimension 
(0.125 in.). 

7.4  SPECIMEN DESIGN AND FABRICATION. 

Specimens in this study were comprised of two identical doublers connected to a plate of base 
material through titanium pins (figure 7-1).  The symmetric doublers were designed to prevent 
out-of-plane bending.  The titanium pins were locked with washers and cotter pins only to 
eliminate additional factors such as bolt-clamping forces and the effects of countersinks.  The 
hole tolerance was -0.0005 to +0.0000 inch, relative to the pin diameter, to minimize the effects 
of interference. 

Detailed specimen configurations are defined on drawing ZJ151920 as -1, -501, and -503 for 19, 
28, and 23 percent load transfers, respectively.  The drawing is shown in figure F-1, appendix F. 
 
The strain gages installed at the center of the doublers were used to monitor load transfer during 
the test.  The percentage of load transfer was determined by comparing the gage readouts with 
the predetermined 100 percent load transfer calibration data.  (The procedures to obtain these 
calibration data are discussed in section 7.5.) 
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FIGURE 7-1.  SMALL CRACK GROWTH SPECIMEN 

 
The parts that were supplied and fabricated by Boeing for each test specimen, including spares, 
were as follows: 

1. One 18″ × 3″ × 0.063″ Al 2024-T3 bare baseplate, oriented in the L-T direction.  One 
undersize hole, 1/16 inch diameter, was drilled at one of the titanium pin locations, and 
one edge of that hole was wirecut for a length of no more than 0.01 inch with a 0.003-
inch-diameter wire.  The wirecut was oriented perpendicular to specimen length 
direction. 

To ensure collinear holes in the stackup, the baseplate, doublers, and one of the 
calibration baseplates (described below in 8), were assembled and a 1/16-inch-diameter 
(0.0625-inch) hole was match drilled.  A detail of the parts stackup sequence is shown on 
drawing ZJ151921 (figure F-2, appendix F).  

 
2. Two 6″ × 2″ outer doublers oriented in same direction as the baseplate.  Materials and 

thickness were varied as defined in the test matrix, table 7-1 (the drawing is shown in 
figure F-1, appendix F).  The doublers had an undersized hole, 1/16 inch diameter, which 
was then match-drilled at the specified location as outlined in (1) above. 

3. Two 0.186-inch-diameter MS20392-2A9 titanium pins with appropriate grip length.  

4. Four NAS1252-10L 0.032-inch-thick Al 7075-T6 washers. 

5. Two S2245042S6-0024 steel cotter pins. 

6. Two 0.063-inch–thick Al 7075-T6 shims, NAS1252-10H.  AFRL subsequently adjusted 
the shim thickness so that there was zero clearance between assembly components and 
the installed cotter pin. 
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7. Four 3.5″ × 3″ × 0.063″ Al 2024-T3 clad specimen end-grip edge doublers. 

8. Two 9″ × 3″ × 0.063″ Al 2024-T3 bare calibration baseplates.  Calibration baseplates 
were identical to the baseplate identified in step 1, but were only half the length.  (See 
section 7.5 for a description of the calibration procedure.) 

The detailed dimensions and specifications for the titanium pins, washers, cotter pins, and shims 
are included in figure F-3, appendix F. 

After receiving the parts from Boeing, AFRL precracked, calibrated, and assembled the 
specimens according to the following steps: 

1. The baseplate was installed in the fatigue-loading fixture, without the two outer doublers.  
A check was made to ensure correct load alignment.  

2. A pin with the correct grip length for the specimen was selected, and the pin diameter 
measured to 0.0001 inch. 

3. Precracking was performed.  The desired length of the precrack is shown in figure 7-2(a).  
Precracking followed the load-shedding method described in ASTM E 647 section 7.7.  
The load levels used are as follows: 

a. Crack initiation portion.  The specimen was cycled at a constant-amplitude load 
of 24.6 ksi with R = 0.1, then at 19.0 ksi with R = 0.1, until the length of the 
natural crack (i.e., past the wirecut) was 0.025 inch. 

 
b. Final sharpening portion.  The specimen was cycled at a constant amplitude of 

14.3 ksi with R = 0.1 for the remaining length of crack growth (approximately 
0.02975 inch). 

 
4. The baseplate was removed from the loading fixture when the combined lengths 

(measured on either the front or back side of the specimen) of the predrilled, undersized 
hole radius, including the wirecut and the precrack, reached a length equal to the radius 
of the pin (measured in step 2) plus 0.003 inch.  This ensured that the crack would not be 
longer than 0.003 inch after the final reaming of the hole to its finished size (see figure 
7-2(b)). 

5. The baseplate, corresponding doublers, and calibration baseplates were reassembled as 
shown on drawing ZJ151921 (figure F-2, appendix F).  The precracked hole was then 
enlarged to the final net-fitted pin size, according to the pin diameter selected in step 2.  
Hole diameter tolerance was -0.0005 to +0.0000 inch, relative to the pin diameter. 

6. Another pin was selected and measured.  In the reassembled stackup, a second 0.186-
inch-diameter pinhole was drilled, cold-worked, and reamed to the same tolerance of 
-0.0005 to +0.0000 inch, relative to the new pin diameter.  The cold working was 
performed to prevent cracking at this second hole.   
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7. The stackup sequence and the orientation of all pieces were marked so that the specimen 
could be put back together in the same way after each disassembly for crack 
measurement. 

8. The stackup was disassembled.  The diameter of the cracked hole and the length of 
precrack were measured. 

9. Load calibration of paired doublers (as outlined in section 7.5) was conducted. 

10. End-grip edge doublers were bonded to the baseplate. 

11. The test specimen was assembled per drawing ZJ151920 (see figure F-1, appendix F).  
Using only thumb and forefinger pressure to compress specimen assembly, shim 
thickness was adjusted so that there was zero clearance between the assembly 
components and the installed cotter pin. 
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(b) 

 
FIGURE 7-2.  PRERACKING ARRANGEMENT AND REAMED CONFIGURATION 

 
7.5  SPECIMEN DOUBLERS CALIBRATION. 

The AFRL performed the installation and calibration of the strain gages.  The load versus strain 
results, together with the strain surveys done during testing, were used to determine the 
percentage of load transfer.  The calibration specimen drawing, ZJ151921, is shown in 
figure F-2, appendix F.  The general calibration procedures are outlined below. 
 
1. Install the strain gage along the centerline of each outer doubler (figure 7-3). 
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2. Assemble the calibration specimen as described in drawing ZJ151921 (figure F-2, 
appendix F), using match-drilled doublers, split calibration baseplates, and pins.  The 
calibration configuration is identical to the testing configuration, except for the 
baseplates, which are split in the middle (figure 7-4), such that all of the load must go to 
the doublers, i.e., 100 percent load transfer.  

3. Perform strain survey by monotonically loading specimen in tension; unload, then reload.  
Provide real-time load versus strain plots.  Strain survey load should not be greater than 
80 percent of the maximum fatigue load. 

4. Record and plot strain load data. 

5. Disassemble calibration specimen and assemble testing specimens. 
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FIGURE 7-3.  STRAIN GAGE INSTALLATION 
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FIGURE 7-4.  CALIBRATION SPECIMEN ASSEMBLY 
 
7.6  TEST LOADS. 

Specimens SCG-1s, SCG-2, SCG-5, SCG-6, SCG-7, SCG-11, SCG-12, SCG-16, and SCG-17s 
were subjected to constant-amplitude loading with underload marker cycles (see section 3.6.2 for 
a description of underload and overload marker cycles).  The maximum stress applied on each 
specimen varied, depending on the doubler material:  15 ksi for 0.063-inch aluminum doublers, 
12.5 ksi for 0.125-inch aluminum doublers, and 10 ksi for 0.063-inch steel doublers.  In each 
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case, the underload marker cycle was 75 percent of the maximum stress for that specimen.  All 
cycles had a stress ratio of 0.1.   
 
A variable amplitude spectrum was applied to specimens SCG-3s, SCG-4s, SCG-8, SCG-9, 
SCG-13s, SCG-14, SCG-18s, and SCG-19s.  (See section 3.6.1 for a complete description of the 
spectrum.)  A reduction factor was applied to the spectrum varied, depending on the doubler 
material:  0.65 for 0.063-inch aluminum doublers, 0.55 for 0.125-inch aluminum doublers, and 
0.45 for 0.063-inch steel doublers. 
 
The loads applied to each specimen were chosen to reduce pin-bearing stresses below the 
nominal yield stress for the Al 2024-T3 baseplate.  These loads vary for each type of doubler 
because the load transfer through the pins; and hence, the bearing stress is different in each case.  
The maximum stresses (for constant amplitude) or reduction factors (for spectrum) applied are 
listed in table 7-2. 
 

TABLE 7-2.  MAXIMUM APPLIED LOADS BY SPECIMEN 
 

Loading Type Specimen ID Max. Applied Loads 

SCG-1s, -2, -5 σmax = 15.0 ksi  

SCG-6, -7 σmax = 12.5 ksi  

SCG-11, -12 σmax = 10.0 ksi  
Constant amplitude with 
underload marker cycles  

SCG-16, -17s σmax = 15.0 ksi  
Constant amplitude (no 
markers) SCG-20s, -21 σmax = 15.0 ksi 

SCG-3s, -4s 65% of baseline spectrum 

SCG-8, -9 55% of baseline spectrum 

SCG-13s, -14 45% of baseline spectrum 
Spectrum 

SCG-18s, -19s 66% of baseline spectrum 
 
7.7  TEST PROCEDURES. 

Testing was conducted as follows. 

1. An assembled specimen was installed in a fatigue-testing fixture, and load alignment was 
checked. 

2. A strain survey was conducted before the fatigue test.  Two strain gages were attached to 
the outer doublers, and a strain survey was performed by monotonically loading the 
specimen in tension to 80 percent of maximum fatigue load, unloading, and then 
reloading.  The load versus strain was plotted in real time. 

3. Cyclic loading (per section 7.6) was applied.  
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4. Periodic testing was suspended, and the specimen was disassembled by removing the 
cotter pins and the outer doublers.  Pictures of the specimen were taken, and the crack 
lengths on both the front and back surfaces of the baseplate were measured.  

5. The test specimen was carefully reassembled to its original configuration.   

6. A strain survey was conducted (as in step 2). 

7. Fatigue cycling was continued. 

8. Steps 4 through 7 were repeated until the crack, measured at either the front or back 
surface of the baseplate, reached 0.25 inch or longer, at which point the cyclic testing 
ended. 

7.8  TEST METHODS.  

The SCG specimens were tested on a 10-kip axial servo-hydraulic load frame.  The control 
software, called LabMATE, was written by the University of Dayton Research Institute for 
AFRL.  This software provides for the application of variable loads such as marker bands 
spectra. 

The SCG study called for precracking a notched hole from an initial saw cut to a length of 0.096 
inch (measured from specimen centerline).  Procedures in the original test plan called for a crack 
initiation load of 24.6 ksi, followed by a crack-sharpening load of 14.3 ksi (see figure 7-2).  
However, it was found that this great a drop in the magnitude of the applied stress would retard 
the crack growth.  An intermediate stress level of 19.0 ksi was therefore added to the precracking 
procedure.  The modified procedure loaded the specimen at 24.6 ksi for a growth of 0.015 inch, 
followed by a reduced sharpening load of 19.0 ksi for a growth of 0.010 inch, and finishing with 
a 14.3 ksi load for a growth of 0.02975 inch.  Once the desired precrack length was reached at 
approximately 100,000 cycles, the specimens were machine finished to the test configuration.  
This included increasing the diameter of the notched hole and final reaming to leave a 0.003-inch 
sharp crack and a 0.0005-inch interference.  The second unnotched hole was cold-worked, per 
Fatigue Technology, Inc.-recommended tools and procedures, to prevent crack initiation and 
propagation.  The cold working was performed by AFRL at WPAFB.  Doublers were attached 
with close-tolerance titanium pins, and strain gages were applied to these doublers for data 
collection.  Further details of specimen preparation can be found in reference 49.  The test loads 
are shown in table 7-3. 

TABLE 7-3.  MAXIMUM TEST LOADS BY DOUBLER TYPE 
 

Maximum Stress Applied (ksi) 

Doubler Type 
Constant Amplitude  
With Marker Band 

Constant Amplitude 
Without Marker Band EIFS Spectrum

0.063-inch aluminum doubler 15.0 - 15.8 
0.125-inch aluminum doubler 12.5 - 13.4 
0.063-inch steel doubler 10.0 - 11.0 
No doubler (open hole) 15.0 15.0 16.0 

 7-8



For constant-amplitude fatigue with marker bands, 15.0 ksi was chosen as the maximum load for 
the specimens with 0.063-inch-thick aluminum doublers.  The maximum load for the specimens 
with 0.125-inch-thick aluminum doublers was 12.5 ksi.  The maximum load for the specimens 
with 0.063–inch-thick steel doublers was 10.0 ksi. 
 
For the spectrum loads, 15.8 ksi was the maximum load for the specimens with 0.063–inch-thick 
aluminum doublers.  The maximum load for the specimens with 0.125-inch-thick aluminum 
doublers was 13.4 ksi.  The maximum load for the specimens with 0.063–inch-thick steel 
doublers was 11.0 ksi. 
 
A series of open-hole tests (i.e., tests without any doublers in place) was conducted with a 
maximum stress of 15.0 ksi, under constant-amplitude loading, with and without fatigue marker 
bands, and 16.0 ksi under spectrum loading.  These tests were in addition to the original test 
plan. 
 
These loads were modified from the original test plan to reduce the bearing stress around the 
load transfer pinholes.  The goal of the test program was to create a 0.003-inch through crack and 
grow it 0.25 inch, to a total length of 0.343 inch from the specimen centerline.  The specimens 
then were statically failed to expose the failure surface for fractographic examination.   
 
The tests were designed so there were approximately eight inspection intervals per specimen or 
about every 0.030 inch of crack growth.  At each interval, the crack length was measured on both 
faces and digital photographs recorded each crack face.  Disassembly of the specimen was 
required for each inspection.  To ensure proper assembly after each inspection, a strain survey 
was conducted to compare strains previously recorded, and the test was held if any discrepancies 
surfaced. 
 
The description of the test methods in this section was contributed by AFRL at WPAFB, with 
some editorial modifications by Boeing.  Further details on the test procedures are presented in 
the AFRL report [49]. 
 
7.9  TEST RESULTS. 

The test matrix for this study is shown in table 7-4.  Specimens with a suffix of “s” were 
manufactured during the test program.  These were made of material provided by Boeing at Long 
Beach, California, from the same heat-treat lot as the material used for the original batch of 
specimens.  
 
Fatigue lives for the specimens varied widely:  cycle counts from 50,000 to more than 5,000,000 
were achieved.  Spectrum-loaded specimens had much longer fatigue lives than those tested 
under constant-amplitude loading.  Since maximum test loads were highest for the specimens 
with 0.063-inch aluminum doublers and lowest for those with 0.063-inch steel doublers (see 
table 7-3), fatigue life increased with increasing doubler stiffness.  In table 7-4, the shortest 
fatigue lives are for the specimens identified in the upper left portion of the table and the longest, 
for those in the lower right portion of the table.   
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TABLE 7-4.  SMALL CRACK GROWTH TEST MATRIX 
 

Doubler Type 
Marker Band 
(Specimen 1) 

Marker Band 
(Specimen 2)

Constant 
Amplitude 

Without 
Marker Bands

EIFS 
Spectrum 

(Specimen 1) 

EIFS 
Spectrum 

(Specimen 2)
0.063-inch 
aluminum doubler 

SCG-2 
SCG-1s SCG-5  SCG-4s* SCG-3s* 

0.125-inch 
aluminum doubler SCG-6 SCG-7  SCG-8 SCG-9 

0.063-inch steel 
doubler SCG-11 SCG-12*  SCG-13s* SCG-14* 

Open-hole tests SCG-16* SCG-17s* SCG-20s 
SCG-21 SCG-18s SCG-19s 

 
* Test data for these specimens were questionable or inconclusive:  

• no measurable initial crack:  SCG-3s, -12, -13s, -16  
• strain gage data shows gapping or bending:  SCG-3s, -4s, -12, -13s, -14  
• change in applied loading during testing:   SCG-13s, -14, -17s 

 
Some problems arose that might affect the validity of test data for some specimens (those 
marked with an asterisk in table 7-4).  The first problem involved the unsurprising difficulty in 
achieving the 0.003-inch natural through crack specified in the test plan.  Some specimens had 
much larger initial cracks; SCG-2 had an initial crack of 0.0625 inch.  In some cases, there was a 
crack of the correct size on the front of the specimen, but no measurable crack on the opposite 
side (i.e., it was not a through crack).  For specimens SCG-3s, SCG-12, SCG-13s, and SCG-16, 
there was no measurable initial crack at all after the hole was reamed to the final size.  Since, for 
a crack to be measured, the specimens had to be removed from the test fixture and examined 
under a separate optical microscope, it is possible that a crack existed but closed with the 
removal of load. 
 
Another problem encountered was keeping the close tolerance (0.0005 inch) of a neat-fit pin.  
Although the titanium pins were carefully matched to each specimen, some strain gage 
calibrations showed there was no load transfer to the doublers until a high load was applied.  
This implies that there was gapping between the pin and hole.  This gapping effect also appeared 
later on testing for some specimens; the repeated load cycling and disassembling of the specimen 
and doublers likely resulted in loose-fit pins, out-of-round pins, etc.  Specimens SCG-3s, 
SCG-4s, SCG-12, SCG-13s, SCG-14 had strain gage survey data that suggested this type of 
pinhole gapping, with or without bending of the specimen.  
 
Certain specimens (SCG-13s, -14, and -17s) were inadvertently tested at several different load 
levels, or were switched, after a large number of cycles, from spectrum loading to constant 
amplitude.  These deviations were the result of discrepancies during the test procedure and 
preclude correlation with FASTRAN-II analyses. 
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Lastly, another problem that surfaced with high-cycle count was the development and growth of 
fatigue cracks from the opposite side of the load transfer pinhole.  These cracks affected the 
stress intensity of the primary crack being monitored so, where possible, the length of these 
cracks was recorded as they were discovered. 
 
Data for the strain surveys, which were run periodically throughout the tests, are presented in 
figures F-4 through F-103 in appendix F.  
 
Crack growth data for some specimens (SCG-3s, SCG-4s, SCG-13s, and SCG-14s) were 
considered unusable and are not included in this report.  Crack growth test data for the remaining 
specimens are presented in tables F-1 through F-15 in appendix F. 
 
Further details on the test results are presented in the AFRL report [49]. 
 
7.10  TEST AND ANALYSIS CRACK GROWTH CORRELATION. 

Life prediction analyses for the SCG specimens were performed using FASTRAN-II, a 
plasticity-induced crack closure program from NASA.  The FASTRAN-II code has been used 
before to successfully correlate test data from very small cracks, on the order of an inclusion 
particle [6 and 40].   
 
Section 2.2.5 gives more details on the FASTRAN-II program.  
 
7.10.1  FASTRAN-II Input. 

The specimen types in FASTRAN-II do not include a predefined beta solution for one through 
crack at a loaded hole.  However, the program permits the user to define the crack configuration 
by choosing a specimen type variable, NTYP, equal to -99, and then inputting a table of crack 
lengths (normalized to specimen width) versus beta correction factors.  NASGRO’s solution 
TC03 (through crack at an offset hole in a plate) was used to generate the beta correction factors 
for this table.  Bypass stresses needed for the NASGRO analysis were determined from finite 
element analysis.  
 
FASTRAN-II convention defines crack dimension a as in the direction of the specimen 
thickness; crack dimension c is in the direction of the specimen’s width.  Therefore, the surface 
cracks measured in this task are defined as c.  The initial crack size, ci, input to FASTRAN-II 
was set to 0.003 inch for most analysis runs.  (As noted later in this document, initial crack size 
for specimen SCG-2 at the end of the precracking procedure was 0.0625 inch; ci was set to 
0.0625 inch in the analysis for this specimen.)  Load transfer was varied to represent the different 
doublers used (0.063-inch aluminum, 0.125-inch aluminum, or 0.063-inch steel).  
 
A variable constraint factor, α, was input; refer to section 2.2.5.  Both constant-amplitude 
loading with marker cycles and spectrum loading were used; refer to section 3.6 for details on 
the loading schemes.  
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7.10.2  Test and Analysis Load Transfer Percentages. 

7.10.2.1  NASTRAN Analysis. 
 
Finite element models were created of the three specimen doubler configurations:  0.063-inch 
aluminum, 0.125-inch aluminum, and 0.063-inch steel.  (This analysis was completed before 
testing, and the originally prescribed thickness of 0.125″ for the second aluminum doubler was 
used; AFRL documentation of the testing refers to a 0.120″ aluminum doubler.)  The load 
transfer ratios (i.e., the amount of load transferred to from the specimen to the doublers) were 
calculated from the pin as follows: 
 
Applied load (all specimens) = 10 ksi × 0.063 inch × 3.0 inches = 1890 lbs. 
 
• For 0.063-inch aluminum: 
  Pin load = 360 lb 
  Load transfer = 360/1890 = 19 percent 

• For 0.125-inch aluminum: 
  Pin load = 436 lb 
  Load transfer = 436/1890 = 23 percent 

• For 0.063-inch steel: 
  Pin load = 535 lb 
  Load transfer = 535/1890 = 28 percent  

7.10.2.2  Change in Load Transfer With Crack Extension. 
 
A load transfer percentage for each of the three doubler configurations was calculated from the 
slope of the strain gage calibration plots (see figures F-4 through F-104 in appendix F).  Strain 
surveys were also performed periodically throughout the tests, and data from these plots were 
checked to determine if load transfer dropped significantly as the cracks grew, as this would 
affect crack growth results. 
 
Table 7-5 presents a summary of the load transfer percentages calculated from the strain 
calibrations, showing an average value for each type of doubler configuration.  The load transfer 
percentages calculated from test data agreed very well with analytically determined percentages 
for both of the aluminum doublers (0.063 and 0.125 inch thicknesses).  However, the average 
load transfer value for specimens with steel doublers was lower than that predicted analytically 
(23 percent versus 28 percent).  Table 7-6 compares the load transfer values from NASTRAN 
and from test data.  
 
Tom Swift’s widely used equation [26] was used to calculate K, the fastener stiffness, for input 
to NASTRAN; refer to section 3.7 for details.  
 
For the specimens with steel doublers, E was calculated as a weighted average of the moduli of 
aluminum and steel.  However, the Swift equation was empirically derived, using only aluminum 
sheets and may not be applicable to cases where there are different materials in the stackup. 
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TABLE 7-5.  LOAD TRANSFER PERCENTAGES FROM STRAIN GAGE CALIBRATION 
 
 Percent Load Transfer Specimen 

ID Front Back Comments 
Average 

(%) 
0.063-inch Aluminum Doublers 

SCG-4s 23 4 Not included in 
average 

SCG-2 19 19  
SCG-1s 17 18  
SCG-5 20 19  

19 

0.125-inch Aluminum Doublers 
SCG-6 21 25  
SCG-7 24 22  
SCG-8 21 27  
SCG-9 22 28  
SCG-10 20 21 Spare 

23 

0.063-inch Steel Doublers 
— 22 27 Not used 
— 23 22 Not used 

SCG-12 21 24  
SCG-11 28 23  
SCG-15 19 18 Spare 

23 

 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 

TABLE 7-6.  FASTENER STIFFNESS CALCULATIONS AND  
RESULTANT PERCENT LOAD TRANSFER 

 
Doubler Percent Load 

Transfer 
Group Material 

T 
(in.) 

E in psi 
(Used in Swift 

Equation) 

Fastener 
Stiffness 

(K) 

Shear Factor* 

GA
K l

 NASTRAN Test 
1 Aluminum 0.063 10.5 x 106 220,880 0.08260 19 19 
2 Aluminum 0.125 10.5 x 106 255,591 0.14262 23 23 
3 Steel 0.063 19.8 x 106 506,599 0.18946 28 23 

 
* Shear factor is input to NASTRAN as a property of the 2-D bar element used to model the fastener, where: 
 K = fastener stiffness   
  = distance between the nodes of the bar element l
 G =  shear modulus for the fastener material 
 A = area of the fastener 
 
A sample plot of load transfer percentages versus crack length for specimen SCG-5 (0.063-inch 
aluminum doublers) is presented in figure 7-5.  The load transfer is about 20 percent and remains 
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constant as the crack extends.  Plots for the other specimens, presented in figures F-107 through 
F-110 in appendix F, also show constant load transfer as the crack grew.  Because the last data 
point on figure 7-5 suggests a change in load transfer at the very end of the testing, the crack 
growth plot for this specimen rejects this last point; figure 7-6 shows crack growth up to a length 
of 0.2 in.  Subsequent crack growth plots for other specimens did not follow this rationale and 
used all data points. 
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FIGURE 7-5.  CHANGE IN LOAD TRANSFER WITH CRACK EXTENSION, SCG-5 
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FIGURE 7-6.  FASTRAN AND TEST COMPARISON, CRACK LENGTH VERSUS 

CYCLES FOR SCG-5 
 

7.10.3  Test and Analysis Correlation. 
 
A summary of the test results for all specimens, showing the number of cycles for the crack to 
reach a length of 0.25 inch, is presented in table 7-7.  The spectrum-loaded specimens show 
much longer lives, by factors of 15 to 20, compared with those under constant-amplitude loads.  
Crack growth retardation of this magnitude is unexpected for the spectrum used, which is 
primarily composed of constant-amplitude cycles, with overload cycles of about 150 percent at 
the beginning of the spectrum block (see figure 3-8). 
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TABLE 7-7.  TEST RESULTS SUMMARY—CYCLES TO 
REACH 0.25-inch CRACK LENGTH 

 
 Doubler Specimen ID Cycles 

0.063-inch aluminum SCG-2 38,000* 
0.063-inch aluminum SCG -1s 57,800 
0.063-inch aluminum SCG -5 52,500 
0.125-inch aluminum SCG -6 83,400** 
0.125-inch aluminum SCG -7 52,800** 
0.063-inch steel SCG -11 160,000 
No doubler SCG -16 95,900 

Constant amplitude with marker cycles 

No doubler SCG -17s 104,500 
Constant amplitude without marker 
cycles 

No doubler SCG -20s 65,000 

0.125-inch aluminum SCG -8 1,425,000 
0.125-inch aluminum SCG -9 1,300,000 
No doubler SCG -18s 975,000 

Spectrum 

No doubler SCG -19s 900,000 
 
*Initial crack size was 0.0625 inch (versus 0.003 inch). 
**Test ended prior to reaching 0.25 inch when crack grew from opposite side of the hole. 
 
Note:  The number of cycles to failure and final crack length data are available from the crack growth tables found 
in appendix F (tables F-1 through F-14). 

 
Representative plots of crack length versus cycles, comparing test data and results from 
FASTRAN-II analyses, are presented in figures 7-6 through 7-11. 
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FIGURE 7-7.  FASTRAN AND TEST COMPARISON, CRACK LENGTH VERSUS 
CYCLES FOR SCG-7 
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FIGURE 7-8.  FASTRAN AND TEST COMPARISON, CRACK LENGTH VERSUS 
CYCLES FOR SCG-8 
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FIGURE 7-9.  FASTRAN AND TEST COMPARISON, CRACK LENGTH VERSUS 
CYCLES FOR SCG-16 
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FIGURE 7-10.  FASTRAN AND TEST COMPARISON, CRACK LENGTH VERSUS 
CYCLES FOR SCG-20s 
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FIGURE 7-11.  FASTRAN AND TEST COMPARISON, CRACK LENGTH VERSUS 
CYCLES FOR SCG-18s 

 
Specimens under constant-amplitude loading showed reasonable correlation with FASTRAN-II, 
see figure 7-6 for specimen SCG-5, which had 0.063-inch-thick aluminum doublers, and 
figure 7-7 for specimen SCG-7, which had 0.125-inch-thick aluminum doublers.  However, 
crack growth for specimens under spectrum loading is much slower than predictions from 
FASTRAN-II analysis; see figure 7-8 for specimen SCG-8, with 0.125-inch aluminum doublers.  
The crack growth life for this specimen is more than 15 times that of SCG-6, a constant-
amplitude specimen with the same load transfer percentage as SCG-8. 
 
For comparison, a number of specimens was tested without a doubler, thus removing the 
complications of pin load transfer.  These open-hole cases were cycled under three loading 
conditions:  constant-amplitude with and without marker cycles and spectrum loading.  The 
constant-amplitude specimens showed excellent correlation with FASTRAN-II prediction.  
Figure 7-9 presents test versus analysis crack growth plots for specimen SCG-16, tested under 
constant-amplitude loading with marker cycles.  Figure 7-10 presents the equivalent plot for 
specimen SCG-20s, tested under constant-amplitude loads without marker cycles. 
 
Specimen SCG-18s, tested under spectrum loading, showed no correlation with FASTRAN-II, 
see figure 7-11, but it was later found that testing on this open-hole specimen had been done at a 
maximum stress level of 16.0 ksi (i.e., a reduction factor of 0.66 had been applied to the 
spectrum).  The analysis had assumed no reduction factor was used.  This likely accounts for the 
poor correlation.  Unfortunately, data for this specimen was received very late in the program, 
and it was not feasible to rerun the analysis.  
 
To assess whether poor correlation for spectrum-loaded specimens was an artifact of the testing 
procedure or errors in analysis, an AFGROW crack growth run was made for SCG-8 (see 
figure 7-12).  AFGROW also showed no correlation to the test results.  The crack model chosen 
in AFGROW was Single Through Crack at Hole, with a load stress ratio of 0.77 (load transfer of 
23 percent), a bending stress ratio of 0, and a bearing stress ratio of 3.7. 
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FIGURE 7-12.  COMPARISON OF FASTRAN AND AFGROW AGAINST 
SCG-8 TEST DATA 

 
One possible cause of poor test and analysis correlation in spectrum-loaded specimens may have 
been the load levels chosen for creating the 0.003-inch natural crack.  The final sharpening 
portion of the precracking procedure used a maximum stress of 14.3 ksi, which is higher than the 
maximum loads applied during testing for specimens with 0.125-inch aluminum or 0.063-inch 
steel doublers.  Residual stresses from this precracking load may have retarded crack growth.  
There is, at the present time, no way to account for these residual stresses in the FASTRAN-II 
input, though the developer has expressed the intention of adding this capability for the end user.  
 
7.11  CONCLUSIONS. 

Results for the SCG task demonstrate the inherent difficulties in performing tests on loaded hole 
specimens.  Creating a 0.003-inch natural through crack proved difficult, as was maintaining a 
0.0005-inch close tolerance between the titanium pins and the specimen holes throughout the 
tests.  
 
Calculations from the strain gage readings taken periodically throughout the tests showed that 
load transfer, hence its effect on crack growth, remained constant as the crack extended. 
 
FASTRAN-II analyses show good correlation for constant-amplitude specimens.  The 
FASTRAN-II life predictions were conservative by 20 to 30 percent.  Analytical correlation was 
not good, however, for spectrum-loaded specimens.  The spectrum tests show greatly retarded 
crack growth as compared to constant-amplitude specimens with the same load transfer 
percentage and a similar maximum stress.  Correlation was excellent for those specimens tested 
without doublers (no pin loads).  
 
The original stress levels chosen for testing were reduced to prevent bearing failures.  This 
reduced the testing stress for the specimens with 0.125-inch aluminum doublers or 0.063-inch 
steel doublers to below the level used for the final sharpening in the precracking procedure.  This 
could have caused the extreme retardation in crack growth observed in the spectrum-loaded 
specimens.  
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8.  MULTIPLE-SITE DAMAGE FLAT PANELS. 

8.1  INTRODUCTION. 

This section documents the residual strength testing and analyses of four types of fuselage splice 
joints, which were used in the study of EIFS sizes in section 6.  The test specimens were 
fabricated with a large lead crack (simulated by a large saw cut) and several small occurrences of 
equal length MSD (also simulated by other saw cuts) to validate various analytical models.  The 
residual strength of the models would be assessed using three different fracture criteria: PZL, 
T*-integral resistance curve, and STAGS and CTOA. 

A preliminary demonstration of the STAGS and CTOA criteria was used to show how the 
methodology could be adapted to address a MSD scenario without a large lead crack.  The 
distribution and sizes of the cracks used in this demonstration were obtained from the EIFS 
program.  Boeing proposed that the STAGS and CTOA fracture criterion could also be used to 
estimate the residual strength of the EIFS panel as a function of time.  The predicted results are 
also included in subsection 8.11.  However, no test data are available to substantiate the 
predicted results. 

In support of this task, Boeing fabricated 16 large flat panels with four different splice joint types 
for residual strength testing.  Though these panels had different dimensions than those studied 
under the EIFS task, the four splice types were the same as shown in figure 2-2.  The testing of 
the panels was performed by the AFRL at WPAFB.  The details of the test setup, test procedure, 
and test results are published in a separate report [50]. 

8.2  OBJECTIVES. 

The main objectives were:  

1. To generate and document residual strength test data for four types of fuselage splice 
joints containing a simulated (saw cut) large lead crack with equal small MSD cracks. 

2. To correlate the analytical models using various fracture criteria against the experimental 
results. 

3. To analyze a different problem:  a distribution of different sizes of MSD without a lead 
crack. 

8.3  TEST MATRIX. 

The test matrix is shown in table 8-1.  Four fuselage splice joint types, three longitudinal splices, 
and one circumferential were included in this study.  Four specimens were fabricated for each 
type. 
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TABLE 8-1.  MULTIPLE-SITE DAMAGE PANELS TEST MATRIX 
 

Specimen ID Splice Configuration 
Lead Crack 

(in.) 
MSD Size 

(in.) 
Drawing 

ZB118852 
Guide 
Plates 

MSD-1 Type 1 Longitudinal 13.9 None -1-1 Yes 
MSD-2 Type 1 Longitudinal 13.9 0.05 -1-2 Yes 
MSD-3 Type 1 Longitudinal 13.9 0.10 -1-3 Yes 
MSD-4 (spare)  Type 1 Longitudinal 13.9 None - None 
MSD-5 Type 2 Longitudinal 12.82 None -501-1 Yes 
MSD-6 Type 2 Longitudinal 12.82 0.05 -501-2 Yes 
MSD-7 Type 2 Longitudinal 12.82 0.10 -501-3 Yes 
MSD-8 (spare) Type 2 Longitudinal 12.82 None - None 
MSD-9  Type 3 Longitudinal 14.8 None -503-1 Yes 
MSD-10 Type 3 Longitudinal 14.8 0.05 -503-2 Yes 
MSD-11 Type 3 Longitudinal 14.8 0.10 -503-3 Yes 
MSD-12 (spare) Type 3 Longitudinal 14.8 None - None 
MSD-13 Type 4 Circumferential 13.9 None -505-1 Yes 
MSD-14 Type 4 Circumferential 13.9 0.05 -505-2 Yes 
MSD-15 Type 4 Circumferential 13.9 0.10 -505-3 Yes 
MSD-16 (spare) Type 4 Circumferential 13.9 None - None 

 

Joint type No. MSD holes Lead crack length, L No. MSD holes 
Type 1 6 13.90 inches 6  
Type 2 7 12.82 inches 7  
Type 3 6 14.80 inches 6  
Type 4 6 13.90 inches 6  

 
Lead cracks ranging from 12.82 to 14.8 inches in length were introduced to the middle of the 
skin panel at the most critical fastener row (see table 8-1).  These lead crack sizes varied, 
depending on the splice type and fastener pitch, and were carefully chosen such that (1) stable 
tearing could start at a point between two fasteners; (2) the stress level at which the lead crack 
linked up with the first fastener hole, i.e., the first linkup stress, would be lower than the 
expected residual strength; and (3) the failure of the panels would be governed by fracture 
mechanics rather than by net section yielding.  In addition to the lead crack, MSD cracks with an 
average length of either 0.050 or 0.100 inch were included in two of the panels for each joint 
type (see table 8-1).  A set of guide plates was used during the testing of all panels to minimize 
lateral displacement.  Strain survey tests were first conducted on the specimens at a stress level 
below that expected for crack extension.  After completing the stress survey tests, the specimens 
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were residual strength tested under stroke-controlled loading.  This displacement was monitored 
via a transducer, Linear Variable Differential Transformer (LVDT), attached to the specimen 
adjacent to the upper and lower grips. 
 
8.4  SPECIMEN DESIGN AND FABRICATION. 

The material and construction of the MSD panels were the same as that of the EIFS test 
specimens, except as noted.  The specimens were fabricated per Boeing drawing number 
ZB118852 as part number -1, -501, -503, and -505.  A copy of the drawings is shown in figure 
G-1, appendix G.  The overall specimen size was 48 inches wide by 72 inches long as shown in 
figure 8-1.  A lead crack was introduced using a thin-blade jigsaw and then extended to a 
predetermined length using diamond-coated wire.  The diamond wire had an average diameter of 
0.008 inch.  The simulated MSD was also introduced at several fastener holes, ahead of the lead 
crack, using diamond-coated wire.  Measured lengths for the lead cracks and MSD cracks are 
shown in figure 8-2 for the type 1 splice joint, and in appendix G for the rest of specimens.  
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FIGURE 8-1.  GENERAL CONFIGURATION OF MSD SPECIMEN 
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FIGURE 8-2.  SPECIMEN CONFIGURATION MEASUREMENT (SPLICE TYPE 1) 

 
Specific configurations for different splice joint types are as follows: 
 
• Configuration -1 represents the type 1 longitudinal lap splice joint.  A 13.9-inch skin lead 

crack was saw cut along the rivet holes in row D.  MSD cracks were introduced to six 
fastener holes ahead of the lead crack on both sides. 
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• Configuration -501 represents the type 2 longitudinal lap joint without a doubler.  A 
12.82-inch skin lead crack was saw cut along the rivet holes in row A.  MSD cracks were 
introduced to seven fastener holes ahead of the lead crack on both sides. 

• Configuration -503 represents the type 3 longitudinal butt splice joint.  A 14.8-inch skin 
lead crack was saw cut along the rivet holes in row F.  MSD cracks were introduced to 
six fastener holes ahead of the lead crack on both sides. 

• Configuration -505 represents the type 4 circumferential splice joint.  MSD cracks were 
introduced to six fastener holes ahead of the lead crack on both sides.   

The specimen configuration measurements for splice type 1 are included in table 8-2.  The 
measurements for splice types 2, 3, and 4 are included in figure G-2, appendix G.  The top and 
bottom skin thicknesses were measured to make sure the right sheets were used.  Width, length, 
and panel diagonal measurements were taken to ensure that the panels were rectangular.  Splice 
overlap length and rivet row pitch measurements were taken to ensure uniformity of the splice 
joints.   

TABLE 8-2.  ZB118852-1 SPLICE TYPE 1 OVERALL PANEL SIZE 
 

Measured Lengths (in.) 
Measured Items -1-1 -1-2 -1-3 -1-4 

Top skin thickness 0.0636 0.0638 0.064 0.0628 
Bottom skin thickness 0.0640 0.0640 0.0639 0.0625 
Top skin width at grips 47.75 47.75 47.66 47.813 
Top skin width at splice 47.72 47.75 47.63 47.813 
Top skin length (edge 1) 34.78 34.78 34.75 35.0 
Top skin length (edge 2) 34.75 34.81 34.75 34.94 
Bottom skin width at grips 47.75 47.72 47.65 47.813 
Bottom skin width at splice 47.75 47.75 47.63 47.813 
Bottom skin length (edge 1) 34.78 34.81 34.78 35.0 
Bottom skin length (edge 2) 34.81 34.84 34.75 35.003 
Splice overlap (edge 1) 2.03 2.06 2.03 2.094 
Splice overlap (edge 2) 2.03 2.06 2.06 2.094 
A1 – B1 measurement (row pitch) 0.75 0.75 0.813 0.812 
A31 – B59 measurement (row pitch) 0.781 0.844 0.844 0.781 
A1 – C1 measurement (row pitch) 2.0 2.0 1.95 2.00 
A31 – C59 measurement (row pitch) 1.969 2.05 1.94 2.00 
A1 – D1 measurement (row pitch) 2.90 2.81 2.9375 2.85 
A31 – D31 measurement (row pitch) 2.844 2.875 2.8125 2.875 
B1 – C1 measurement (row pitch) 1.219 1.188 1.13 1.19 
B59 – C59 measurement (row pitch) 1.156 1.21 1.125 1.25 
Diagonal (top panel edge 1 to bottom panel edge 2) 82.81 82.68 82.63 83.06 
Diagonal (top panel edge 2 to bottom panel edge 1) 82.81 82.68 82.69 83.06 
See appendix G, figure G-5 for rivet numbering 
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8.5  GUIDE PLATES.  

As shown in figure G-3, appendix G, the antibuckling guides consisted of four plates of 1/2-inch-
thick A36 steel with four I-beam stiffeners.  Each guide plate was 49.5 inches wide.  Because the 
splice joint overlap differs in size for each panel type, the guide plate lengths varied from 18.25 
to 23 inches.  The surfaces of the guide plates were machine ground to a specified flatness.  They 
were kept in sets for proper fit over the specimens.  Two sets of guide plates were used for each 
specimen: one for the upper skin panel and one for the lower.  A 1.0-inch spacer block was 
placed between the sets during the installation, but the upper and lower sets were completely 
separate parts.  No tensile load could be transferred across the splice joint through the guide 
plates.  The guide plates were placed as close to the lead crack as possible, except where this 
interfered with the doublers and the longeron.  In the area not restrained by the guide plates, a 
series of five stoppers were installed, also shown in figure G-3, appendix G, to further suppress 
out-of-plane displacement in the splice joint area.  Plastic strips, made from 0.50-inch-thick 
phenolic sheets, were placed between the guide plates and the specimen.  The plastic strips were 
secured to the steel plates using double-backed tape.  A film of grease was sprayed on the strips 
to minimize friction between the plates and the test specimen.  A view window was cut out of the 
steel plate to allow lead crack observation and the installation of the COD gage.  The guide 
plates were designed by Boeing with suggestions from NASA.  They were fabricated and 
installed under the supervision of AFRL personnel at WPAFB. 

8.6  INSTRUMENTATION. 

A COD clip gage was used to measure the opening in the middle of the crack throughout the test.  
The COD gage has a measuring capacity of up to 0.5 inch, which was sufficient for the 
maximum expected displacement of 0.25 inch.  MTS, INSTRON, or equivalent COD gages, with 
a 10-volt maximum output, were used in the materials test laboratory.  Two small metal blocks 
with knife edges were bonded an equal distance above and below the crack surface, as near to the 
center of the panel as possible.  Axial 350-ohm strain gages were affixed to each test panel after 
fabrication.  The details of the strain gage locations and the numbering system are described in 
figures 8-3 and 8-4 for splice type 1 and in figure G-4 appendix G for splice types 2, 3, and 4.  
For each splice joint type, only one specimen (MSD-1, -5, -9, and -13 for types 1, 2, 3, and 4 
respectively) had a full set of 24 gages installed to record local stresses; these gages are 
numbered 1 through 24 in the figures.  The other three specimens of each joint type had gages 
installed for the purpose of checking alignment only; these eight gages are denoted with a * in 
the figures.  The larger gages (gages 1 to 4 and 13 to 20), with a length of 0.25 inch, were located 
away from the splice joints and parallel to the loading direction to verify the uniform distribution 
of the loads.  The smaller gages (gages 5 to 12), with a length of 0.062 inch, were located at the 
tangent line of the critical rivet row to measure out-of-plane bending (views N, P, and S in figure 
G-4, appendix G).  Four additional back-to-back gages (gages 21 to 24) were located as close as 
possible to the lead crack.  Orientation of the smaller gages was parallel to the lead crack.  These 
gages were used to measure the transverse stress caused by lateral buckling.  The comparison of 
the back-to-back strain gage readouts, such as gage 21 versus gage 22, indicated the amount of 
out-of-plane bending along the lead crack and, hence, the effectiveness of the guide plates (views 
T, U, and V in figure G-4, appendix G).  The installation, wire lengths, and plugs were identical 
to that used for the EIFS specimens. 
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FIGURE 8-3.  STRAIN GAGE LOCATIONS AND NUMBERING FOR SPLICE TYPE 1 

 

 
FIGURE 8-4.  MULTIPLE-SITE DAMAGE PANELS SPLICE TYPE 1-4, STRAIN 

GAGE LOCATIONS 
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8.7  CRACK LENGTH MEASUREMENT AND DATA RECORDING. 

The lead crack lengths were visually measured at every load increment via a traveling optical 
microscope.  The rivet numbering system is shown in figure G-5, appendix G.  All strain gages, 
the COD gage, LDVT, and the load values were digitally recorded during testing.  Before panel 
failure, the specimens were unloaded and reloaded to check for buckling at the center of the 
specimens. 

8.8  TEST PROCEDURE. 

All specimens were tested in a similar way according to the following procedure: 

1. Install the guide plates and restraint devices to provide specimen lateral support.  
 
2. Mount the specimen in the test fixture and connect the instrumentation.  Install the COD 

clip gage. 
 
3. Cycle the specimen at 5 ksi for 20 cycles to set specimen in the fixture. 
 
4. Conduct strain survey.  The applied loads were increased at a 0.5-ksi increment to a 

maximum gross stress of 5 ksi.  The strain readouts were recorded at every load step. 
 
5. Conduct residual strength test.  Load the specimen by applying displacements at the grips 

in small increments; allow crack to stabilize before continuing. 
 
6. During testing, measure the lengths of the lead crack and MSD crack visually.  Record 

the strain gage readings, load, and COD. 
 
7. After completing the test, cut out the splice joint and photograph the fracture surface. 
 
8.9  TEST RESULTS. 

Table 8-3 lists the measured applied loads versus crack lengths for the MSD panel splice type 1 
with no MSD cracks.  The panel average stress is defined as the total applied load divided by the 
nominal cross-section area of the skin, and the residual strength is defined as the highest average 
stress applied during the test.  Load versus crack length plots for the other panels are shown in 
tables G-6 through G-16 of appendix G.   

For reference, the test results of the four spare panels are shown in figures G-17 through G-24 of 
appendix G.  The spare panels contained lead cracks only and were the same length as those in 
other panels of the same splice type.  The spares were tested without guide plates.  A comparison 
of the residual strengths with and without guide plates is shown in table 8-4.  Panels tested 
without guide plates showed lower residual strength than those tested with guide plates; the 
decrease varies from 5 to 22 percent, and depends on the splice joint type.  The photographs of 
the panels and their fracture surfaces after testing can be found in reference 42. 
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TABLE 8-3.  MULTIPLE-SITE DAMAGE PANEL, TYPE 1 JOINT—NO MSD,  
WITH GUIDE PLATES ZB118852-1-1 

 
Applied Load 

(lb) 
Panel Average Stress

(ksi) 
Total Crack Length

(in.) 
Average Half Crack Length

(in.) 
0 0.000 13.907 6.953 

20328 6.722 13.907 6.953 
24985 8.262 13.907 6.953 
30579 10.112 13.907 6.953 
35161 11.627* 13.999 7.000 
38852 12.848 14.056 7.028 
42563 14.075 14.113 7.056 
46566 15.399 14.306 7.153 
49351 16.320 15.229 7.614 
56592 18.714 15.229 7.614 
6 .614 0580 20.033 15.229 7
67457 22.307 15.709 7.855 
69513 22.987** 17.774 8.887 
7082 22.183 18.603 9.301 6

 
Crac

**Pan
* k started tearing at 11.627 ksi 

el residual strength was 22.987 ksi 
 

T
NG GUIDES 

ABLE 8-4.  RESIDUAL STRENGTH REDUCTION DUE TO THE ABSENCE OF 
ANTIBUCKLI

 
Residual Strength (ksi) Residual Strength 

With Guide Plates Without Guide Plates 
Reduction 

(%) Splice Type 
1 23.0 19.8 14 
2 21.2 20.1 5 
3 25.2 22.2 12 
4 24.9 19.3 22 

 
Note:  All the panels with lead crack only no MSD. 

 
8.10  RESIDUAL STRENGTH ANALYSIS OF MSD FLAT PANELS. 

A road map for the residual strength analysis is shown in figure 8-5.  A global model or parent 
model was created for each type of splice joint.  A global-local approach was used to compute 
the stress-intensity correction factors (β).  The β factors are needed in the computation of linkup 
stress based on the PZL criterion.  Global models were created using the PATRAN code and 
analyzed using linear NASTRAN solutions.  Results of the NASTRAN model were then used to 
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create r 2D 
FEAM.  The results of using  8.10.3. 

the boundary conditions for local models, which were then analyzed using linea
 the PZL criterion are discussed in section
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P OF ANALYTICAL MODELS AND TOOLS 

The g tress 
levels and crack lengths.  The  were used to create boundary 
onditions for the local 2D EPFEAM models.  The local models were then analyzed based on the 

T*-integral resistance curve criterion for stable-tearing prediction.  The results are discussed in 
section 8.10.4. 
 
For the CTOA analysis, the global model mesh was fu ined and then slated into a 
STAGS form  crack and MSD cracks was predict ased on the 
CTOAs obtained from NASA-published papers (see section 8.10.5 for reference) for the same 
material type.  The details of CTOA analysis procedures and results are discussed in section 
8.10.5.  All ee criteria inves d predicted resid trength within 10 percent of the 
exper with MSD.  

 
lobal models were also analyzed using NASTRAN nonlinear solution for various s

nonlinear NASTRAN results
c

rther ref tran
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imental results for the fuselage splice joints 

 
8.10.1  Description of Finite Elements. 

The finite element models for each of the four types of test specimens were created using 
PATRAN code.  These PATRAN models are referred to as global models as shown in figure 8-5.  
Because of the symmetric nature of the panels, only the right half of each panel was created.  
Symmetric boundary conditions were applied to the left edge (centerline) of the panels.  All 
finite element models are 24 inches wide by 58 inches long.  The skin panels, fingered doublers, 
splice plates, and longerons were modeled using four-node plate elements.  Three-node 
triangular plate elements were used only in the transitional area from coarse to fine mesh.  The 
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components were modeled as individual layers at the respective midplanes of their thicknesses.  
The fasteners were modeled using two-node beam elements connecting two adjacent layers of 
omponents.  As in the EIFS models, the shear stiffnesses of the fasteners were computed 

according to Swift’s fastener equation for a lap joint, described in section 3.7.   
 
Fine mesh elements were used in the proximity of the splice joint.  At least eight elements per 
fastener pitch were used along the expected crack path.  The models were constrained at the 
lower edge in all 6 DOF; the top edge was constrained in all degrees of freedom, except for 
translation in the Y direction (T2), simulating the rigid grip of the test machine.  The left side 
was constrained in the X and Z translation directions (T1 and T3), and all rotational directions 
(R1, R2, and R3), simulating the symmetry about the centerline of the panel.  The R3 direction 
was not constrained for the STAGS models.   
 
A multiple-point constraint (MPC) equation was prescribed for the top edge in the T2 direction 
to simulate the uniform vertical displacement at this edge applied by the rigid grips of the test 
machine.  All other nodes were constrained in the T3 direction, under the assumption that out-of-
plane deformations would be suppressed by the guide plates.  A unit force was applied at the top 
edge in the T2 direction, simulating the test loads.  Material and section properties of the models 
are tabulated in tables 8-4 through 8-10, where the material properties were taken from MIL-
HANDBK 5.  A typical NASTRAN finite element model is plotted in figure 8-6.  The deformed 
shape and stress distribution is shown in figures 8-7 through 8-10 under 22 ksi of gross stress.  
More details of the finite element model and the deformed shapes with stress distributions are 
hown in figures G-25 through G-63, appendix G. 

 
TABLE 8-5.  LIST OF PROPERTIES FOR TYPE 1 MSD FLAT PANELS 

c

s

 

Description Material Type 
Thickness 

(in.) 

Young’s 
Modulus 

(ksi) 
FTU/FTY 

(ksi) 
Upper skin Clad 2024-T3 T-L 0.063 10.5E6 62/42 
Lower skin Clad 2024-T3 T-L 0.063 10.5E6 62/42 
Outer fingered doubler Clad 2024-T3 T-L 0.025 10.5E6 62/42 
Inner fingered doubler Clad 2024-T3 T-L 0.063 10.5E6 62/42 
Longeron 7075-T6511 L-T 

extrusion 
0.063 10.3E6 79/68 

 
TABLE 8-6.  LIST OF PROPERTIES FOR TYPE 2 MSD FLAT PANELS 

 

Description Material Type 
Thickness 

(in.) 

Young’s 
Modulus 

(ksi) 
FTU/FTY 

(ksi) 
Upper skin Clad 2024-T3 T-L 0.063 10.5E6 62/42 
Lower skin Clad 2024-T3 T-L 0.063 10.5E6 62/42 
Longeron 7075-T6511 L-T 

extrusion 
0.063 10.3E6 79/68 
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TABLE 8-7.  LIST OF PROPERTIES FOR TYPE 3 MSD FLAT PANELS 
 

Thickness 
Young’s 
Modulus 

Description Material Type (in.) (ksi) 
FTU/FTY 

(ksi) 
Upper skin Clad 2024-T3 T-L 0.063 10.5E6 62/42 
Lower skin Clad 2024-T3 T-L 0.063 10.5E6 62/42 
Doublers Clad 2024-T3 T-L 0.040 10.5E6 62/42 
Splice plate Clad 2024-T3 T-L 0.040 ~ 0.080 10.5E6 62/42 
Longeron 7075-T6511 L-T 

extrusion 
0.063 10.3E6 78/70 

 

TABLE 8-8.  LIST OF PROPERTIES FOR TYPE 4 MSD FLAT PANELS 
 

Description Material Type 
Thickness 

(in.) 

Young’s 
Modulus 

(ksi) 
FTU/FTY 

(ksi) 
Upper skin Clad 2024-T3 L-T 0.063 10.5E6 63/47 
Lower skin Clad 2024-T3 L-T 0.063 10.5E6 63/47 
Fingered doublers Clad 2024-T3 L-T 0.040 10.5E6 62/42 
Splice plate Clad 2024-T3 L-T 0.040 ~ 10.5E6 62/42 

0.080 
 

TABLE 8-9.  LIST OF BASIC DIMENSION AND LOADS FO AT P
 

n Type T  

R MSD FL ANELS 

Descriptio Type 1  2 ype 3 Type 4
figurations     

ber of Layers 5 4 3 
0.063 in.  in. 090 in. 

Con

Num 3 
Skin thickness 0.063 0. 0.063 in. 
Fastener diameter 5/32 in. 3/16 in. 3/16 in. 5/32 in. 
Fastener pitch 1.5 in. 1.14 in. 1.6 in. 1.5 in. 
Grain direction in skin T-L T-L T-L L-T 
Initial crack length 6.95 in. 6.41 in. 6.95 in. 7.40 in. 

ide Half M
15120 lb. 5120 lb. 21600 lb. 15120 Applied Load for 10 ksi 

(24″ W odel) 
1 lb. 
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TABLE 8-10.  STRESS VS STRAIN FOR 2024-T3 CLAD USED IN THE 
ELASTIC-PLASTIC ANALYSIS 

 
T-L L-T 

Strain  i) n   (psi) Stress (ps Strai Stress
37,080 0.0044 45,3
41,000 0.0050 47,0
43,800 0.0060 48,5
46,500 0.010 50,5
48,600 0.015 51,7

0.0036  20 
0.0046  00 
0.006  00 
0.010 00 
0.015 00 
0.03 52,600 0.030 54,800 
0.05 56,400 0.05 58,000 
0.08 59,500 0.08 61,200 
0.12 61,800 0.12 63,200 
0.50 65,000 0.500 0 64,80

 

 
 

FIGURE 8-6.  OVERALL VIEW OF FINITE ELEMENT MODEL OF TYPE 1 
MSD FLAT PANEL 
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FIGURE 8-7.  MAJOR PRINCIPAL STRESS DISTRIBUTION OF TYPE 1 MSD PANEL 
WITH 14″ CRACK, 22-ksi REMOTE STRESS 

 

 
 

FIGU EL 
WITH 13″ C E STRESS  

RE 8-8.  MAJOR PRINCIPAL STRESS DISTRIBUTION OF TYPE 2 MSD PAN
RACK, 22-ksi REMOT
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FIGURE 8-9.  MAJOR PRINCIPAL STRESS DISTRIBUTION OF TYPE 3 MSD PANEL 
WITH 14″ CRACK, 22-ksi REMOTE STRESS 

 
 

FIGURE 8-10.  MAJOR PRINCIPAL STRESS DISTRIBUTION OF TYPE 4 MSD PANEL 
WITH 14″ CRACK, 22-ksi REMOTE STRESS 
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8.10.2  Strain Survey and Predictions. 

The geometrically nonlinear NASTRAN solution 106 was used to predict strains at the strain 
gage locations for all four splice joint types.  To simulate and investigate the effects of out-of-
plane displacement in the local area not covered by the guide plates, selected T3 constraints were 
released.  Out-of-plane constraints were applied at selected locations along the flange of the 
longerons, as shown in figure G-3, appendix G, to simulate the additional lateral support 
provided by the stoppers.  The applied stress was incrementally increased at 1.0-ksi intervals to a 
maximum stress of 10.0 ksi.  Comparisons of the predicted and measured strains are shown in 
figures G-64 through G-79, appendix G.  From the comparisons in appendix G, there was good 
correlation between the predictions and the experimental data.  Because of this close correlation 
between the model and the actual results, it was felt that this validated the fidelity of model. 
 
8.10.3  Residual Strength Using PZL Criterion. 

8.10.3.1  Development of Stress-Intensity Correction Factors for Splice Joints. 

The geometric correction factors for the lead crack and the MSD crack, β1 and β2, were affected 
by the fastener load distribution, MSD size, etc.  It was, therefore, difficult to estimate these 
geometric correction factors from handbook solutions.  In the current study, the SIFs were 
obtained using a global-local approach.  The global model was used to calculate the traction and 
dis n 
FEAM code to determin sed in this study had a 
fair amount of fidelity; medium-fine meshes were used to model each individual component, as 
shown in figure 8-6.  The effects of fastener holes and the MSD cracks were only included in the 
local models.  The advantage of this approach was that it was not necessary to remesh the global 
finite element models around the lead crack tip or the fastener hole each time the lead crack size 
extends. 

The local model represented a small region containing a portion of the lead crack, including its 
crack tip and the adjacent fastener hole.  Fine mesh elements were used near the tips of the lead 
crack and MSD cracks.  Because the FEAM approach was used, the elements were defined to be 
smaller than one-third of the size of the MSD crack.  This is based on standard practices for this 
method that is required to obtain accurate solutions.  Because of the variation in the fastener 
pitch and hole sizes, individual local models were created for each splice type.  The local models 
are shown in figures 8-11 through 8-13.  The width of the local model was about three times that 
of the fastener pitch.  The local models were created using only eight-node quadrilateral 
elements in PATRAN and written out to a temporary file in ASCII ABAQUS format for use with 
the TKALT translator.  The TKALT translator can utilize any appropriate ASCII format, and the 
ABAQUS format was chosen based on the analyst’s output preferences.  The local model was 
then translated to new coordinates such that the center of the first fastener hole aligned with the 
center of the fastener hole immediately behind the lead crack.  The local models were analyzed 
for various lead crack lengths to obtain the SIFs.  The stress-intensity correction factors, 
normalized to the half length of the lead cracks, are shown in appendix G, tables G-1 through 
G-4. 

placements at the boundaries for the local model.  Then the local model was solved using a
e the SIFs at the crack tips.  The global models u
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FIGURE 8-11.  LOCAL FEAM MODEL FOR TYPE 1 AND TYPE 4 MSD PANEL  

1.14” 

 
FIGURE 8-12.  LOCAL FEAM MODEL FOR TYPE 2 MSD PANEL 

.1563”

1.50” 

.1563” 

.1875” .1875”
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FIGURE 8-13.  LOCAL FEAM MODEL FOR TYPE 3 MSD PANEL 

 
8.10.3.2  Prediction of Linkup Stress for the Test Panels. 

The crack linkup equations discussed in section 2.1.2 were used to predict the linkup stress for 
the four splice types investigated.  They include two equations proposed by Broek [14], two 
equations proposed by Smith at WSU [15 and 16] and one equation proposed by Ingram at 
Lockheed Martin [51].  In all the equations, the linkup stress is directly proportional to the square 
root of the ligament size (L).  

The first linkup stress was calculated using the ligament size between the initial lead crack and 
the first MSD crack.  The second linkup stress was calculated based on the assumption that the 
lead crack had already coalesced with the first fastener hole.  Due to the design of the panel, the 
largest possible ligament size occurs after the first linkup.  This was intended to ensure that the 
second linkup stress would also represent the residual streng

To apply the PZL criterion, the splice joints must have two adjacent crack tips separated by a 
ligament.  To use this methodology for the case where a crack is growing toward a stress 
concentration detail, like a fastener hole, without a corresponding crack tip, the assumption is 
made that in riterion may 
then be used to estimate the linkup stress in the absence of apparent MSD cracks.  The modified 

.1875”
.1875”

60”1.

th of the test panel. 

finitesimal MSD cracks may already exist at all fastener holes.  This c
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linkup stress equation is illustrated in figure 8-14.  This figure represents the case described 
previously, i.e., the crack size at location 2 is analytically driven to zero to represent the case 
with no MSD crack.   
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FIGURE 8-14.  PLASTIC ZONE LINKUP MODEL WITHOUT MSD 

 panel with 0.050-inch MSD cracks.  The figure shows a series of 

hen the applied 

 
A comparison of the prediction using Broek’s equations and the experimental results is plotted in 
figure 8-15.  The plots of linkup stress for the rest of the equations are shown in figures G-80 
through G-89 in appendix G. 
 
Also shown in figure 8-16, as an example, is the comparison of the predicted versus measured 
crack extensions for the type 1
curves that represent the predicted linkup stress for various half crack lengths, using each of the 
five linkup equations.  The predicted residual strength decreases as the lead crack approaches the 
adjacent MSD cracks, then starts out at a higher stress level when the crack emerges from the 
other side of the hole.  The solid triangles indicate the experimental results.  At point A, prior to 
the start of the test, the crack was 6.9 inches long.  No obvious crack extension was observed 
when the stress was increased to 12.2 ksi at point B.  The first linkup occurred w
stress was increased to 13 ksi; the crack rapidly extended to the next fastener hole, point C, and 
arrested.  The actual linkup stress should be somewhere between the stress levels of points B and 
C. 
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FIGURE 8-15.  COMPARISON OF PREDICTED AND MEASURED LINKUP STRESS 

USING BROEK’S ORIGINAL LINKUP EQUATION 
 

 
FIGURE 8-16.  COMPARISON OF PREDICTED AND MEASURED LINKUP STRESS FOR 

TYPE 1 SPLICE JOINT WITH 0.050-inch MSD 
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The predicted first linkup stresses for the five equations based on the initial lead crack length at 
point A can be found in table 8-11.  As the applied load continued to increase, a small amount of 
extension was observed and the lead crack extended to point D at a stress level of 18.21 ksi.  The 
lead crack continued to extend at a lower stress level to the next fastener holes, points E and F, 
and the panel eventually failed.  The second linkup for this panel occurred at the highest applied 
stress, point D.  This stress level is also referred to as the residual strength of the panel. 
 

TABLE 8-11.  COMPARISON OF PREDICTED FIRST LINKUP STRESS 
 

Specimen 
No

Splice 
Type

MSD 
Sizes

Lead 
Crack 

Test 
Results 

(psi)
Broek WSU2 WSU3 Ingram Mod. 

Broek

MSD-1 0.000 6.953 16320 14316 14758 15951 16635 15991
MSD-2 0.050 6.937 13370 12105 12983 13832 14511 13584
MSD-3 0.100 6.958 12580 10806 12029 12653 13331 12174
MSD-5 0.000 6.460 15269 11837 14260 14322 15137 13395
MSD-6 0.050 6.413 13970 9688 11991 11895 12576 10982
MSD-7 0.100 6.465 11350 7978 10655 10264 10810 9088
MSD-9 0.000 7.391 15405 13187 13295 14663 15283 14724
MSD-10 0.050 7.381 14258 11376 11827 12906 13517 12750
MSD-11 0.100 7.404 12240 9914 10909 11679 12315 11178
MSD-13 0.000 6.968 18353 12530 13022 14041 14665 14011
MSD-14 0.050 6.926 15293 10811 11600 12353 12958 12131
MSD-15 0.100 6.935 13462 9530 10702 11213 11822 10743

Specimen 
No

Splice 
Type

MSD 
Sizes

Lead 
Crack 

Test 
Results 

(psi)
Broek WSU2 WSU3 Ingram Mod. 

Broek

MSD-1 0.000 6.953 16320 -12 -10 -2 2 -2
MSD-2 0.050 6.937 13370 -9 -3 3 9 2
MSD-3 0.100 6.958 12580 -14 -4 1 6 -3
MSD-5 0.000 6.460 15269 -22 -7 -6 -1 -12
MSD-6 0.050 6.413 13970 -31 -14 -15 -10 -21
MSD-7 0.100 6.465 11350 -30 -6 -10 -5 -20
MSD-9 0.000 7.391 15405 -14 -14 -5 -1 -4
MSD-10 0.050 7.381 14258 -20 -17 -9 -5 -11
MSD-11 0.100 7.404 12240 -19 -11 -5 1 -9
MSD-13 0.000 6.968 18353 -32 -29 -23 -20 -24
MSD-14 0.050 6.926 15293 -29 -24 -19 -15 -21
MSD-15 0.100 6.935 13462 -29 -21 -17 -12 -20

4

Difference (%)

1

2

3

4

Predictions (psi)

1

2

3
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The predicted second linkup stresses were calculated using the five equations based on the crack 
length at point C.  The reason the second linkup stress is calculated with crack length C instead 
of D and the first linkup stress is calculated with A instead of C, is that the PZL criterion is based 
on the theory of linear elastic fracture mechanics, and stable tearing due to gradually increasing 
loads is not considered.  The predicted residual, or second linkup, stresses are shown in 
table 8-12. 
 

TABLE 8-12.  COMPARISON OF PREDICTED RESIDUAL STRENGTH 
 

Specimen 
No

Splice 
Type

MSD 
Sizes

Lead 
Crack 

Test 
Results 

(psi)
Broek WSU2 WSU3 Ingram Mod. 

Broek

MSD-1 0.000 7.578 22990 21071 16348 19615 19370 22167
MSD-2 0.050 7.628 18210 19408 15339 18332 18166 20569
MSD-3 0.100 7.678 17420 18318 14777 17580 17496 19559
MSD-5 0.000 6.934 21310 18517 15645 18030 18020 19895
MSD-6 0.050 6.984 17970 16154 14051 16071 16170 17500
MSD-7 0.100 7.034 14900 14703 13228 14991 15206 16062
MSD-9 0.000 8.094 25178 19383 14862 18094 17879 20421
MSD-10 0.050 8.144 18313 17681 13795 16735 16592 18757
MSD-11 0.100 8.194 16615 16628 13224 15977 15906 17764
MSD-13 0.000 7.578 24908 20784 16125 19348 19107 21866
MSD-14 0.050 7.628 19686 18904 14941 17856 17695 20036
MSD-15 0.100 7.678 18442 17719 14294 17005 16924 18919

Specimen 
No

Splice 
Type

MSD 
Sizes

Lead 
Crack 

Test 
Results 

(psi)
Broek WSU2 WSU3 Ingram Mod. 

Broek

MSD-1 0.000 7.578 22990 -8 -29 -15 -16 -4
MSD-2 0.050 7.628 18210 7 -16 1 0 13
MSD-3 0.100 7.678 17420 5 -15 1 0 12
MSD-5 0.000 6.934 21310 -13 -27 -15 -15 -7
MSD-6 0.050 6.984 17970 -10 -22 -11 -10 -3
MSD-7 0.100 7.034 14900 -1 -11 1 2 8
MSD-9 0.000 8.094 25178 -23 -41 -28 -29 -19
MSD-10 0.050 8.144 18313 -3 -25 -9 -9 2
MSD-11 0.100 8.194 16615 0 -20 -4 -4 7
MSD-13 0.000 7.578 24908 -17 -35 -22 -23 -12
MSD-14 0.050 7.628 19686 -4 -24 -9 -10 2
MSD-15 0.100 7.678 18442 -4 -22 -8 -8 3

Predictions (psi)

1

2

3

4

1

2

3

4

Difference (%)
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The test results showing the effects of MSD size on the residual strength are plotted in 
figure 8-17 for the type 1 splice joint.  The predictions using Broek’s equation for the residual 
strength of the type 1 splice joint are also plotted for comparison.  The figure shows that the 
general trend of the predicted residual strength agrees very well with the test results, i.e., the 
residual strength decreases with increasing MSD size.   
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FIGURE 8-17.  EFFECTS OF MSD SIZE FOR TYPE 1 MSD FLAT PANEL, 
USING PZL CRITERION 

 
The theoretical effects of the lead crack sizes and the MSD sizes on the residual strength, 
normalized to the predicted values for the case without MSD, are shown in figure 8-18.  In the 
calculation of the residual strength of a panel, the size of the MSD, rather than the size of the 
lead crack, is the dominant factor.  Comparisons of residual strength versus MSD sizes for the 
other panels can be found in figures G-93 through G-96 in appendix G.  
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FIGURE 8-18.  EFFECTS OF LEAD CRACK SIZE TO THE NORMALIZED RESIDUAL 
STRENGTH, TYPE 1 SPLICE JOINT 
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8.10.4  Residual Strength Using T*-Integral Criterion. 

This section describes the residual strength analyses of the MSD flat panels using the T*-integral 
resistance curve criterion.  The T*-integral resistance curve criterion is discussed in 
section 2.1.3, and the analysis procedures are discussed in section 3.2.  A global-local approach 
was used, i.e., global models were used to create boundary conditions for the local models, 
which were then used to predict stable tearing.  Initially, the global models were analyzed using a 
linear elastic solution, and the stable-tearing predictions were performed based on a T*-integral 
resistance curve derived from a 90-inch-wide test panel.  The predicted residual strengths were 
significantly lower than the experimental results.  To improve the accuracy of the analyses, the 
global models were reanalyzed using nonlinear solutions, and the applicability of several 
T*-integral resistance curves was also investigated. 

Stable-tearing analyses for the panels without MSD cracks were also performed.  However, 
when the lead crack met the fastener hole, it required a lot more energy to reinitiate on the other 
side of the hole.  Since the stable-tearing analyses using T*-integral resistance curve did not have 
any provision to account for such abrupt changes in crack tip conditions, the predictions for these 
panels could not be made. 

8.10.4.1  Analysis of Global Model. 

The global models discussed in section 8.10.1 were used to generate boundary conditions for the 
local models used in stable-tearing analysis.  A series of global models were created, each 
containing a different length lead crack along the critical fastener row.  Each model was 
identified with a run ID number.  For linear analyses, boundary conditions are a function of the 
lead crack size only and can be directly scaled from a unit load case.  Consequently, the 
appropriate boundary conditions were called by an EPFEAM code during stable-tearing analyses 
according to the lead crack size.  For nonlinear analyses, the global models were run under far-
field stresses of 0 to 20 ksi, in increments of 2 ksi, and the NASTRAN results saved in a 
database.  For convenience, the saved results were normalized to their respective stress levels 
(e.g., results for a 16-ksi load case were divided by 16 ksi) before being mapped to the local 
models.  The boundary conditions for the appropriate stress level were linearly interpolated from 
the database for any crack length requested by the EPFEAM code. 

8.10.4.2  Local Models and Boundary Conditions. 

Similar to the local models discussed in section 8.10.3.1 for the PZL criterion, the local models 
for T*-integral resistance analysis were created using PATRAN code and saved in a temporary 
file in ABAQUS format.  Only eight-node quad elements were used for the local 2-D model.  
The local model, shown in figure 8-19, has sufficient length to accommodate stable tearing of the 
lead crack and allow it to reach the maximum stress with at least two linkups.  Because of the 
number of fasteners involved, it became impractical to model the details for every hole.  For 
simplification, each fastener hole and its MSD cracks were combined and modeled as a single 
slit, as discussed in section 3.4.4.  Comparing the SIFs for symmetrical cracks emanating from a 
hole, and for a slit of the same size as a hole and MSD cracks combined, under a uniform far-
field tensile stress, gives a difference of only about 3 percent.  Figure 8-20 shows that a few 
percent difference in the SIF at an MSD crack tip changes residual strength by less than 
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1 percent.  An important reason for modeling the hole as a slit is that the contour for the 
T*-integral integration is not allowed to intersect with any free surfaces except for the crack 
itself; refer to figure 3-2.  If the shape of the hole is modeled, the MSD cracks must be larger 
than the contour size of 0.087 inch, otherwise computational errors will occur.  Modeling the 
hole and MSD as a single slit allowed the T*-integral integration for the MSD size investigated 
to be 0.050 inch. 
 

 
 

FIGURE 8-19.  DIMENSION OF LOCAL EPFEAM MODEL FOR T*-INTEGRAL 
STABLE-TEARING ANALYSIS 
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FIGURE 8-20.  EFFECTS OF GEOMETRIC CORRECTION FACTORS TO THE 
PREDICTED LINKUP STRESS 

 
8.10.4.3  Development of T*-Integral Resistance (T*R) Curve. 

Three T*R curves for Al 2024-T3 clad were used in the stable-tearing analyses.  The first two 
were generated from test results of large M(T) specimens with antibuckling guides.  There were 
indications that the buckling guides did not effectively eliminate lateral buckling; hence, the 
T*R curves derived from these tests may be inappropriate for the current study.  The third T*R 
curve was generated based on simulated stable tearing in a STAGS model, using the CTOA 
fracture criterion.  This model was restrained from lateral displacement (no buckling permitted).   
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The T*R curves were generated using the TKALT code, which contains two phases, generation 
and analysis.  The generation phase computes the T*R curve based on stable-tearing test results 
for a particular specimen.  The analysis phase uses the curve from the generation phase for 
stable-tearing predictions for other specimens.  

The details of the three T*R curves investigated are as follows: 

1. T*R integral curve based on NIST 90-inch-wide M(T) panel tests.  
 

A series of wide M(T) panels was tested by NIST to evaluate the effects of MSD cracks 
[17].  The panels were 0.063 inch thick and loaded in the T-L direction.  Antibuckling 
guides, consisting of two 5-inch-wide steel channels joined at the panel ends, were 
installed on both sides of the crack surface.  Substantial lateral buckling could be seen 
during the tests.  Dawicke [52] has shown that an M(T) panel with inadequate lateral 
support could develop much lower residual strength than one with strong lateral support.  
The stronger the antibuckling constraint is, the higher the residual strength of the test 
panel.  Unlike the NIST panels, the MSD flat panels tested in this program were 
sandwiched between a set of heavily constructed guide plates.  It is probable that the T*R 
developed from the NIST panels requires correction to eliminate the effects of lateral 
bending before it can be used to predict residual strength of panels tested in stronger 
guide plates.  The T*R based on the NIST test panel is shown in figure 8-21, denoted 
baseline T*R. 
 

2. T*R curve based on 48-inch-wide R-curve tests. 

Three 48-inch-wide M(T) specimens were tested by Boeing at the Long Beach facility to 
characterize the fracture properties of Al 2024-T3 clad used in the current program.  The 
dimensions and the test results of the panels are described in section 4.6.  The results of 
panel no. 2 were used to generate the T*R curve.  Guide plates built in-house were used 
during the test.  The guides were 3/8-inch-thick aluminum plates reinforced with a pair of 
1/4- by 3-inch steel angles.  These guides were stronger than the ones used in the NIST 
tests, but the effects of lateral buckling were not completely eliminated, as local buckling 
was still visible when the crack grew to a large size.  The T*R curve generated from this 
test panel is only 4 percent higher than that from the NIST test; refer to figure 8-21. 
 

3. T*R curve based on stable-tearing simulation of 48-inch-wide M(T) panel. 

To eliminate the effects of the lateral buckling totally, a 2-D STAGS model was created 
of a 48-inch-wide M(T) specimen, and the CTOA fracture criterion was used to simulate 
stable tearing.  ψc, was set at 5 and 5.25 degrees for loading in T-L and L-T directions, 
respectively.  ψc is discussed in section 8.10.5.1.  To simulate the saw cut tip, the crack 
initiation angle, ψci, was set to 8 degrees.  Stable-tearing test results (from R-curve panel 
no. 2) are compared to the 2-D model prediction in figure 8-22.  The T*R curves from this 
simulated 2-D stable-tearing analysis are about 35 percent higher for the T-L direction, 
and 50 percent higher for the L-T direction, than those from the NIST test panels.  The 
STAGS generated T*R curves for the T-L direction are plotted in figure 8-23. 
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FIGURE 8-21.  BASELINE AND DERIVED T*R CURVES FROM R-CURVE TEST 

PANEL NO. 2 
 

 
FIGURE 8-22.  COMPARISON OF STABLE TEARING, EXPERIMENTAL VERSUS 

PREDICTED USING STAGS, LATERAL BUCKLING OBSERVED IN THE TEST PANEL  
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FIGURE 8-23.  COMPUTED AND CURVE-FITTED T*R CURVE FOR Al 2024-T3, BASED 

ON STABLE TEARING OF 2-D STAGS AND CTOA MODEL 
 
8.10.4.4  EPFEAM Analysis Results. 

The predicted residual strength using a linear global model and the T*R curve based on the 48-
inch test panel is shown in table 8-13.  The predicted first linkup and the residual strength are 
about 25 percent lower than the measured values.  When the elastic-plastic solution is used for 
the global model, in conjunction with the T*R curve from a 2-D stable-tearing simulation, the 
predicted residual strengths are within 5 percent of those measured (table 8-14).  The predicted 
and measured stable-tearing histories are plotted in figure 8-24 for the type 1 splice joint with 
MSD cracks.  The comparisons of analytical prediction and measured data are included in 
appendix G, figures G-64 through G-194.  The comparisons of the linkup and residual strength 
using linear and nonlinear analyses for the global models are shown in figures 8-25 and 8-26.  
One of the obvious conclusions is that using the elastic-plastic solution for the global model is 
recommended based on the better correlation demonstrated in these plots.  
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TABLE 8-13.  COMPARISON OF MEASURED AND PREDICTED USING T*-INTEGRAL 
(LINEAR GLOBAL, T*R BASED ON R-CURVE TEST PANEL NO. 2) 

 
Prediction Experimental  Difference 

Specimen 
No. 

Splice 
Type 

MSD 
Size Linkup 

Residual 
Strength Linkup 

Residual 
Strength Linkup 

Residual 
Strength 

MSD-1 0.00 12.07 21.41 16.32 22.99 -26% -7% 
MSD-2 0.05 11.42 14.17 13.37 18.21 -15% -22% 
MSD-3 

1 
0.10 9.54 12.69 12.58 17.42 -24% -27% 

MSD-5 0.00 11.50 22.60 15.27 21.31 -25% 6% 
MSD-6 0.05 10.41 14.42 13.97 17.97 -25% -20% 
MSD-7 

2 
0.10 8.79 12.27 11.35 14.90 -23% -18% 

MSD-9 0.00 12.12 23.85 15.41 25.18 -21% -5% 
MSD-10 0.05 11.49 13.83 14.26 18.31 -19% -24% 
MSD-11 

3 
0.10 10.27 12.95 12.24 16.62 -16% -22% 

MSD-13 0.00 14.73 16.87 18.35 24.91 -20% -32% 
MSD-14 0.05 12.04 14.31 15.29 19.69 -21% -27% 
MSD-15 

4 
0.10 10.86 14.08 13.46 18.44 -19% -24% 

 

TABLE 8-14.  COMPARISON OF MEASURED AND PREDICTED USING T*-INTEGRAL 
(NONLINEAR GLOBAL, 2-D T*R CURVE) 

 
Prediction Experimental  Difference 

Specimen 
No. 

Splice 
Type 

MSD 
Size Linkup 

Residual 
Strength Linkup

Residual 
Strength Linkup 

Residual 
Strength 

MSD-1 0.00 -- -- 16.32 22.99 -- -- 
MSD-2 0.05 14.99 20.61 13.37 18.21 12% 13% 
MSD-3 

1 
0.10 12.74 18.68 12.58 17.42 1% 7% 

MSD-5 0.00 -- -- 15.27 21.31 -- -- 
MSD-6 0.05 13.07 17.63 13.97 17.97 -6% -2% 
MSD-7 

2 
0.10 11.25 14.29 11.35 14.90 -1% -4% 

MSD-9 0.00 -- -- 15.41 25.18 -- -- 
MSD-10 0.05 12.96 17.59 14.26 18.31 -9% -4% 
MSD-11 

3 
0.10 11.81 15.82 12.24 16.62 -4% -5% 

MSD-13 0.00 -- -- 18.35 24.91 -- -- 
MSD-14 0.05 13.61 19.15 15.29 19.69 -11% -3% 
MSD-15 

4 
0.10 12.13 17.66 13.46 18.44 -10% -4% 
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FIGURE 8-24.  COMPARISON OF STABLE-TEARING AND EXPERIMENTAL RESULTS 

VERSUS PREDICTED USING NONLINEAR GLOBAL-LOCAL APPROACH AND 
T*R CURVE 
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FIGURE 8-25.  COMPARISON OF MEASURED AND PREDICTED USING T*-INTEGRAL 

(LINEAR GLOBAL, T*R BASED ON R-CURVE TEST PANEL NO. 2) 
 
 

 
 
FIGURE 8-26.  COMPARISON OF MEASURED AND PREDICTED USING T*-INTEGRAL 

(NONLINEAR GLOBAL, 2-D T*R CURVE) 
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8.10.5  Residual Strength Using the CTOA Criterion. 

This section describes stable-tearing predictions using the CTOA criterion.  The global models 
used in the global-local approach for PZL and T*R curve criteria were refined and translated into 
STAGS format.  The ψc used in the analysis is based on the NASA-published papers on the 
subject material.   

8.10.5.1  Critical CTOA for Stable Tearing of Thin Sheet Al 2024-T3. 

For this analysis method, the ψc is one of the driving variables in determining the linkup and 
failure stresses.  Extensive test programs [27] have been conducted on M(T) specimens with 
widths of 1.2, 3.0, 12.0, and 24 inches and a 6.0-inch-wide C(T) specimen, to experimentally 
characterize the CTOA for 0.090-inch-thick Al 2024-T3 sheet loaded in the L-T direction, see 
figure 2-6.  The ψc measured at the surface of the specimen, was found to oscillate about a 
constant value of 5.5 degrees after an initial transition region.  This initial transition region, about 
the size of the sheet thickness, was believed to be caused by crack tunneling and transitioning 
from flat-to-slant growth.  Dawicke [27, and 52-55] has demonstrated, using the 3-D elastic-
plastic finite element code ZIP3D, that a CTOA of 5.25 degrees (measured 0.04 inch behind the 
crack tip) best simulates the test results of the 6-inch C(T) specimen.  Dawicke then used this 
critical CTOA value to predict stable tearing in 3-D finite element models of the M(T) 
specimens; the predictions were all within 4 percent of the test results.  Using the 2-D elastic-
plastic finite element code, ZIP2D, with a strain core height of 0.06 inch, gave predictions within 
3 percent of the measured data for the M(T) specimens and about 5 percent below the fracture 
stress for the C(T) specimen.  This critical CTOA (5.25 degrees) is within the scatter band, and 
slightly below the average, of the experimentally measured CTOA. 

Seshadri, et al. [28 and 56] conducted fracture characterization tests on thin sheet Al 2024-T3 
using an M(T) specimen, 48 inches wide by 0.063 inch thick, loaded in the T-L direction.  Two 
specimens were tested, one with antibuckling guides and one without.  The STAGS finite 
element shell code and the CTOA fracture criterion were used to simulate stable tearing of both 
specimens.  The STAGS model had a minimum element size of 0.04 inch along the line of crack 
extension.  Using a critical CTOA of 5.0 degrees and a plane-strain core height of 0.04 inch, the 
STAGS predictions compared very well with the experimental results for both panels.  Seshadri 
also obtained reasonable predictions for the residual strength of a riveted lap joint in a flat 
stiffened panel containing MSD cracks, using the same fracture criterion. 

Based on NASA’s extensive test results and numerical simulations, the following parameters 
were used in the stable-tearing analyses for this study:  

• Critical CTOA of 5.25 and 5.00 degrees for Al 2024-T3 loaded in L-T and T-L 
directions, respectively. 

 
• Minimum element size along the crack extension path of 0.04 inch. 
 
• Plane-strain core height around the crack tips should be set equal to the thickness of the 

skin. 
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8.10.5.2  STAGS Model and Analysis Results. 

The PATRAN and NASTRAN models, documented in section 8.10.1 for all four types of splice 
joints, were used as the basis to create elastic-plastic STAGS models.  The original meshes, 
boundary conditions, and loads remained the same, except that the elements near the crack path 
were refined to a size of approximately 0.04 inch (actual sizes varied from 0.036 to 0.05 inch 
depending on the fastener pitch).  Since PATRAN and NASTRAN do not provide a five-node 
quad element (one with an additional midside node, commonly used for transition from coarse to 
fine mesh), some four-node shell elements were used temporarily in the transition region.  These 
transitional four-node elements were automatically converted into five-node shell elements when 
run through the NASTRAN-to-STAGS translation code.  NASTRAN input bulk data files were 
first created from the PATRAN database, once the element sizes were refined as mentioned 
above.  The NASTRAN file was further modified to include the lead crack and the MSD crack 
and then translated into STAGS format. 

Elastic-plastic material properties were incorporated in the models for all shell elements.  
Elements around the crack tips were assigned plane-strain core material properties; these plane-
strain core element sizes were modeled such that the half core height, hc, was equal to the 
thickness of the skin.  The length of the total crack path was about the length of the lead crack 
plus five fastener pitches.  Each pair of coincident nodes along the crack path was connected 
together via a STAGS G-5 card, on which a flag defines whether the nodes are open (cracked) or 
closed (intact) or represent a saw cut tip.  Fastener holes along the crack path were not physically 
modeled; rather, the nodes corresponding to the hole diameter plus MSD cracks, if any, were left 
open.  Saw cut angle simulation was applied to the tips of slits: CTOA was set equal to 8 degrees 
if MSD cracks were present and 12 degrees if not.  Lead cracks also used a CTOA of 8 degrees.  
The CTOA for saw cut and fastener hole simulation is discussed in appendix G.  The fasteners 
were modeled using beam elements, with shear flexibility calculated from Swift’s equation 
discussed in section 3.7.  Each fastener was connected to a single nodal point, corresponding to 
the center of the hole, on one side of the cracked surface. 

The STAGS models were constrained at the lower edge in all 6 degrees of freedom, simulating 
the rigid grip of the test machine.  The left side was constrained in the T1, T3, R1, R2, and R3 
directions, simulating symmetry about the centerline of the panel.  The top edge was constrained 
in all degrees of freedom except for T2, which is left free.  All nodal points were constrained in 
the T3 direction, under the assumption that the guide plates suppress out-of-plane displacement.  
Displacement-controlled loading was simulated in the nonlinear STAGS analyses.  An initial 
displacement of 0.005 inch in the Y direction was uniformly applied to the top edge, and then 
incrementally increased at each load step until completion of stable tearing.  The reactions at the 
grid points of the top edge were printed in the .out2 file, allowing calculation of the gross stress 
in the splice joint.  The error tolerance for convergence (DELX) was set to 2.0E-5, after trial and 
error to determine a suitable value to complete analysis for the flat panels.  DELX is defined as 
the normalized error of the nodal residual load or the displacement, whichever is larger.  If 
DELX is set too high the accuracy of the solution reduces and equilibrium will not be obtained.  
If set too low, the analyses will not converge and will terminate prematurely.   
 
The STAGS models were run on Hewlett-Packard workstations, Model 9000/785.  It generally 
took 4 to 8 hours to complete one stable-tearing analysis.  The results from the .out2 file were 
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compiled and plotted to determine the linkup and residual strength for each panel.  The stable-
tearing results for the type 1 panel are shown in figure 8-27.  The plots for other specimens can 
be found in figures G-109 through G-120 in appendix G.  Also plotted, as solid triangles, are the 
experimental results for comparison.  The comparisons of crack initiation stress, first linkup 
stress, and residual strength for all panels are tabulated in table 8-15 and plotted in figure 8-27.  
The predicted stress has an average error of about 3 percent for the first linkup and an average 
error of 5 percent for the residual strength.  The comparison of the experimental results and the 
analysis prediction using CTOA criteria is shown in figure 8-28.  
 
TABLE 8-15.  COMPARISON OF PREDICTED AND EXPERIMENTAL FOR LINKUP AND 

RESIDUAL STRENGTH—CTOA CRITERIA 
 

Analysis 
(psi) 

Test 
(psi) Analysis/Test 

Specimen 
No. 

Init 
Stress 

Linkup 
Stress 

Residual 
Strength 

Init 
Stress 

(upper) 
Linkup 
Stress 

Residual 
Strength 

Init 
Stress 

(upper) 
Linkup 
Stress 

Residual 
Strength 

MSD-1 11,430 16,107 20,222 11,627 16,320 22,990 98% 99% 88% 
MSD-2 10,704 14,154 18,206 11,317 13,370 18,210 95% 106% 100% 
MSD-3 10,312 12,950 17,268 11,601 12,580 17,420 89% 103% 99% 
MSD-5 12,283 14,477 19,262 11,286 15,269 21,310 109% 95% 90% 
MSD-6 10,877 13,662 17,637 11,909 13,970 17,970 91% 98% 98% 
MSD-7 10,924 11,540 15,803 9,383 11,350 14,900 116% 102% 106% 
MSD-9 11,504 17,317 21,779 13,404 15,405 25,178 87% 112% 87% 

MSD-10 11,580 15,046 18,759 12,904 14,258 18,313 90% 106% 102% 
MSD-11 10,795 13,652 17,510 12,440 12,240 16,615 87% 112% 105% 
MSD-13 12,468 18,079 22,887 13,438 18,353 24,908 93% 99% 92% 
MSD-14 12,105 15,960 20,310 12,009 15,293 19,686 101% 104% 103% 
MSD-15 10,992 14,091 18,452 11,680 13,462 18,442 94% 105% 100% 
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FIGURE 8-28.  COMPARISON OF RESIDUAL STRENGTH USING COTA AND 

EXPERIMENTAL RESULTS, ALL 12 TEST PANELS 
 
8.11  MULTIPLE-SITE DAMAGE RESIDUAL STRENGTH STUDY OF EIFS PANELS. 
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This section discusses an analytical extension of the previous method.  This resulted in a method 
to determine the residual strength of a panel with MSD without the presence of a large lead 
crack.  The distribution and sizes of the MSD used in this demonstration were obtained from the 
EIFS program.  Boeing proposed that the STAGS and CTOA fracture criterion could also be 
used to estimate the residual strength of the EIFS panel as function of time.  However, no test 
data are available to substantiate the predicted results. 
 
In the EIFS study, the crack growth history of the MSD in panel 7 was reconstructed from 
FASTRAN-II analysis.  From this crack growth history, the distribution and sizes of the MSD 
along a row of rivets can then be reconstructed for any given time during the panel test.  From 
analysis, the residual strength of the panel as a function of fatigue cycles can then be estimated. 
 
Table 8-16 presents an MSD summary for panel 7 at the first fastener row, specifying the size of 
the MSD at the left and right sides of the fasteners at step 1 (0 cycles) to step 20 (168,036 
cycles).  Five of these steps, which are snapshots of the locations and sizes of MSD after a 
particular number of cycles, were chosen for analysis; these are highlighted in the table.  These 
damage scenarios were also assumed to exist for other panel types shown in figure 8-29.  Since 
the panel configuration changes with the splice type, the damage was defined to be the same 
damage per fastener hole as viewed or numbered from left to right.  The MSD sizes and location 
from a one-time slice were applied to the finite element models for each of the four splice types 
used in the EIFS study, and a STAGS/CTOA analysis run was performed to determine residual 
strength.  A CTOA of 5 degrees was used for the MSD and 12 degrees for the rivet holes (which 
are modeled as slits).  The STAGS model for the type 2 splice joint is shown in figure 8-30. 
 
This procedure was repeated for each of the subsequent steps, so in the end, there were five 
separate models for each splice type, each representing the state of MSD at a certain number of 
cycles.  In the STAGS analyses, the panels tended to fail at the first linkup. 
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FIGURE 8-29.  DAMAGE SCENARIOS FOR VARIOUS TYPES OF EIFS PANELS, BASED 

ON EIFS PANEL NO. 7 TEST RESULT 
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FIGURE 8-30.  (TOP) EXAMPLE OF MSD APPLIED TO FASTENER ROW A, (BOTTOM) 

FINITE ELEMENT MODEL SHOWING MSD 
 
Figures 8-31 through 8-34 plot the results of the STAGS analysis.  The stress versus applied 
displacement curves for the five-time slices are plotted together for each type of splice joint.  The 
highest stress that each curve reaches is the residual strength of the panel at that time slice, or 
number of cycles.  Figures 8-35 through 8-38 plot these residual strengths as a function of 
fatigue cycles. 
 

FIGURE 8-31.  TYPE 1 SPLICE—AVERAGE STRESS VERSUS DISPLACEMENT 
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FIGURE 8-32.  TYPE 2 SPLICE—AVERAGE STRESS VERSUS DISPLACEMENT 
 
 

 
 

FIGURE 8-33.  TYPE 3 SPLICE—AVERAGE STRESS VERSUS DISPLACEMENT 
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FIGURE 8-34.  TYPE 4 SPLICE—AVERAGE STRESS VERSUS DISPLACEMENT 
 
 

 
 

FIGURE 8-35.  TYPE 1 SPLICE—RESIDUAL STENGTH VERSUS LOAD CYCLES 
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FIGURE 8-36.  TYPE 2 SPLICE—RESIDUAL STENGTH VERSUS LOAD CYCLES 
 

 
 

FIGURE 8-37.  TYPE 3 SPLICE—RESIDUAL STENGTH VERSUS LOAD CYCLES 
 

 
 

FIGURE 8-38.  TYPE 4 SPLICE—RESIDUAL STENGTH VERSUS LOAD CYCLES 
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8.12  CONCLUSIONS.  

1. Without a streamlined single-process analytical tool, any of these methods remain 
cumbersome and time consuming.  Expert skill and knowledge of fracture theories and 
finite element analysis are required to ensure the quality of the analytical predictions. 

2. The guide plates used in this study worked effectively to reduce the overall panel 
buckling and out-of-plane secondary bending of the splice joint.  However, because of 
the view window between the upper and the lower guide plates, some local crack face 
buckling was inevitable. 

3. The reduction in residual strength due to the absence of antibuckling guides varied 
greatly, depending on splice type.  The decrease was only 5 percent for splice type 2, but 
22 percent for splice type 4.  

4. The PZL criterion provides a quick and simple solution to assess the effects of MSD 
cracks on the residual strength of structure with a lead crack.    

5. The T*R method based on advanced fracture mechanics theories is capable of accurately 
predicting stable tearing of cracks in a flat sheet.  A global-local finite element analysis 
approach is required to analyze crack extension in a splice joint.  A baseline T*R curve 
for Al 2024-T3 was originally created using the experimental results of large M(T) panels 
with lateral support beams.  The availability of T*R curves for other materials, grain 
directions, loading conditions, and integral contour sizes is still very limited.  Even with 
these constraints, the method has successfully demonstrated its applicability for use in 
fuselage splice joints. 

6. The accuracy of residual strength predictions using the CTOA criterion depends greatly 
upon the critical angle used in the analysis.  The technique used to measure critical 
CTOA is in an early stage of development, and the measured data are still subject to 
interpretation by the researchers.  However, the critical angles derived by iterative 
methods to simulate stable-tearing behavior of simple test coupons can also give accurate 
residual strength predictions for built-up structures with MSD cracks.  The CTOA 
criterion, in conjunction with the versatility of the STAGS code, makes it possible to 
analyze the residual strength of complex structure types under various loading conditions. 

7. For the EIFS panels, the residual strength predictions based on STAGS/CTOA show the 
expected trend in degradation of the structure versus time.   
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9.  CURVED PANELS. 

9.1  INTRODUCTION. 

In section 8, flat panels were used to evaluate various fracture criteria and to develop analysis 
procedures for splice joints containing a large lead crack and several MSD cracks.  Actual 
fuselage structures, however, are different from the flat panels tested in many ways, e.g., (1) a 
flat panel is subjected to a uniaxial uniform far-field stress, while a fuselage structure is 
subjected to nonuniform biaxial stress plus internal pressure; (2) a flat panel buckles out of plane 
under tension loads, and a fuselage skin bulges out under internal pressure; (3) splice joints in 
flat panels are free to rotate, but rotation is restrained in a fuselage structure. 
 
As an alternative to an expensive test program for full-scale fuselage barrels, large curved panels 
representing a section of the fuselage structure were used for testing in this study.  The curved 
panels were tested under loading conditions closely emulating actual load distribution in a 
fuselage barrel.  Two of the three fracture criteria previously developed for the flat panels were 
used to predict linkup and residual strength for the curved panel.  The predictions were evaluated 
against the experimental results. 
 
Boeing fabricated full-scale curved fuselage panels with two types of splice joints:  a 
longitudinal lap splice (the same as the type 1 joint used in the EIFS and MSD tasks) and a 
circumferential butt splice (the same as the type 4 joint used in the EIFS and MSD tasks).  Three 
panels were built with the longitudinal lap-splice joint and three with the circumferential butt-
splice joint.  For each splice type, two panels were tested: one with a lead crack and MSD, and 
one with only a lead crack.  Testing for these four panels was performed using the FASTER 
facility at the FAA William J. Hughes Technical Center.  The FASTER fixture was originally 
designed and fabricated, under a separate FAA contract, by Boeing at its Long Beach facility.  
See reference 57 for more details of the FASTER fixture. 
 
9.2  OBJECTIVES. 

The main objectives were 

• to generate and document residual strength test data for splice joints in pressurized 
curved panels containing either a lead crack with MSD or a lead crack only. 

• to analyze the residual strength of pressurized curved panels using the same fracture 
criteria applied earlier in the study of flat panels and to evaluate the predictions against 
the experimental results. 

• to determine the effects of MSD on residual strength of curved panels containing large 
lead cracks. 
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9.3  TEST MATRIX. 

The test matrix for the curved panels is shown in table 9-1.  CVP-1 through CVP-4 were tested 
under this program.  CVP-5 and CVP-6 were spares.  Details of the specimens are discussed in 
section 9.4.   

TABLE 9-1.  CURVED PANELS TEST MATRIX 
 

Initial Lead Crack 
Lengths (in.) 

Panel 
ID Splice Type 

Crack 
Growth 

Residual 
Strength

Number 
of MSD 
Holes* 

MSD 
Sizes 
(in.) 

Drawing 
ZB128403 Test Scope 

CVP-1 Longitudinal 7 25 None None -1 Crack growth, 
residual strength 

CVP-2 Longitudinal 7 25 16 0.05- 
0.15 -501 Crack growth, 

residual strength 

CVP-3 Circumferential 7 19 None None -505 Crack growth, 
residual strength 

CVP-4 Circumferential 7 19 10 0.05- 
0.10 -507 Crack growth, 

residual strength 
CVP-5 Circumferential None None None None -509 Spare 
CVP-6 Longitudinal None None None None -503 Spare 
 
* Number of MSD holes ahead of each lead tips for residual strength test. 
 
The test program for each panel is described below. 

• The CVP-1 test panel, with a longitudinal lap splice joint, was used for residual strength 
tests.  The outer skin of the panel contained an initial 7-inch-long lead crack.  Constant-
amplitude pressure cycles were used to propagate the lead crack to a length of 25 inches 
before the final residual strength test.  

• The CVP-2 test panel was identical to CVP-1, except for the addition of 16 MSD cracks 
on each side of the lead crack, in the expected path of crack growth.  The test program 
was identical to CVP-1. 

• The CVP-3 test panel, with a circumferential butt splice joint, was also used for residual 
strength tests.  The outer skin of the panel contained an initial 7-inch-long lead crack.  
Constant-amplitude pressure cycles plus constant-amplitude longitudinal loads were used 
to propagate the lead crack to a length of 19 inches before the residual strength test.  

• The CVP-4 test panel was identical to CVP-3, except for the addition of ten MSD cracks 
on each side of the lead crack, in the expected path of crack growth.  The test program 
was identical to that of CVP-3. 
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9.4  SPECIMEN DESIGN AND FABRICATION. 

The configuration of the curved test panels (figure 9-1) resembled a fuselage section at the crown 
area aft of the wing.  As listed in table 9-2, all panels had the same overall dimensions of 120 
inches long by 68 inches wide with a radius of 66 inches.  Each test panel consisted of two skin 
panels, six frames with shear clips, three intercostals, and seven longerons.  The skin panels were 
made from 0.063-inch-thick Al 2024-T3 clad sheets from the same heat-treat lot as those used in 
the fabrication of EIFS and flat MSD test specimens.  For other components and the fasteners, 
current production parts were used whenever possible.  The skin panels were joined together 
either longitudinally along longeron L-4 or circumferentially in the middle of frames F-3 and 
F-4.  Frame spacing was 19 inches and longeron spacing was 7.5 inches.  The edges of the panels 
were reinforced with six doubler layers along the longitudinal edges and two doubler layers 
along the circumferential edges.  The doublers were also made of 0.063-inch Al 2024-T3 clad 
sheets.  One-half-inch-diameter holes were drilled along the edges for the introduction of test 
loads.  Twenty-eight loading holes (4 inches apart) were located along longitudinal edges, and 
sixteen-loading holes (3.5 inches apart) were located along the circumferential edges.  Four-inch-
long slits were also introduced along the circumferential edges, between the loading holes, to 
reduce the effects of the edge doublers.  Several slits were also introduced in the longitudinal 
edge doublers near the middle of the panel before the residual strength tests.  The test panels 
were fabricated per Boeing drawing number ZB128403 (see figure H-4 in appendix H) as 
configuration -1, -501, -503, -505, -507, and -509.  Specific specimen configurations are listed 
below: 

• ZB128403-1 (CVP-1) and -501 (CVP-2) had longitudinal lap splice joints identical to 
those in the type 1 EIFS and type 1 MSD flat panel test specimens.  The skin panels were 
spliced along longeron L-4 via four rows of rivets.  Two fingered doublers were used to 
reduce shear at the first fastener row.  The rivets on the outmost rows were 5/32 inch in 
diameter with an 82 degree countersink, made of Al 2117-T4.  The rivets on the second 
row, which also joined the longeron to the skin, were 3/16-inch-diameter Al 2117-T4 
shear head type with a 100 degree countersink.  The third rivet row was 3/16 inch 
diameter, made of Al 2117-T4 with an 82 degree countersink.  The flanges of the 
longeron were attached to the outer flange of the frame via two 3/16-inch-diameter 
titanium Hi-Lok pins, one at each side.   

• ZB128403-505 (CVP-3) and -507 (CVP-4) had circumferential butt splice joints that 
were identical to those in the type 4 EIFS and type 4 MSD flat panel test specimens.  The 
panel had one circumferential butt splice at the middle bay between frames F-3 and F-4.  
The skin butt splice, finger doubler, and splice plate were joined via eight rows of rivets.  
The two outermost rows were 5/32-inch-diameter rivets made of Al 2117-T4 with an 82 
degree countersink.  The two middle rows were 3/16-inch-diameter titanium Hi-Lok pins 
with a 100 degree countersink.  The remaining four rows were 3/16-inch-diameter rivets 
made of Al 2117-T4 with a 100 degree countersink.   

• ZB128403-509 (CVP-5) and -503 (CVP-6) were spare panels.  These were identical to 
the test panels except as noted in the panel drawing serial engineering order (EO) shown 
in figure H-1 of appendix H.  The main differences were 
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− in serial EO 002, the 1.0-inch radius at the four corners of the panels was 
eliminated. 

− in serial EO 003, the edge rivets along the finger doubler splice were replaced 
with straight-shank titanium lock bolts. 

− in serial EO 004, doublers were added under the titanium pin at the longeron to 
the frame joint. 

1T238121
 

 
FIGURE 9-1.  GENERAL CONFIGURATION OF CURVED PANEL SPECIMEN 

 
TABLE 9-2.  MAJOR PANEL DIMENSIONS 

Overall panel length  120 in. 
Overall panel width  68 in. 
Panel radius  66 in. 
Number of frames 6 
Number of longerons 7 
Frame spacing 19 in. 
Longeron spacing  7.5 in. 
Skin thickness 0.063 in. 
Frame material Z section, Al 7075-T6  
Shear clip material L section, Al 7075-T6 
Skin material Al 2024-T3 Clad Sheet 
Longeron material Al 7075-T6511 Extrusion 
Longeron Splice-Fitting Material  Al 7075-T73511 Bar  
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Standard production practices were used in all phases of specimen fabrication and assembly, 
including surface preparation, sealant application, hole preparation and fastener installation.  An 
NDI survey of all specimens was performed using the rotating probe eddy-current technique on 
all fasteners in the critical rows before the test specimens were delivered to the FAA William J. 
Hughes Technical Center. 
 
9.5  INITIAL DAMAGE CONFIGURATIONS. 

The initial lead cracks were started by saw cuts and then sharpened with diamond-coated wire.  
The MSD cracks were made with diamond-coated wire.  These cracks were introduced in the 
skin after the fastener holes had been prepared but before the application of the faying surface 
sealant and the installation of rivets.  The average width of the saw cut was between 0.012 and 
0.015 inch.  The average diameter of the diamond-coated wire was between 0.008 and 0.010 
inch. 

Details of the initial skin damage are shown in figures 9-2 through 9-5.  A copy of the complete 
set of drawings plus serial EO 001 are included in appendix H.  A general description of the 
initial damage for each of the four panels is listed below. 

• CVP-1.  A 7-inch-long lead crack was introduced along the first rivet row of the 
longitudinal splice joint, as shown in figure 9-2.  The lead crack was centered 
approximately at frame F-4.  No MSD cracks were added to the rivet holes ahead of the 
lead crack.  Before the residual strength tests, the three rivets that splice together the two 
shear clips and the frame over longeron L-4 were removed to simulate the damage 
scenario of a two-bay skin crack with a broken center stiffener.  The details are shown on 
serial EO 001, which is included in appendix H. 

• CVP-2.  This panel was identical to CVP-1 except that MSD cracks were installed along 
the path of the lead crack.  The locations and sizes of the MSD cracks are shown in 
figure 9-3.  The details of the lead crack and MSD cracks are also shown in figure 9-3.  

• CVP-3.  A 7-inch-long lead crack was introduced along the first rivet row of the 
circumferential splice joint, as shown on figure 9-4.  The lead crack was centered at 
longeron L-4.  No MSD cracks were added to the rivet holes ahead of the lead crack.  
Before the residual strength tests, the longeron fitting and the intercostal above it were 
severed to simulate the damage scenario of a two-bay skin crack with a broken center 
stiffener.  Details are also shown in figure 9-4. 

• CVP-4.  This panel was identical to CVP-3, except that MSD cracks were installed along 
the path of the lead crack.  The locations and sizes of the MSD cracks are shown in 
figure 9-5.  

• CVP-5 and CVP-6.  No initial damage was introduced.  
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FIGURE 9-2.  INITIAL DAMAGE CONFIGURATION CVP-1 AND CVP-2  
 

 9-6



 

 
 

FIGURE 9-3.  INITIAL DAMAGE CONFIGURATION CVP-1 AND CVP-2 
(VIEWS A, B, AND P) 
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FIGURE 9-4.  INITIAL DAMAGE CONFIGURATION CVP-3 AND CVP-4  
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FIGURE 9-5.  INITIAL DAMAGE CONFIGURATION CVP-4  
 

9.6  TEST LOADS FOR CRACK GROWTH PHASE. 
 
Two load schedules were used for the crack growth phase.  The magnitudes of the stress levels 
and the number of cycles are described in this section.  Loads were increased from normal 
aircraft operating conditions to reduce the test duration. 
 
9.6.1  CVP-1 and CVP-2. 

The lead cracks and MSD cracks were oriented along the longitudinal direction of the fuselage.  
The maximum principal stress that could affect crack extension was perpendicular to the cracks, 
i.e., in the hoop direction of the fuselage.  Hoop stress is dominated by cabin pressure during 
typical ground-air-ground operations.  To simulate this operating condition, the test panels were 
pressurized using water as the medium.  The applied pressure was balanced with a hoop-loading 
system.  The cabin pressure was cycled between 1.0 and 10.1 psi.  The 10.1-psi maximum 
pressure was approximately 15 percent higher than the maximum design operating pressure 
(8.8 psi) of a typical narrow-body commercial transport aircraft.  The total hoop load is 
calculated as follows: 
 
 total hoop load = (applied pressure) × (panel radius) × (length of pressurized area) 

 9-9



where 

applied pressure = 10.1 psi  
 panel radius = 66″ 
 length of pressurized area = 114.4″ (i.e., length of the pressure seal)  

Therefore 
 
 total hoop load = 10.1 psi × 66″ × 114.4″ = 76,259 lbs 

The total hoop load was distributed between the skin and frame.  The ratio between the frame 
load and the total hoop load was found to be 16.8 percent based on finite element method, which 
is discussed in section 9.10.3.  The frame loads were evenly distributed to six frames, and the 
rest of the hoop loads were evenly distributed to seven skin load actuators.  In addition, a 
longitudinal load, equal to one-half of the hoop load per unit length, was applied via a 
longitudinal loading system.  The total applied longitudinal load is calculated as follows: 

 total longitudinal load = 0.50 × (applied pressure) × (panel radius) × (width of panel) 

where 

 applied pressure = 10.1 psi  
 panel radius = 66″ 
 effective width of panel = 56″ 

Therefore 
 

the total longitudinal load = 0.50 × 10.1 psi × 66″ × 56″ = 18,665 lbs  
 
The longitudinal loads are applied via four loading actuators at 18665/4 = 4666 lbs each.  The 
maximum and minimum applied loads are summarized in the table 9-3. 
 
9.6.2  CVP-3 and CVP-4. 
 
The lead cracks and MSD cracks for CVP-3 and CVP-4 were oriented along the circumferential 
direction of the fuselage.  The stresses in the longitudinal direction of the fuselage were the 
dominating stresses for crack extension.  During a typical ground-air-ground (GAG) operation, 
the sources of the longitudinal loads are cabin pressure cycle and down-tail load.  To simulate 
the operating condition, the test panels were pressurized using water, and a longitudinal load was 
applied via the longitudinal loading system.  The maximum applied cabin pressure was equal to 
the design-operating pressure of 8.8 psi for a typical narrow-body commercial transport aircraft.  
The test loads for the hoop-loading systems were scaled from table 9-3.  The maximum 
longitudinal load is equal is equal to one-half of the hoop load per unit length plus a 1.3-g 
maneuver load.  The 1.3-g maneuver load represents an assumed maximum load from typical 
exceedance curve data that might be used by a manufacturer to show compliance with regulatory 
requirements.  The maximum longitudinal stress of 13.9 ksi is derived as follows. 
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TABLE 9-3.  MAXIMUM AND MINIMUM TEST LOADS FOR CVP-1 AND 
CVP-2 CRACK GROWTH TEST 

 
(a) Maximum Test Loads (10.1 psi)  

Location 

Applied Load per 
Loading Actuator 

(lb) 

No. of 
Loading 

Actuators 
Total Load

(lb) 
Pressure (NA) (NA) 10.1 psi 
Longitudinal Loads 4666 4 18,665 
Skin Hoop Load (83.2% of hoop load)  9064 7 63,447 
Frame Load (16.8% of hoop load) 2135 6 12,812 
Total Hoop Load (Skin Hoop Load + Frame Load) 76,259 

 
(b) Minimum Test Loads (1.0 psi)  

 

Location 

Applied Load per 
Loading Actuator 

(lb) 

No. of 
Loading 

Actuators 
Total Load

(lb) 
Pressure (NA) (NA) 1.0 psi 
Longitudinal Loads 462 4 1848 
Skin Hoop Load (83.2% of hoop load)  897 7 6282 
Frame Load (16.8% of hoop load) 211 6 1268 
Total Hoop Load (Skin Hoop Load + Frame Load) 7550 

 
Assuming that the maximum skin stress under a design limit condition is 22.4 ksi, and the design 
limit condition is a 2.5-g maneuver condition.  (The design limit is representative of an OEM-
imposed design constraint to account for joining, robustness, and future repairability.) 
 
Then the 1-g stress, σ1g, can be calculated using the expression below: 
 
 pR/2t + 2.5 σ1g = 22.4 ksi 
 p = 8.8 psi 
 R = 66″ 
 t = 0.063″ 
 pR/2t = (8.8 psi × 66 in.)/(2 × 0.063 in.) = 4.6 ksi 
 
substituting pR/2t into the equation above, then 
 
 4.6 ksi + 2.5 σ1g = 22.4 ksi 
 
solving the above equation for σ1g, then  
 

σ1g = 7.1 ksi 
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Substitute σ1g stress into the 1.3-g maneuver condition, and the maximum GAG stress is:  
 
 GAGmax = (pR/2t + 1.3 σ1g) = 4.6 ksi + 9.3 ksi = 13.9 ksi  
 
total longitudinal load = (skin stress) × (skin thickness) × (width of panel) 
 
where 
 

skin stress  = 13.9 ksi 
skin thickness = 0.063″ 

 width of panel = 56″ 
 
Therefore 
 
 total longitudinal load = 49,040 lbs  
 load for each whiffletree is 49,040 lbs/4 = 12,260 lbs 
 
For the minimum load condition, assuming that minimum GAG stress equals 30 percent of 
maximum ground-air-ground stress, then  
 
the minimum load for each whiffletree = 12,260 lbs × 0.30 = 3678 lb (4.17-ksi equivalent) 
 
The maximum and minimum test loads are shown in table 9-4.  

TABLE 9-4.  MAXIMUM AND MINIMUM TEST LOADS FOR CVP-3 AND 
CVP-4 CRACK GROWTH TEST 

(a) Maximum Test Loads (8.8-psi cabin pressure with 13.9-ksi longitudinal load)  

Location 
Applied Load per 

Loading Actuator (lb) 
No. of Loading 

Actuators 
Total Load 

(lb) 
Pressure (NA) (NA) 8.8 psi 
Longitudinal Loads 12,260 4 49,040  
Skin Hoop Load (83.2% of hoop load)  7,897 7 55,281 
Frame Load (16.8% of hoop load) 1,860 6 11,163 
Total Hoop Load (Skin Hoop Load + Frame Load) 66,443 

 
(b) Minimum Test Loads (1.0-psi cabin pressure with 4.17-ksi longitudinal load)  

 

Location 
Applied Load per 

Loading Actuator (lb) 
No. of Loading 

Actuators 
Total Load 

(lb) 
Pressure (NA) (NA) 1.0 psi 
Longitudinal Loads 3,678 4 14,712 
Skin Hoop Load (83.2% of hoop load)  897 7 6,282 
Frame Load (16.8% of hoop load) 211 6 1,268 
Total Hoop Load (Skin Hoop Load + Frame Load) 7,550 
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9.7  STRAIN GAGE LOCATIONS. 
 
A set of lead wires, at least 15 feet long, was installed onto the tabs of each strain gage.  The wire 
insulation was coated with Teflon to prevent seepage when submerged in pressurized water.  The 
number of strain gages for each panel is listed in tables 9-5 and 9-6.  The strain gage locations 
for all test panels are shown in figures 9-6 and figure 9-7.  The detailed dimensions and strain 
gage types are shown in figure H-2 in appendix H.  Several sets of back-to-back strain gages 
were installed on the skin to monitor the bulging effects. 

TABLE 9-5.  SUMMARY OF STRAIN GAGE LOCATION FOR CVP-1 AND CVP-2, 
LONGITUDINAL SPLICE PANEL 

 
Locations Gage Types Number of Gages 

Frames Axial 20  (inner or outer chord) 
Longerons Axial 8  (flange or hat) 
Skin Rosette 8  (gages 31 and 32 were back-to-back) 

 
TABLE 9-6.  SUMMARY OF STRAIN GAGE LOCATION FOR CVP-3 AND CVP-4, 

CIRCUMFERENTIAL SPLICE PANEL 
 

Locations Gage Types Number of Gages 
Frames Axial 9  (inner or outer chord) 
Longerons Axial 22  (flange or hat) 
Skin Rosette 9  (gages 34 and 35, gages 36 and 37, and gages 39 

and 40 were back-to-back) 
 

 
Frame Axial Gages 1 to 20  
Longeron Axial Gages 21 to 28
Skin Rosette 29 to 36 

 
FIGURE 9-6.  STRAIN GAGE LOCATIONS FOR CVP-1 AND CVP-2 
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Frame Axial Gages 1 to 9 
Longeron Axial Gages 10 to 31 
Skin Rosette 32 to 40 

 
FIGURE 9-7.  STRAIN GAGE LOCATION FOR CVP-3 AND CVP-4  

 
9.8  TEST PROCEDURES. 

The general test procedures are outlined below: 
 
1.  The panels were mounted in the test fixture and the instrumentation connected. 
 
2.  Prior to the test, 20 pressure cycles were applied at a rate of 10 seconds (or more) per 

cycle.  The minimum and maximum pressure applied was 1 and 5 psi, respectively.  At 
the same time, the load on the longitudinal whiffletree was cycled from 924 to 4620 lb.  
This loading scheme generated a hoop stress in the skin of approximately 5 ksi. 

 
3.  The video camera was set up to monitor and record the test. 
 
4.  Strain survey tests were conducted for each test panel under the three loading conditions 

shown in the table 9-7.  The loads were increased at 10 percent increments of the 
maximum load, and the strain gage readouts were recorded at each load increment. 

 
5.  Fatigue cycling was performed with testing loads specified in tables 9-3 and 9-4. 
 
6.  Periodic inspections were conducted during the fatigue cycling.  Lead crack propagation 

was monitored through the video camera, and the test was periodically stopped for visual 
inspection and crack length measurements (see step 7).  Fatigue cycling was stopped 
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when the lead crack reached 25 inches for CVP-1 and CVP-2 or 19 inches for CVP-3 and 
CVP-4.  The panels were prepared for the residual strength test. 

 
7.  Lead crack lengths and MSD sizes versus cycles were recorded.  
 
8.  A residual strength test was conducted with incrementally increasing pressure and 

longitudinal loading as specified below until failure occurred along the splice joint.  
Sufficient time was allowed between load steps for the crack to stabilize.  Stable tearing 
was recorded via video camera. 

 
• CVP-1 and CVP-2.  Prior to the residual strength test, frame 4 was cut through 

just above the lead crack.  Starting with 1.0-psi pressure and a 462 lb load in each 
longitudinal whiffletree, loading was incrementally increased by 0.5-psi pressure 
and 231 lb on each longitudinal whiffletree.  

 
• CVP-3 and CVP-4.  Prior to the residual strength test, three slots per side were cut 

along the longitudinal edges.  Starting with 1.0-psi pressure and a 1394 lb load in 
each longitudinal whiffletree, loading was incrementally increased by 0.5-psi 
pressure and 697 lb on each longitudinal whiffletree. 

 
TABLE 9-7.  TEST LOADS FOR STRAIN SURVEY TESTS 

(a) Strain Survey Test Condition 1—Pressure Load Only 
 

Test Specimens 
Maximum 

Applied Pressure 
Skin Load  

(each actuator) 
Frame Load 

(each actuator) 

Longitudinal 
Load 

(each actuator) 
CVP-1 CVP-2 10.1 psi 9065 lbs 2135 lbs 0 lbs 
CVP-3 CVP-4 8.8 psi 7898 1860 lbs 0 lbs 

 
 (b) Strain Survey Test Condition 2—Longitudinal Load Only 

 

Test 
Specimens 

Maximum 
Applied Pressure 

Skin Load  
(each actuator) 

Frame Load 
(each actuator)

Longitudinal 
Load  

(each actuator) 
CVP-1 CVP-2 0 psi 0 lbs 0 lbs 4666 lbs 
CVP-3 CVP-4 0 psi 0 lbs 0 lbs 12260 lbs 

 
 (c) Strain Test Condition 3—Pressure and Longitudinal Load Applied Simultaneously 

 

Test 
Specimens 

Maximum 
Applied Pressure

Skin Load 
(each actuator) 

Frame Load 
(each actuator) 

Longitudinal 
Load 

 (each actuator) 
CVP-1 CVP-2 10.1 psi 9065 lbs 2135 lbs 4666 lbs 
CVP-3 CVP-4 8.8 psi 7898 1860 lbs 12260 lbs 
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9.9  TEST RESULTS. 
 
Complete reports of the strain survey, crack growth phase, and residual strength tests of the four 
curved panels are documented in an FAA report, Full-Scale Testing and Analysis of Fuselage 
Structure Containing Multiple Cracks [57].  The test results are briefly discussed here for 
reference only. 

9.9.1  Strain Survey. 

The strain surveys were conducted under three separate loading conditions:  (1) pressure loads 
only, (2) longitudinal loads only, and (3) pressure plus longitudinal loads.  The applied load 
levels are specified in table 9-4.  Selected plots of strain gage readouts versus finite element 
analysis prediction were included in section 9.10.5 for model validation. 

9.9.2  Crack Growth Phase. 

Cyclic loads, as described in sections 9-3 and 9-4, were applied to the applicable curved panel 
until the lead crack reached a predetermined length:  approximately 25 inches for CVP-1 and 
CVP-2 and 19 inches for CVP-3 and CVP-4.  These crack lengths were used as the starting 
points for the subsequent residual strength tests.  The crack growth histories as a function of 
number of load cycles are shown in figure 9-8 for CVP-1 and CVP-2 and in figure 9-9 for CVP-3 
and CVP-4.  In these figures, the circular and square symbols represent the measured crack 
lengths for the right and the left crack tips, respectively.  The R numbers along the y axis indicate 
the rivet ID numbers.  R3 was the first rivet ahead of crack tips.  The crack growth predictions 
are shown in figures H-152 and H-153 in appendix H. 

 
 

FIGURE 9-8.  CRACK GROWTH CURVES OF PANELS CVP-1 AND CVP-2 
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FIGURE 9-9.  CRACK GROWTH CURVES OF PANELS CVP-3 AND CVP-4  
 
9.9.3  Residual Strength. 
 
The test loads for the residual strength tests were applied based on the loads shown in tables 
9-3(a) and 9-4(a).  The test loads were increased incrementally until failure occurred.  Stable 
tearing of the lead crack, in terms of applied cabin pressure versus crack extension, is compared 
with the FEA prediction in section 9.10.8.  For CVP-1, the crack began to propagate when the 
applied pressure reached 10.25 psi.  The crack extended abruptly and was arrested at the adjacent 
frames, F-3 and F-5.  At 11.14 psi, the crack suddenly extended and the panel failed.  For CVP-2, 
the crack began to propagate when the applied pressure reached 8.5 psi.  The crack extended 
abruptly and was arrested at frames F-3 and F-5.  The highest applied pressure recorded for 
CVP-2 was 9.16 psi. 
 
During the residual strength testing of CVP-3, unexpected failures occurred twice at the loading 
tabs located along the circumferential edges.  The first run started with a lead crack 19.17 inches 
in length.  The longeron fitting at L4 and the intercostal above it were severed.  Crack extension 
was noticed at a pressure level of 17.00 psi.  The crack grew to 21.54 inches in length when the 
applied pressure was gradually increased to 19.10 psi.  The test was aborted at this point when 
one of the loading tabs failed.  The test resumed after the panel was repaired.  During the second 
run, abrupt crack extension occurred, 1.73 inches at left tip and 0.41 inch at right tip, when the 
applied pressure reached 18.38 psi.  The test was aborted again at this point due to a failure.  A 
posttest inspection revealed that longeron L3 and several loading tabs were broken.  The test 
resumed after the loading tabs were repaired.  The third run started with a 23.68-inch lead crack 
and a broken longeron at L3 in addition to the severed longeron fitting L4.  The lead crack 
started to propagate when the pressure was increased to 17.85 psi.  Under this pressure, the lead 
crack continued to propagate and caused the longeron L5 to fail.  The test was terminated when 
the panel failed.   

For CVP-4, the test started with a lead crack 18.96 inches long.  A small amount of stable tearing 
was noticed until the pressure reached 17.0 psi, at which point the lead crack suddenly extended 
2.6 inches.  The crack was subsequently arrested at the next fastener hole, at a pressure of 20.0 
psi.  The applied load continued to increase in 0.25-psi increments.  No significant crack 

 9-17



extension was observed between 20.00 and 20.75 psi.  During the last attempt to further increase 
the applied load, the crack extended suddenly and the panel failed.  The highest applied pressure 
recorded for CVP-4 was 20.75 psi. 
 
9.10  RESIDUAL STRENGTH ANALYSIS OF CURVED PANEL CONTAINING MSD.  

This section discusses the residual strength analysis methods and the validation of the finite 
element models for the curved panel test specimens.  The residual strength analysis procedures 
used for the flat panels with MSD cracks are also applicable to the curved panels, except for the 
following minor changes.   

For the flat panels, the stress-intensity correction factors used in the PLZ criterion were derived 
from the global-local approach and the FEAM code; for the curved panels, the stress-intensity 
correction factors were obtained from the STAGS global models alone.  The reason for the 
change was that the elements in the STAGS global model were refined to a size small enough to 
include modeling of the MSD cracks; thus, the need for the intermediate steps of the global-local 
analyses was eliminated.   

Stable-tearing analyses using the CTOA criterion were performed on a half model with 
symmetric boundary conditions applied at the centerline.  The rationale for using a half model 
instead of a full model is that crack propagation was shown by test results to be symmetric on 
both sides.  A half model also conserved computer resources and avoided divergence.  The Ψc 
derived from the MSD flat panels for crack extension and crack initiation from saw cut tips and 
fastener holes were also applicable to the curved panels.  The predicted results compared very 
well with the experimental results. 
 
9.10.1  Finite Element Models for Curved Panels. 
 
Several finite element models were developed either for validating modeling techniques or for 
residual strength analyses.  These models may be categorized into three basic configurations, as 
shown in figure 9-10:  (1) generic panels, (2) panels with a longitudinal splice, and (3) panels 
with a circumferential splice.  All analytical models, and the specific applications they were used 
for, are detailed in table 9-8. 
 

 
 

FIGURE 9-10.  THREE CATEGORIES OF FINITE ELEMENT MODELS 
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TABLE 9-8.  LIST OF FINITE ELEMENT MODELS FOR CURVED PANEL 
TEST WFD STUDY 

 

 

Model 
No. 

Model 
Name Splice Joint 

Boundary 
Condition 

Analysis 
Code Application 

1 CVB1 
figure 9-12 None Full barrel NASTRAN Strain survey prediction for 

airplane 

2 CVB2 
figure 9-28 None Full barrel NASTRAN Determining hoop load for 

testing 

3 CVLSB 
figure 9-30 Longitudinal Full barrel NASTRAN 

Strain prediction for 
simulated full cylinder 
condition 

4 CVLST 
figure 9-31 Longitudinal Test panel NASTRAN Strain prediction for test 

panel 

5 
CVLSC00 

figures 9-34 
and 9-35 

Longitudinal Test panel STAGS 

Half STAGS model for 
stable-tearing analysis with a 
7-inch lead crack and 
without MSD 

6 
CVLSC05 

figures 9-34 
and 9-35 

Longitudinal Test panel STAGS 

Half STAGS model for 
stable-tearing analysis with 
0.050-inch MSD and a 
7-inch crack 

7 CVCSB 
figure 9-32 Circumferential Test panel NASTRAN 

Strain prediction for 
simulated full cylinder 
condition 

8 CVCST 
figure 9-33 Circumferential Full barrel NASTRAN Strain prediction for test 

panel 

9 
CVCSC00 

figures 9-36 
and 9-37 

Circumferential Test panel STAGS 
Half STAGS model for 
stable-tearing analysis with a 
7-inch lead crack. No MSD 

10 
CVCSC05 

figures 9-36 
and 9-37 

Circumferential Test panel STAGS 

Half STAGS model for 
stable-tearing analysis with 
0.050-inch MSD and a 
broken central stiffener 

The first model, CVB1, was a generic curved panel; created to validate the modeling techniques 
and assumptions used in all subsequently developed analytical models.  This model represents a 
portion of an idealized fuselage cylinder without splice joints or cutouts.  As shown in 
figure 9-11(b), the predicted strains from this model were then compared to measured data from 
an aircraft, as shown in figure 9-11(a).  The comparison of the strains at selected locations is 
discussed in section 9.10.2. 
 
Similarly, the second model, CVB2, was used to determine the load distribution between the skin 
and the frame in the tangential direction based on nonlinear geometrical analysis.  The results 
from this analysis were used in testing all four curved panels.  The models and analyses are 
discussed in section 9.10.3. 
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FIGURE 9-11.  VALIDATION OF FINITE ELEMENT MODEL AND METHODOLOGY 
 
The third model, CVLSB in figure 9-11(c), contains a longitudinal fuselage splice joint.  
Simulated full-cylinder boundary conditions were applied to the edges.  This model was used as 
a reference for the fourth model, CVLST, figure 9-11(d).  CVLST models the test panel and is 
the same as CVLSB except for the added edge doublers on which the test loads were introduced 
through whiffletrees.  CVLST was used to design the test conditions and to predict the strains 
and residual strength.  The predicted strains from this model were compared to the prediction of 
the baseline model (CVLSB) and to the experimental results.  The comparison is discussed in 
section 9.10.5.   

The fifth and sixth models, CVLSC00 and CVLSC05, were STAGS models based on CVLST 
(the test panel model with a longitudinal splice joint).  The STAGS models contained only half 
of the actual panel including frames F4, F5, and F6.  Symmetrical conditions were applied at 
longeron L4.  
 
Models 7 through 10 replicate the purposes of models 3 through 6, but for a circumferential 
splice joint.  The STAGS models, CVCSC00 and CVCSC05, also contained only half of the 
panel tested, including longerons L4 through L7, using the centerline of longeron L4 as the 
symmetry plane. 
 

 9-20



9.10.2  Validation of General Curved Panel Finite Element Models. 

This section describes the tests performed and the strain gage measurements taken to validate the 
techniques and assumptions used in the development of the curved panel finite element models.  
The tests showed that the finite element models, as shown in figure 9-12, were capable of 
predicting strain and stress at various locations of the fuselage with great accuracy.   

 
 

FIGURE 9-12.  FINITE ELEMENT MODELS FOR BASIC FUSELAGE STRUCTURE 
(No splice joints) 
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Experimental data were obtained from two separate tests conducted on an aft section of a 
narrow-body airplane.  The first strain survey results were obtained from an internal test 
conducted by Boeing, where the strain gages were installed on the exterior surface of the skin at 
the crown of the fuselage and near the aft pressure bulkhead.  The hoop stress at a location half 
way between the stiffeners is included in this report for reference.  The second test was funded 
by the FAA as part of the current study.  For this test, a group of strain gages were installed on 
the interior side of the fuselage, and measurements were taken at selected locations of frame, 
longeron, and skin.  Predictions from finite element model CVB1, using a nonlinear NASTRAN 
solution, compared very well with the experimental results. 
 
9.10.2.1  Description of Finite Element Models for Aft Fuselage Strain Survey. 

The finite element model, CVB1, for the strain survey of the aft fuselage shell is shown in 
figure 9-12.  The model represented an idealized section of a fuselage cylinder without the 
constraints of floor beams that were subjected to internal pressure loading.  The overall size of 
the model was approximately 117 inches long by 52.5 inches wide with a radius of 66 inches.  
The model consisted of six frames and seven longerons and did not include splice joints.  There 
were 25,454 elements and 22,468 nodes in the model.  All elements were modeled using four-
node plate elements with out-of-plane bending capability.  Linear elastic spring elements were 
used to simulate the fasteners between the components.  The element sizes were approximately 
1.25 inches by 0.53 inch for the skin and 1.0 by 1.0 inch for the frames and longerons.  The 
thickness for all components (skin, frames, longerons, and shear clips) was 0.063 inch.  The 
longitudinal edges of the model were constrained in the T2, R1, R2, and R3 directions to 
simulate a full-barrel condition; the left circumferential edge was constrained in the T3, R1, R2, 
and R3 directions.  Cabin pressure was applied to the interior surface of the skin and a uniformly 
distributed longitudinal load, equal to pR/2, was applied at the right circumferential edge in the 
longitudinal direction.  NASTRAN’s geometric nonlinear solution was used, and the cabin 
pressure and the longitudinal load were applied in 10 percent increments from 0 to 10 psi. 
 
9.10.2.2  Description of Aft Fuselage Shell Strain Survey. 

Two strain survey tests were conducted on an aft section of the fuselage barrel.  The strain gage 
locations for the first test are shown in figure 9-13.  One set of rosette gages was installed on the 
exterior skin surface, midway between the frames and the longerons.  For the second test, ten 
strain gages were installed:  one rosette gage for the skin, five uniaxial gages for the frame, and 
two uniaxial gages for the longeron.  The rosette gage consisted of three uniaxial gages that were 
45 degrees apart.  The locations of the gages are shown in figures 9-14 through 9-16.  The gages 
on the skin were located approximately at midbay.  Gage SK1A was used to measure hoop 
strain, SK1C the longitudinal strain, and SK1B the diagonal strain.  The gages on the longeron 
were located at midbay, one on the cap (L4C) and one on the flange (L4F).  The gages on the 
frame (FCU1 through FCU3, FCL2, and FCL3) were located on the inner and outer frame caps 
at midbay, quarter bay, and on the inner cap directly above the longeron (figure 9-16).  The 
fuselage was pressurized and depressurized in 1-psi increments from zero to 7.77 psi.  The 
pressurization was repeated three times and the strains were recorded at each load step.  The 
strain data were modified to remove the initial offset at zero pressure. 

 9-22



 

 
 

FIGURE 9-13.  GAGE LOCATIONS OF STRAIN SURVEY AT EXTERIOR SURFACE 
OF FUSELAGE 

 

 
 

FIGURE 9-14.  STRAIN GAGE INSTALLATION—OVERALL VIEW FOR 
INTERIOR GAGES 
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FIGURE 9-15.  STRAIN GAGE INSTALLATION—SKIN AND LONGERON FOR 
INTERIOR GAGES 

 

 
 

FIGURE 9-16.  STRAIN GAGE INSTALLATION—FRAME 
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9.10.2.3  Results of Strain Survey Comparison. 

The predicted and measured strains are shown in figures 9-17 through 9-27 and in figures H-23 
through H-132 in appendix H.  The predicted strain of the skin in the hoop and diagonal 
directions agreed well with the experimental results.  The predicted strain and stress in the frame 
also agreed well with the experimental results.  However, the predicted strain in the longitudinal 
direction for both gages on the longerons (L4C and L4F) and in the skin gage (SK1C) were 
lower than measured strains by about 50 micro inch/inch at maximum pressure (approximately 
30 percent).  The predicted differential strain between L4C and L4F, indicating out-of-plane 
bending in the longeron, agreed well with the measurement, indicating that the modeling of the 
longeron thickness and stiffness was correct.  A free body of the model was carefully checked 
and no errors were found.  The reason for higher-measured longitudinal strain in the skin is 
believed to be the eccentricity of the neutral axis of the fuselage—a heavier gage of skin and 
longeron was used at the bottom of the airplane—and the resultants of the pressure on a 
noncircular fuselage. 
 

 
 

FIGURE 9-17.  COMPARISON OF PREDICTED AND EXPERIMENTAL GAGE IN 
THE HOOP DIRECTION FOR EXTERIOR GAGES 
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10.0 

 
FIGURE 9-18.  STRAIN GAGE COMPARISON—SKIN STRAIN IN THE 

HOOP DIRECTION FOR INTERIOR GAGES 
 

 
 

FIGURE 9-19.  STRAIN GAGE COMPARISON—SKIN STRAIN IN A 45 DEGREE 
DIRECTION FOR INTERIOR GAGES 
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10.0 

 
FIGURE 9-20.  STRAIN GAGE COMPARISON—SKIN STRAIN IN THE LONGITUDINAL 

DIRECTION FOR INTERIOR GAGES 
 

 
 

FIGURE 9-21.  STRAIN GAGE COMPARISON—FRAME INNER CAP AT LONGERON 
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FIGURE 9-22.  STRAIN GAGE COMPARISON—FRAME INNER CAP AT QUARTER BAY 
 

 
 

FIGURE 9-23.  STRAIN GAGE COMPARISON—FRAME INNER CAP AT MIDBAY 
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FIGURE 9-24.  STRAIN GAGE COMPARISON—FRAME OUTER CAP AT 
QUARTER BAY 

 

 
 

FIGURE 9-25.  STRAIN GAGE COMPARISON—FRAME OUTER CAP AT MIDBAY 
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FIGURE 9-26.  STRAIN GAGE COMPARISON—LONGERON FLANGE 
 

 
 

FIGURE 9-27.  STRAIN GAGE COMPARISON—DIFFERENTIAL STRAIN BETWEEN 
CAP AND CROWN AT LONGERON 
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9.10.3  Development of Frame Load Ratio for Testing. 

The FASTER curved panel test machine uses a unique actively controlled loading system in the 
hoop direction to balance the resultant of simulated cabin pressure.  The hoop load is introduced 
through two mechanisms:  (1) the skin is loaded using seven sets of whiffletrees on each side, 
and (2) the frames are loaded individually at the ends by linkages connecting to a loading device.  
A predetermined ratio for the frame and skin load distribution must be entered into the computer 
before testing begins.   
 
To estimate the frame load ratio, a simple finite model (CVB2) was created and analyzed to 
determine this ratio as a function of the cabin pressure level.  The model consisted of a frame and 
a longeron, 19.5 inches long by 7.5 inches wide with a radius of 66 inches, as shown in 
figure 9-28.  Pressure loading equal to 10.0 psi was applied to the inner surface, and a uniformly 
distributed force, equal to pR/2 (330 pounds per inch), was applied to the left edge.  The right 
edge was constrained in the T3 direction.  Symmetric boundary conditions were applied to all 
free edges, simulating an infinitely long cylinder.  Connections between individual components 
were modeled as elastic springs.  The stiffness of the spring elements was calculated based on 
Swift’s fastener equation (see section 3.7).  A nonlinear NASTRAN solution was run, and the 
reaction forces were retrieved from the output files.  Tangential reactions from the boundary 
nodes of frame and shear clip were summed together and denoted as Pframe.  The sum of the 
tangential reactions of the skin nodes was denoted as Pskin.  The frame load ratio, RFP = Pframe/ 
(Pframe + Pskin), was computed at 1-psi intervals from zero to 10 psi and plotted in figure 9-29.  
From the analysis results, the frame load ratio at 10 psi, 16.8 percent, was recommended for all 
test panels.  
 

 
 

FIGURE 9-28.  FINITE ELEMENT MODEL FOR INVESTIGATION OF FRAME AND 
HOOP LOAD RATIO 
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FIGURE 9-29.  FINITE ELEMENT MODEL AND FRAME AND SKIN 
LOAD DISTRIBUTION 

 
9.10.4  Finite Element Models With Splice Joints.  

9.10.4.1  Description of Finite Element Models for Splice Joint Analysis. 

The finite element models for the assessment of the effects of MSD in splice joints were created 
in accordance with the test specimen drawing ZB118852-1.  The model consists of six frames 
and seven longerons, and its overall size is approximately 120 inches long by 68 inches wide.  
For the longitudinal splice joints, two models were created:  a baseline model (CVLSB) and a 
test panel model (CVLST).  Based on CVLST, two additional STAGS models were created:  
CVLSC00 (with 0.0-inch MSD cracks) and CVLSC05 (with 0.050-inch MSD cracks).  Similar 
finite element models for the circumferential splice joints also were developed and designated as 
CVCSB, CVCST, CVCSC00, and CVCSC05.  The baseline models simulated a rectangular 
section of fuselage panel in a full cylinder subjected to internal pressure loading.  The test panel 
models were used to simulate the actual test specimens under test load conditions.  The finite 
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element models listed in table 9-8 are shown in figures 9-30 through 9-38.  All models were 
created using the techniques described as follows. 

• Skin.  The skin panels were modeled using three- and four-node shell elements with out-
of-plane bending stiffness.  The three-node shell elements were used only in the 
transitional area to bridge meshes of different sizes.  In the STAGS models, five-node 
shell elements (i.e., quadrilateral shell elements with one midside node) were used near 
the crack path for element size transition.  The skin was divided into two halves.  The 
skin panels were joined together over longeron L4 for the longitudinal splice panel, and 
joined together at midbay between frames F3 and F4 for the circumferential splice panels.  
The thickness of the skin was 0.063 inch, and material properties for Al 2024-T3 clad, 
either in T-L or L-T direction, were assigned. 

• Skin With Strain Core Material.  For the STAGS model, a plane-strain material property 
was assigned to a band of elements surrounding the crack path.  The width of the band is 
also referred to as the height of the strain core.  The half height of the strain core, hc, was 
set to approximately the thickness of the skin.  The size of the strain core elements was 
approximately 0.040 inch, depending on the fastener pitch.  

• Frame.  The 0.071-inch-thick frame was modeled using three- and four-node plate 
elements with the material properties of Al 7075-T6 extrusion.  

For models CVLSC00 and CVLSC05, in the critical area where frame no. 5 joins with 
the longeron, the element sizes were refined:  each element was divided into four smaller 
elements.  The average stress of the elements was used to evaluate the allowables, in 
terms of applied pressure, of the frame as the crack propagated. 

 
• Longeron.  The longerons were modeled using either three- or four-node plate elements.  

The three-node plate elements were used in the area where the longerons joined with the 
frame.  The thickness of the longerons was 0.071 inch and Al 7075-T6511 extrusion 
properties were assigned. 

 
• Longeron Splice Fitting (for circumferential joints only).  The longeron splice fittings 

were modeled using four-node plate elements.  The thickness of the fitting varied from 
0.0665 to 0.168 inch.  Al 7075-T73511 plate properties were assigned.  For models 
CVCSC00 and CVCSC05, at the critical area of longeron L5, the element sizes were 
refined:  each element was divided into four, as in the CVLSC models.  In the STAGS 
models, the average stress of the four elements was used for evaluation of the maximum 
allowable applied cabin pressure in the splice fitting as the crack propagated. 

• Circumferential Splice Plates (for circumferential joints only).  The splice plate was 
modeled using four-node plate elements.  The thickness of the splice plate varied from 
0.080 to 0.040 inch.  Al 7075-T73 plate properties were assigned to these elements. 

• Shear Clip.  The shear clips were also modeled using four-node plate elements with a 
thickness of 0.063 inch.  Al 7075-T73 plate properties were assigned. 
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• Fingered Doubler.  There were two fingered doublers, inner and outer, used in the splice 
joint.  The doublers were 0.025 inch thick and Al 2024-T3 clad properties were assigned. 

• Intercostal.  Three intercostals, located on the top of longeron L-4, were modeled using 
four-node shell elements.  The thickness of the intercostals was 0.025 inch, and Al 7075-
T73 plate properties were assigned.  

• Fasteners.  The fasteners were modeled using beam elements with shear stiffness equal to 
that calculated using Swift’s fastener stiffness equation, discussed in section 3.7.  
Individual bar elements were used to join two adjacent layers for those fasteners that 
penetrate through more than two layers of components.  This technique of modeling the 
fasteners is identical to that used in modeling type 1 and type 4 MSD flat panels.  

• Peripheral Structure (for test panel model only).  The peripheral area was used to 
introduce applied test loads in the hoop and longitudinal direction.  This area was 
modeled using four-node plate elements with thicknesses ranging from 0.063 to 0.437 
inch; Al 2024-T3 sheet material properties were assigned.  The peripheral structure is 
shown in figure 9-38. 

• Simulated Loading Arms (for test panel model only).  The loading arms of the whiffletree 
were modeled as beams in figures 9-34 and 9-36.  The main function of the loading arms 
was to provide stability to the whiffletree during nonlinear analysis.  The lower ends of 
the loading arms were fixed in all 6 degrees of freedom, and a small moment of inertia 
was assigned to the beams such that they only carried negligible lateral loads. 

The material properties for the Al 2024-T3 clad thin sheet were used for the skin, and the 
Al 7075-T73 plate was used in the longerons, longeron fittings, and frames.  The material 
properties are all based on the MIL-HDBK-5H.  The elastic-plastic properties for the Al 
2024-T3 are the same as that used for the MSD flat panel analysis shown in table 8-10 
and plotted in figure 4-3.  Other material properties are listed in table 9-9.  
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FIGURE 9-30.  FINITE ELEMENT MODEL OF LONGITUDINAL SPLICE JOINT 

SIMULATED FULL-BARREL PANEL—CVLSB 
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FIGURE 9-31.  FINITE ELEMENT MODEL OF LONGITUDINAL SPLICE JOINT 
TEST PANEL—CVLST 
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FIGURE 9-32.  FINITE ELEMENT MODEL OF CIRCUMFERENTIAL SPLICE JOINT 
SIMULATED FULL-BARREL PANEL—CVCSB 
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FIGURE 9-33.  FINITE ELEMENT MODEL OF CIRCUMFERENTIAL SPLICE JOINT 
TEST PANEL—CVCST 
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FIGURE 9-34.  STAGS FINITE ELEMENT MODEL FOR LONGITUDINAL SPLICE 

PANELS—CVLSC00 AND CVLSC05 
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FIGURE 9-35.  FINE MESHED AREA FOR STAGS FINITE ELEMENT MODEL 
LONGITUDINAL SPLICE PANELS—CVLSC00 AND CVLSC05 
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FIGURE 9-36.  STAGS FINITE ELEMENT MODEL FOR CIRCUMFERENTIAL SPLICE 

PANELS—CVCSC00 AND CVSC05 
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FIGURE 9-37.  FINE-MESHED AREA FOR STAGS FINITE ELEMENT MODEL FOR 
CIRCUMFERENTIAL SPLICE PANELS—CVCSC00 AND CVSC05 
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FIGURE 9-38.  PERIPHERAL STRUCTURE FOR TEST LOAD APPLICATION 
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TABLE 9-9.  BASIC MATERIAL PROPERTIES 
 

Material Types Application 

Young’s 
Modulus 

(ksi) 
Poisson 
Ratio 

FTY 
(ksi) 

FTU 
(ksi) 

Al 2024-T3 clad (L-T) Skin 10.5E3 0.33 47 63 
Al 2024-T3 clad (T-L) Skin, doubler 10.5E3 0.33 42 62 
Al 7075-T6, T6511 (L-T) Frame, longeron 10.3E3 0.33 68 79 
Al 7075-T73, T75311 (L-T) Longeron splice fitting 10.4E3 0.33 65 74 

 
9.10.4.2  Damage Scenarios. 

Different damage scenarios were simulated in different models, depending on the stages of 
testing.  Initially, for the strain survey (models CVLSB, CVLST, CVCSB, and CVCST), only the 
lead crack was introduced in the skin along the critical fastener row.  The strain survey tests were 
followed by crack growth tests.  At the end of the crack growth tests, when the crack reached a 
predetermined size, additional damage was introduced in the central stiffeners.  For the 
longitudinal splice test panels, frame F4 directly above the lead crack was severed, and the shear 
clips at the same location were also cut.  For the circumferential splice panels, the splice fitting 
and the intercostal near longeron L4 directly above the lead crack were severed. 

The damage conditions simulated in the models are shown in table 9-10. 
 

TABLE 9-10.  DAMAGE CONDITION OF FINITE ELEMENT MODELS 

Model Name Damages Applications 
CVLSB 7-inch saw cut in the skin Reference panel 
CVLST 7-inch saw cut in the skin Test panel strain gage prediction 
CVLSC00 25-inch fatigue crack in the skin and 

broken frame F4 and shear clip 
Residual strength prediction of test 
panel CVP-1 

CVLSC05 25-inch fatigue crack in the skin 0.050-
inch MSD in the fastener holes, and broken 
center frame and shear clip 

Residual strength prediction of test 
panel CVP-2 

CVCSB 7-inch saw cut in the skin Reference panel 
CVCST 7-inch saw cut in the skin Test panel gage prediction 
CVCSC00 19-inch fatigue lead crack in the skin and 

broken L4 longeron fitting and intercostals 
Residual strength prediction of CVP-3 
for the first residual test; 21.54 inches 
for the second and 23.68 inches for 
the third residual strength test 

CVCSC05 19-inch fatigue crack in the skin and 
broken L4 longeron fitting and intercostal, 
0.050-inch MSD cracks in the fastener 
hole ahead of the lead crack 

Residual strength prediction of CVP-4
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9.10.4.3  Boundary Conditions for Baseline Model. 

As shown in figure 9-39, the two longitudinal edges of the model were free to expand in the 
radial and the axial directions and fixed in the tangential direction.  The left circumferential edge 
was fixed in the axial direction, while the right edge was free to expand in that direction.  A 
MPC equation was applied to the nodes on the right edge, simulating uniform displacement in 
the axial direction.  All boundary nodes were constrained in the three rotational directions, 
simulating mirror image symmetry along all the boundary lines. 
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FIGURE 9-39.  TYPICAL BOUNDARY CONSTRAINTS FOR SIMULATED FULL-BARREL 
MODEL FOR LONGITUDINAL AND CIRCUMFERENTIAL SPLICE PANELS 

 
9.10.4.4  Boundary Conditions for Test Panel Model. 

The FASTER loading systems are designed to maintain continuous equilibrium during the test, 
i.e., equal and opposite longitudinal loads are always applied simultaneously on the opposite 
sides of the panel, and the internal pressure is balanced by the hoop load applied to the skin and 
the frames.  However, in reality, this perfectly balanced condition proved hard to achieve.  To 
balance the loading and prevent the panel from excessive motion, it was constrained in the radial 
direction by a group of linkages (figure 9-40).  One end of each linkage was connected to a 
frame end, and the other was connected to a hard point on the test fixture so that the centerline of 
the linkage pointed toward the center of the panel.  This design allowed the panel to pivot about 
the center and be free to expand tangentially, the same way a fuselage cylinder does in reality.  
Accordingly, the finite element model was constrained in the radial direction, T1, at the ends of 
the frames, as shown in figure 9-40.  To prevent singularity in the stiffness matrix, two additional 
points at the crown of the panel were constrained in the tangential direction, T2, and one more 
point at the end of a frame was constrained in the longitudinal direction, T3.  Under balanced 
loading conditions, the reactions at these points were negligible. 
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FIGURE 9-40.  BOUNDARY CONDITIONS FOR THE TEST PANEL MODEL FOR 
LONGITUDINAL AND CIRCUMFERENTIAL SPLICE PANELS 

 
9.10.4.5  Applied Loads and Constraints. 

The applied loads for various finite element models are discussed in the following sections.  

9.10.4.5.1  CVLSB. 
 
For the baseline models with longitudinal splice joints, a pressure load of 10 psi was applied to 
the inner surface of the skin, and a longitudinal load equivalent to pR/2, or 330 pounds per inch, 
was uniformly distributed along the right circumferential edge, as shown in figure 9-39.  
 
Two longitudinal edges were constrained in the T2, R1, R2, and R3 directions to simulate the 
full-barrel boundary conditions.  The left circumferential edge was constrained in the T3, R1, R2, 
and R3 directions.  The right circumferential edge was constrained in the R3, R4, and R5 
directions. 
 
9.10.4.5.2  CVLST. 
 
For the test panel models, the panels were constrained as shown in figure 9-41, and a pressure 
load of 10 psi was applied to the inner surface of the area enclosed by the seal.  The pressure was 
balanced by hoop loads applied to the skin and the frame.  The skin loads were evenly distributed 
to 28 load application points at 4″ apart, and the frame loads are evenly distributed to six frames.  
The total hoop loads were adjusted slightly to 75,504 lbs to balance the applied pressure in the 
finite element model.  The applied loads are calculated as follows: 

 The frame load = 16.8% × 75,504 lbs/6 = 2114 lbs 
 
The rest of the hoop load was evenly distributed to 28 load application points on the skin, such 
that: 
 
 The skin load per load point = (1-16.8%) × 75,504 lbs/28 = 2244 lbs 
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Total Longitudinal Load = 0.50 × (applied pressure) × (panel radius) (width of panel) 
 
where 
 

Applied pressure = 10 psi  
 Panel radius = 66″ 
 Width of panel = 56″ 

1T238166

 
Therefore, the total longitudinal load = 0.50 × 10 psi × 66″ × 56″ = 18,480 lbs.  
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FIGURE 9-41.  TEST LOAD APPLICATION POINTS FOR CVLSC00 AND CVLSC05 
 
The longitudinal loads are applied via 16 load application points 
 
 18,480/16 = 1155 lbs each 
 
The applied loads for finite element model CVLST under 10-psi cabin pressure are summarized 
in table 9-11. 
 

TABLE 9-11.  APPLIED LOADS FOR FINITE ELEMENT MODEL CVLST 

Location 

Applied Load per 
Load Application 

Point (lb) 
No. of Load 

Application Points 
Total Load 

(lb) 
Pressure   10 psi 
Longitudinal loads 1155 16 18,480 
Skin load 2244 28 62,819 
Frame load 2114 6 12,685 
Frame + skin (NA) (NA) 75,504 

 
The ends of the frames were constrained in the T1 (radial) direction with a total of 12 locations.  
To prevent rigid-body motion of the model, three additional constraints were applied:  one point 
each at the crown of the left and right circumferential edges were constrained in the T2 direction 
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to prevent lateral movement, and one point on the left circumferential edge was constrained in 
the T3 direction to prevent longitudinal movement.  
 
9.10.4.5.3  CVLSC00 and CVLSC05. 

The loading for the STAGS model was the same as that for CVLST, except that the STAGS 
models consisted of only three frame bays.  The longitudinal loads were the same as in 
table 9-11.  To get a symmetric model, the length was approximately 42 percent of the panel 
resulting in a calculated load in the hoop direction of 31,578 lbs to balance the applied pressure 
of 10 psi.  The frame at the plane of symmetry carries only one-half of the load carried by the 
other two frames, therefore: 

 two of the frames carry load  = 16.8% × 31,578 lbs/2.5  = 2122 lbs 

 the frame at the plane of symmetry carries load = 2122 lbs/2 = 1061 lbs 
 
The rest of the hoop loads was evenly distributed to 12 load application points on the skin, such 
that: 

 the skin load per load application point = (1-16.8%) × 31578 lbs/12 = 2189 lbs 
 
The applied loads for the half STAGS model are summarized in table 9-12.  
 

TABLE 9-12.  APPLIED LOADS FOR FINITE ELEMENT MODELS CVLSC00 
AND CVLSC05 

Location 
Applied Load per Load 
Application Point (lb) 

No. of Load 
Application Points 

Total Load 
(lb) 

Pressure   10 psi 
Longitudinal loads 1155 16 18,480 
Skin load 2189 12 26,268 
Frame load 2122 2 4,244 
Frame load at 
symmetrical plane  

1061 1 1,061 

Total frame and skin (NA) (NA) 31,578* 

*Totals may not add up due to roundoff. 
 
Symmetry boundary conditions were applied to the center plane of the half model.  As shown in 
figure 9-41, the symmetry plane was constrained in the T3, R1, R2, and R3 directions.  The 
lower ends of the hoop load whiffletrees were constrained in all 6 degrees of freedom to prevent 
rigid-body motion. 
 
9.10.4.5.4  CVCSB. 

For the baseline panels with a circumferential splice joint, a pressure load of 10 psi was applied 
to the inner surface of the skin; simultaneously, a longitudinal load equivalent to 15.8 ksi, or 995 
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pounds per inch, was applied to the right edge, as shown in figure 9-39.  The length of the right 
edge was 56 inches, resulting in a total longitudinal load of approximately 55,760 lbs.  The 
constraints were identical to that in CVLSB. 

9.10.4.5.5  CVCST. 

For the test panel model CVCST, the hoop, frame, and skin loads are the same as those in model 
CVLST shown in table 9-11.  The longitudinal loads are the same as model CVCSB.  The 
applied loads are summarized in table 9-13.  
 

TABLE 9-13.  APPLIED LOADS FOR FINITE ELEMENT MODEL CVCST 

Location 

Applied Load per 
Load Application 

Point (lb) 
No. of Load 

Application Points
Total Load 

(lb) 
Pressure   10 psi 
Longitudinal loads 3,485 16 55,760 
Skin load 2,244 28 62,819 
Frame load 2,114 6 12,683 
Frame + skin — — 75,504* 
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*Totals may not add up due to roundoff. 

 
9.10.4.5.6  CVCSC00 and CVCSC05. 
 
The loads for the STAGS models with circumferential splice joint are shown in figure 9-42.  The 
loading for the STAGS model was the same as for model CVCST, except that the STAGS model 
consisted of longerons L4 through L7 only.  Therefore, the applied loads were modified 
accordingly and are summarized in table 9-14. 
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FIGURE 9-42.  TEST LOAD APPLICATION POINTS FOR CVCSC00 AND CVCSC05 

 9-43



TABLE 9-14.  APPLIED LOADS FOR FINITE ELEMENT MODELS CVCS00 AND CVCS05 
 

Location 

Applied Load per 
Load Application 

Point (lb) 
No. of Load 

Application Points
Total Load 

(lb) 
Pressure — — 10 psi 
Longitudinal loads 3483 8 27,860 
Skin load 2244 28 62,819 
Frame load 2114 6 12,685 
Total frame and skin — — 75,504 

 
*Totals may not add up due to roundoff. 

 
As shown in figure 9-42, the symmetry plane was constrained in the T2, R1, R2, and R3 
directions.  The lower ends of the hoop load whiffletrees were constrained in all 6 degrees of 
freedom to prevent rigid-body motion. 
 
9.10.5  Finite Element Analysis Results and Strain Survey Comparison. 

The deformed shape of the test panel model with longitudinal splice joint (CVLST) under an 
applied load of 10-psi internal pressure is shown in figure 9-43.  The predominant stress in the 
skin was in the hoop direction.  The predicted maximum principal stress distributions on the 
inner and outer skin surfaces are shown in figures 9-44 and 9-45.  Stress distributions for other 
components are shown in figures H-3 through H-22, appendix H.  Strain survey predictions were 
performed using a NASTRAN nonlinear solution for the CVP-1 test panel model (CVLST) and 
the simulated full-barrel model (CVLSB).  There are minor differences in the predicted strains 
because of applied boundary conditions.  In the analysis, the cabin pressure was applied from 0 
to 10 psi at 1-psi intervals.  The complete strain gage predictions are shown in figures H-23 
through H-132, appendix H.  The measured strain gage data, using water as the pressurization 
medium, are plotted for comparison.  The measured strains were modified to remove the initial 
offsets at zero pressure.  One strain gage each from a skin, frame, and longeron is plotted in 
figures 9-46 through 9-48.  The outer frame gages on the frame caps that were closest to the skin 
exhibited good correlation between the predicted and measured data.  The measured strains in 
the longerons were generally smaller than predicted, approximately 300 µε lower.  The strains of 
the skin in the hoop direction compared fairly well with the test results.  The differences between 
measured and predicted strains were less than 5 percent. 
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FIGURE 9-43.  DEFORMED SHAPE OF CVP-1 UNDER 10-psi INTERNAL PRESSURE 
(20X deformation) 
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FIGURE 9-44.  STRESS DISTRIBUTION OF SKIN INNER SURFACE, MAXIMUM 
PRINCIPAL STRESS (10-psi internal pressure) 

 

 
 

FIGURE 9-45.  STRESS DISTRIBUTION OF SKIN OUTER SURFACE, MAXIMUM 
PRINCIPAL STRESS (10-psi internal pressure) 
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FIGURE 9-46.  STRAIN CVP-1—GAGE COMPARISON OF EXPERIMENTAL VERSUS 
PREDICTION, GAGE NO. 29 

 
 

 
 

FIGURE 9-47.  STRAIN CVP-1—GAGE COMPARISON OF EXPERIMENTAL VERSUS 
PREDICTION, GAGE NO. 4 
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FIGURE 9-48.  STRAIN CVP-1—GAGE COMPARISON OF EXPERIMENTAL VERSUS 
PREDICTION, GAGE NO. 22 

 
Similarly, the deformed shape of the test panel with a circumferential splice joint (CVCST) 
under 10-psi internal pressure and a 15.8-ksi longitudinal stress is shown in figure 9-49.  The 
predominate skin stress for the CVP-3 panel was in the longitudinal direction.  The predicted 
longitudinal stress distributions on the inner and outer skin surfaces are shown in figures 9-50 
and 9-51.  Stress distributions for other components are shown in figures H-23 through H-132, 
appendix H.  Typical strain survey results for the CVP-3 test panel are shown in figures 9-52 
through 9-54, and the complete strain survey is shown in appendix H.  Strain predictions were 
performed on the test model (CVCST) and the baseline model (CVCSB) using NASTRAN 
geometrically nonlinear solutions.  All longeron gages correlated reasonably well with the 
predictions.  For the skin gages, all strain predictions in the longitudinal direction also correlated 
very well.  Most gages in the circumferential and diagonal directions correlated well, except for 
the gages that were located very close to the crack tips. 
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FIGURE 9-49.  DEFORMED SHAPE OF CVP-3 UNDER 10-psi INTERNAL PRESSURE 
AND 15.8-ksi LONGITUDINAL LOAD (20X deformation) 
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FIGURE 9-50.  CVP-3 SKIN LONGITUDINAL STRESS AT INNER SURFACE UNDER 
10-psi INTERNAL PRESSURE AND 15.8-ksi LONGITUDINAL LOAD 
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FIGURE 9-51.  CVP-3 SKIN LONGITUDINAL STRESS AT OUTER SURFACE UNDER 
10-psi INTERNAL PRESSURE AND 15.8-ksi LONGITUDINAL LOAD 
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FIGURE 9-52.  STRAIN CVP-3—GAGE COMPARISON OF EXPERIMENTAL VERSUS 
PREDICTION, GAGE NO. 32 DIAGONAL 

 
 

 
 

FIGURE 9-53.  STRAIN CVP-3—GAGE COMPARISON OF EXPERIMENTAL VERSUS 
PREDICTION, GAGE NO. 6 
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FIGURE 9-54.  STRAIN CVP-3—GAGE COMPARISON OF EXPERIMENTAL VERSUS 
PREDICTION, GAGE NO. 12 

 
9.10.6  Stress-Intensity Solution. 

The SIFs of both the lead crack and the MSD are required to predict residual strength using the 
PLZ criterion.  The SIFs for the lead crack and all MSD cracks can be easily computed based on 
the strain energy release rate (GI for mode I) given in the STAGS outputs.  For linear elastic 
material, the relation between the SIF, K, and the strain energy release rate, G, can be expressed 
as 

  (9-1) EGK 



=

1/2
I

I t  
where 
 
 KI  = Mode I SIF 
 GI = Mode I energy release rate, per unit thickness 
 E = Young’s Modulus 
 t = Thickness of the skin 
 
To obtain the correct elastic GI, only linear elastic material was used; however, nonlinear 
geometric effects, such as skin bulging, were still included in the analysis.  The SIFs obtained 
from this unit load case will be scaled up linearly for other load levels.  Since the bulging factor  

 9-50



is a nonlinear function of applied pressure, the approach taken here can result in a conservative 
prediction for the residual strength of the fuselage skin.  The geometric correction factors, β, for 
the lead crack and MSD cracks are calculated as  
 

 crack lead for the   
1

1  
πaσ

Kβ =  (9-2) 

 

 cracks MSD for the   
2

2 πaσ
Kβ =  (9-3) 

 
where 
 

K = Mode I SIF, per psi of cabin pressure 
a1 = Half length of the lead crack 
a2 = Half length of the equivalent MSD crack, measured from tip to hole center 
σ = Reference stress in the skin 

 
For longitudinal splice panels, the reference stress is the nominal stress under unit pressure in the 
hoop direction so that 
 

 psi
.

.
t

pRσ 1048
3060
6601 =
′′
′′×==  (9-4) 

 
For a circumferential splice joint, the reference stress is the nominal stress in the longitudinal 
direction under unit pressure so that 
 

 psi
.

psi..
t

pR.σ 1582
3060

6601511511 =
′′

′′××=×=  (9-5) 

 
Where, 1.51 is the ratio between the longitudinal stress, 13.9 ksi, and the nominal hoop stress, 
pR/t, under 8.8 psi of internal pressure.   
 
9.10.7  Residual Stress Prediction Based on PLZ Criteria. 

This section documents the application of the PZL criterion for the curved panels.  Similar to the 
analyses of the flat panels with MSD cracks, five linkup stress equations found in the literature 
are used here for comparison.  The linkup equations are briefly discussed as follows. 

 BF'C
aa

LF'C TYTYLU =







+

=
1/2

2
22

2
11 ββ

σ  (9-6) 
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where 
 

 B = total geometric correction factor 
1/2

2
22

2
11









+

=
ββ aa

LB  

 FTY = material yield strength  

 a1 and a2 = half crack length of the lead crack and MSD crack, respectively 

 β1 and β2 = geometric correction factors for the lead crack and MSD cracks, 
including crack interaction, bulging and stiffener effects 

 L = Ligament between crack tips 

  = the transitional coefficient 'C
 
For comparison, the material collapse stress, Fcol, in Broek’s equation was replaced with the 
material yield stress, FTY, and the transitional coefficients were also modified to reflect that 
change.  The transitional coefficients are listed as follows 
 
 2850 ×= .'C  for Broek’s modified equation (9-7) 
 

 














+
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190500  for Broek’s modified equation (9-8) 
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   e.'C L
a.  570831 −−= for Ingram’s equation (9-11) 

The linkup stresses were converted into cabin pressure using the nominal skin stress 
perpendicular to the crack surface as follows 

 
ref

LU

ref

Linkup

P
P

σ
σ=  (9-12) 
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where 

σref =  1048 psi per unit cabin pressure for the longitudinal splice panels 
σref =  1582 psi per unit cabin pressure for circumferential splice panel 
Pref  =  1.0 psi  

 
The nominal skin reference stresses were discussed in section 9.10.6.  For the complex, stiffened 
curved panel, the failure of the panel can be initiated from several sources:  skin, stiffener, or 
fasteners.  A failure in any one of these components may result in failure in another component 
instantaneously.  This could lead to a total system failure in the panel.  The process of the failure 
in a stiffened panel is illustrated in figure 9-55.  Without considering the MSD cracks, the skin 
fracture-allowable stress can be calculated using Kc criterion, shown as lines with open circles.  
For a lead crack, at point a, fast fracture occurs when the stress reaches a level indicated as 
point m.  The crack will propagate and can be arrested by the adjacent frame if the strength of the 
frame is high enough, or it can result in a failure in the frame, shown as point n in figure 9-55.  In 
the case of a panel with MSD cracks, the failure process is quite different.  The linkup stress is 
shown as a group of semiparallel curves, the solid lines in figure 9-55, each starting from the 
right side of the corresponding fastener hole.  For the same initial lead crack, at point a, the crack 
will propagate when the stress reaches a level indicated as point b.  The crack will be arrested by 
the adjacent fastener hole at point c, and a higher stress can be applied to point d.  Fast fracture 
will occur again at this point, and it will not be arrested by the next two fastener holes until it 
reaches the fastener hole, indicated as point e.  Higher stress can still be applied from point e to 
point f.  Again, fast fracture occurs at this level, but this time it will not be arrested by the next 
fastener hole, indicated as point g; instead, the failure of the frame occurs at point k before it 
reaches point g.  The failure of the frame and skin, simultaneously, results in total failure of the 
panel.  As illustrated, the residual strength of the curved panel can be reduced significantly when 
MSD cracks are present.   
 

 
 

FIGURE 9-55.  SCHEMATIC DIAGRAM OF RESIDUAL STRENGTH FOR 
STIFFENED PANEL WITH MSD 
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The linkup stresses were computed for all four curved panels.  For the panels without MSD, the 
linkup stress is calculated by ignoring the plastic zone at the edge of the fastener hole.  The skin 
allowable stress (which assumes Kc = 150 ksi*in.1/2 to represent an OEM-imposed design 
constraint that might be used to show compliance with regulatory requirements and to account 
for joining, robustness, and future repairability).  The frame-allowable stress and the linkup-
allowable stress for CVP-1, calculated using Broek’s equation, are plotted in figure 9-56.  The 
predicted linkup stresses for other panels using various PZL criteria are shown in figures H-133 
through H-151, appendix H.  The frame allowables are derived using the STAGS model 
discussed in section 9.10.8.  The predicted residual strengths, in terms of applied pressure (psi), 
are summarized in table 9-15.  

 

 
 

FIGURE 9-56.  RESIDUAL STRENGTH BASED ON ORIGINAL BROEK’S PLASTIC 
ZONE LINKUP, CVP-1 

 
TABLE 9-15.  SUMMARY OF RESIDUAL STRENGTH PREDICTION USING 

PZL CRITERIA 

Residual Strength (psi) 
Fracture Criterion CVP-1 CVP-2 CVP-3 CVP-4 

Test results 11.14 9.16 17.85* 20.04 
Kc = 150 ksi*in ½ 12.09 11.38 31.10 30.97 
Broek’s (orig) 6.09 5.83 18.49 17.05 
Broek’s (mod) 6.91 6.63 20.67 19.11 
WSU2 4.88 4.76 16.47 15.49 
WSU3 7.09 6.91 19.94 18.62 
Ingram 7.45 7.28 20.53 19.25 
 
*Maximum applied pressure during third residual strength test with possibly three broken longeron 

fittings. 
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There is weak correlation with CVP-1 and CVP-2, likely due to the effects of skin bulging that 
are not accounted for in this approach.  However, this approach did produce significant 
correlation with the circumferential panels (CVP-3 and CVP-4) where the nonlinear effects of 
skin bulging were not an issue. 
 
9.10.8  STAGS and CTOA Models and Analysis Results for CVP-1 and CVP-2. 

The STAGS models CVLSC00 and CVLSC05, discussed in section 9.10.4, were used for stable-
tearing analyses of CVP-1 and CVP-2, respectively.  As shown in figure 9-57, the lead crack was 
symmetrical about F4 (frame no. 4).  The fasteners on either side of F4 were sequentially 
numbered, starting from 1.  The fastener at the center of the crack is referred to as fastener no. 0.  
The pitch of the fasteners in the crack path is 1.5 inches.  For both tests, the initial half crack 
length for the lead crack was approximately 12.5 inches, i.e., long enough to be just coming out 
of the eighth fastener hole from the centerline at F4.  The test results for CVP-1 indicated that 
there was a small amount stable tearing at the beginning of testing, followed by rapid fracture 
running through four fastener holes.  The crack was arrested by F5 at a point between the 12th 
and 13th fastener holes.  Rapid fracture occurred again when the crack tip passed the 13th hole 
under a slightly higher load.  To simulate the full range of stable tearing, fine mesh elements 
were used between the 7th and 20th fastener holes.  As in the analyses for the type 1 flat MSD 
panels, the material properties and critical CTOA of Al 2024-T3 in the T-L direction were input 
into the model.  The angles for the crack initiation, saw cut simulation, and propagation are listed 
in table 9-16. 
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FIGURE 9-57.  FINE MESHES NEAR THE CRACK PATH FOR CVLSC00 AND CVLSC05 
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TABLE 9-16.  CRITICAL CTOA FOR STABLE-TEARING ANALYSIS, CVP-1 AND CVP-2 

Crack Tip Condition Critical CTOA Remarks 
Crack propagation 5.00°  
MSD saw cut tips 8.00° For CVP-2 only 
Fastener hole  
(crack initiation) 

12.00° For CVP-1 only 

 
The stable tearing of the skin versus applied load was obtained directly from the STAGS outputs.  
The curves for the crack tearing in the skin are shown as solid lines with open circles in 
figures 9-58 and 9-59 for CVP-1 and CVP-2, respectively.  STAGS predicted that a rapid 
fracture would occur when the crack reached a length of 14.5 inches (the10th fastener hole from 
the centerline), and the crack could be arrested by the adjacent frames at 19.5 inches (the 13th 
fastener hole).  The predicted crack tearing compared very well with the test results up to the 
14th fastener hole.  After the 14th hole, STAGS predicted that the skin was capable of carrying 
higher loads once the crack passed the adjacent frame.  This prediction was based on the 
assumption that the adjacent frames could remain intact throughout the analyses.  In other words, 
a portion of the frame can experience gross yielding but still maintain a certain load-carrying 
capability.  A separate analysis must be performed to determine the interaction between the skin 
and the frame and to check the allowable of the frame.  It was found from the analyses, and also 
confirmed by testing, that the highest stress in the frame is located at the point where it connects 
to the longeron, as shown in figure 9-60.  It was assumed that the frame would fail when the 
average stress at the frame cap, in the shaded area in View A of figure 9-60, reached the material 
allowable.  Two quad elements, representing the critical frame cap as shown in figure 9-61, were 
selected for frame-allowable load assessment.  The frame-allowable was computed using the 
following equation  
 

 









=

avg

TU
applyallow

FPP
σ

 (9-13) 

where 
 

Pallow =  the allowable load for the frame cap, in terms of cabin pressure (psi) 
Papply =  the applied load in STAGS analysis, in terms of cabin pressure (psi) 
FTU =  the material allowable  
FTU  =  79 ksi for the frame of CVP-1 and CVP-2 
FTU  =  74 ksi for the longeron splice fitting of CVP-3 and CVP-4  
σavg =  the average stress of the elements at the frame cap 

The stresses for the frame cap elements can be recovered from the STAGS binary output file, 
i.e., the file with the .res extension.  The STAGS postprocessor program pitrans was used to print 
out stresses for selected elements.  The code was provided by NASA for retrieving analysis 
results from the binary outputs.  The average stress in the direction parallel to the frame was 
calculated by averaging the stress at the upper and lower surfaces.  The frame-allowable curves 
are shown as solid lines in figures 9-58 and 9-59.  The intersecting point of the skin-tearing and 
frame-allowable curves is the point (load level) that the stiffener and skin could fail 
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simultaneously.  The failure would eventually result in complete failure of the whole panel.  
Using this approach, the predicted residual strength correlated very well with the experimental 
results.  The predicted and measured maximum cabin pressures are listed in table 9-17.   
 

 
 

FIGURE 9-58.  COMPARISON OF PREDICTED AND EXPERIMENTAL 
RESULTS FOR CVP-1 

 
 

 
 

FIGURE 9-59.  COMPARISON OF PREDICTED AND EXPERIMENTAL 
RESULTS FOR CVP-2 
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FIGURE 9-60.  STRUCTURAL DETAILS OF FRAME-LONGERON JOINT 
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FIGURE 9-61.  CRITICAL ELEMENTS AT THE FRAME-LONGERON JOINT 
 
 

TABLE 9-17.  COMPARISON OF MEASURED AND PREDICTED RESIDUAL STRENGTH 
FOR CVP-1 AND CVP-2 

Max pressure, (psi) Test Panel  
ID Predicted Experimental 

Differential (psi) 
(Predicted-Experimental) 

Differential 
Experimental 

CVP-1 11.35 11.14 +0.20 psi +2% 
CVP-2 8.97 9.16 -0.19 psi -2% 
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Additional analyses were performed to determine the effects of element size and of the number 
of elements used for calculating average stress in the frame cap.  As shown in figure 9-62, the 
mesh was refined for the elements highlighted; i.e., each of these elements was subdivided into 
four.  The residual strength prediction based on this locally refined model is listed in tables 9-18 
and 9-19 for reference.  The predicted panel strength was found to vary from -16 to +5 percent, 
as compared to the experimental results.  All predictions were within acceptable analytical 
tolerances.  Using a stress based on an average from four small elements gave the most 
conservative prediction, due to the stress concentration at the nodal point where the fastener 
attaches.  Basing the prediction on a stress averaged from eight small elements also gave 
reasonable predictions within 6 percent of error.  Because of the greater accuracy, the approach 
used for the CVP-3 and CVP-4 analysis was to take the average stress of two elements. 
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FIGURE 9-62.  REFINED MESHES AT THE FRAME CAP FOR FAILURE 
LOAD ASSESSMENT 

 
 

TABLE 9-18.  RESIDUAL STRENGTH PREDICTION FOR CVP-1 
(Test panel failed at 11.14 psi) 

 
Number of 
Elements 

Element Size 
(in.) 

Failure Pressure
(psi) 

Half Crack 
Length (in.) 

Predicted vs 
Test 

2 (baseline) 0.80 × 0.80 11.35 19.86 +2% 
8 0.40 × 0.40 10.62 19.83 -5% 
4 0.40 × 0.40 9.35 19.54 -16% 
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TABLE 9-19.  RESIDUAL STRENGTH PREDICTION FOR CVP-2 
(Test panel failed at 9.16 psi) 

 
Number of 
Elements 

Element Size  
(in.) 

Failure Pressure
(psi) 

Half Crack 
Length, (in.) 

Predicted vs 
Test 

2 (baseline) 0.80 × 0.80 8.97 21.00 -2% 
8 0.40 × 0.40 9.58 20.35 +5% 
4 0.40 × 0.40 8.36 20.02 -9% 

 
9.10.8.1  STAGS and CTOA Models and Analysis Results for CVP-3 and CVP-4. 

Similar to the analyses for the longitudinal splice joints, the STAGS models CVCSC00 and 
CVCSC05, discussed in section 9.10.4, were used for stable-tearing analyses of CVP-3 and 
CVP-4, respectively.  As shown in figure 9-63, the lead crack is symmetrical about L4.  The 
fasteners on either side of L4 were sequentially assigned an ID number, starting from 1.  The 
fastener at the center of the crack is referred as fastener no. 0.  The pitch of the fasteners in the 
crack path is also 1.50 inches.  As with the type 4 flat MSD panels, the material properties and 
critical CTOA used were those for Al 2024-T3 loaded in the L-T direction. 
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FIGURE 9-63.  FINE MESH NEAR THE PATH FOR CVCS00 AND CVCSC05 
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The CTOA used for crack initiation, saw cut simulation, and propagation are listed in table 9-20. 
 
TABLE 9-20.  CRITICAL CTOA FOR STABLE-TEARING ANALYSIS—CVP-3 AND CVP-4 

 
Crack Tip Condition Critical CTOA Remarks 

Crack propagation 5.25°  
MSD saw cut tips 8.00° For CVP-4 only 
Fastener hole (crack initiation) 12.00° For CVP-3 only 

 
The critical CTOA of 5.25 degrees was used for the circumferential splice joints with the crack 
running in the L-T direction.  This CTOA was slightly larger than that used in panels with a 
longitudinal splice joint, in which the crack was oriented in the TL direction.  The finite elements 
along the crack path between the 4th and the 14th fastener holes were refined to a size of about 
0.04375 inch.  The initial half length of the lead crack was about 9.50 inches for both test panels; 
the crack tips just emerged out from the edge of the 6th hole.  As discussed in section 9.9.3, the 
CVP-3 panel was tested three times.  The lead crack length was different in each case since the 
crack propagated during testing.  To emulate the test results, the analyses were performed based 
on the damage scenarios in table 9-21.  
 

TABLE 9-21.  DAMAGE SCENARIOS FOR CVP-3 ANALYSIS 
 

Run Number 
Lead Crack Length 

(in.) 
Broken Longeron With 

Broken Intercostal 

1 9.25 One longeron 

2 11.0 One longeron 

3 12.5 Three longerons 
 
The predicted tearing of the skin, the predicted longeron splice-fitting allowable, and the 
measured skin tearing are plotted in figures 9-64 and 9-65 for CVP-3 and CVP-4, respectively.  
The allowables for the longeron splice fittings were calculated using the same methods used for 
the longitudinal splice panels.  The elements in the critical areas of longerons L5 and L6 were 
refined and are shown in figure 9-66.  The allowable for L6 was used to evaluate the residual 
strength of the third CVP-3 test; the L5 allowable was used to evaluate the residual strength of 
CVP-4.  The predicted maximum residual strengths in terms of cabin pressure are listed in 
table 9-22. 
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FIGURE 9-64.  COMPARISON OF PREDICTED AND EXPERIMENTAL 
RESULTS FOR CVP-3 
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FIGURE 9-66.  CRITICAL ELEMENTS FOR LONGERON SPLICE-FITTING ALLOWABLE 
 
 

TABLE 9-22.  COMPARISON OF MEASURED AND PREDICTED RESIDUAL STRENGTH 
FOR CVP-3 AND CVP-4 

 9-64

Panel ID 
Predicted 

(psi) 
Experimental 

(psi) 
Differential 

(psi) 
Differential/ 
Experimental 

CVP-3 Run 3 18.10 17.9 +0.25 +1.4% 
CVP-4  19.39 20.75 -0.86 -6.6% 



9.11  CONCLUSIONS.  

1. Better panel design practice is necessary to avoid the premature failures that occurred 
during residual strength testing:  cracks in the key holes of the longitudinal edge doubler 
slots, bearing failures at the panel load attachment holes, and delamination of edge 
doublers.  Eliminating the edge doubler slots, adding bushings to the attachment holes, 
and using rivet attachments instead of bonding the edge doublers can solve these 
problems.  

2. The effects of MSD on the residual strength of a splice joint with a large lead crack could 
be evaluated by comparing two test panels with the same length lead crack, one with 
MSD and one without.  The testing of panels CVP-3 and CVP-4 were set up for this 
purpose.  However, the premature failures in CVP-3 meant that the final residual strength 
test for that panel was conducted with a crack length substantially longer than that in 
panel CVP-4.  No direct comparison of the residual strengths of the two panels could be 
made, since the lead crack lengths differed, and therefore, the effect of MSD could not be 
determined.  

3. The residual strength prediction for a curved panel with MSD cracks under biaxial 
loading was assessed using the simple engineering approach of PZL criteria.  The PZL 
criterion, which correlated very well for the flat panels, underpredicted the residual 
strength of the longitudinal lap splice panels by a wide margin.  One possible discrepancy 
is that the stress-intensity correction factors used in the calculations were derived from a 
model under one psi of applied pressure.  This approach did not account for the 
nonlinearity of the skin bulging under pressure loading.  This approach did produce 
significant correlation with the circumferential panels where bulging was not an issue. 

4. The residual strength prediction using CTOA/STAGS method correlated well with the 
experimental results.  The residual strength of the stiffened panels was often governed by 
the strength of the adjacent stiffeners, in which stress increases as the lead crack 
approaches.  Because STAGS lacks an integrated stiffener failure criterion (a feature not 
currently available in any code), a separate analysis needs to be performed to determine 
the stiffener-allowable strength.  The predicted strength of the stiffeners can be very 
sensitive to modeling techniques, element mesh sizes, and the analyst’s interpretation of 
the stress state in the critical area. 

5. With an input CTOA of 12 degrees for the fastener holes without MSD cracks, the same 
as was used in the flat panel analyses, STAGS was able to predict the failure load for 
CVP-1 and CVP-3 with acceptable accuracy.  Substantial computing resources were 
required to perform the curved panel analyses because of the large number of elements in 
each half model. 
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10.  AFT PRESSURE BULKHEAD. 

10.1  INTRODUCTION. 

The test results and analytical predictions of residual strength for a DC-9 aft pressure bulkhead 
with a lead crack and equal length MSD cracks are discussed in this section.  A 10.5-inch lead 
crack and a series of 0.050-inch MSD cracks were installed on one side of the bulkhead web 
along the splice joint where it joins to the fuselage shell.  The test specimen was pressurized 
incrementally until failure occurred in the bulkhead web.  The residual strength test was 
successfully conducted, and the prediction using STAGS/CTOA criteria correlated with the 
experimental results.  This specimen was the most complex structure tested under the WFD 
program.  

The purpose of this test program was to validate the analytical tools for residual strength 
prediction of a full-scale aircraft structure.  The simulated damage introduced in the bulkhead 
was that of a lead crack with equal length MSD cracks ahead of either crack tip.  This damage 
scenario does not represent any actual problem found in service.  Therefore, the test result should 
not be construed as the structure allowable for any particular aircraft type.  

Under the WFD contract, Boeing supplied a modified aft fuselage section to AFRL at WPAFB.  
AFRL was responsible for all aspects of the test program, including design and fabrication of the 
test fixture, test setup, strain gage installation and instrumentation, as well as conducting the test.  
The test report will be published by AFRL.  

10.2  OBJECTIVES. 

The main objectives were 

• to expand the study of MSD effects on residual strength from curved panels to a more 
complicated aircraft structure.   

• to validate the analytical tools, STAGS/CTOA, in terms of cabin pressure allowable and 
failure mode of aft pressure bulkhead containing a large lead crack with equal-sized MSD 
cracks.  

10.3  DESCRIPTION OF TEST ARTICLE. 

The test specimen was acquired from a salvaged DC-9-30 aft fuselage section with 57,757 
landings and 60,583 hours of flight time.  The airplane was originally identified as Fuselage 
Number 48 (Series Number 45733) of the DC-9 fleet.  The aft fuselage section was reworked per 
Boeing drawing ZA151635 to an overall length of approximate 120 inches.  The vertical tail and 
unaffected structure aft of the bulkhead were removed.  The bulkhead is shown in figure 10-1.  
The test specimen contained a nonventral aft pressure bulkhead.  The bulkhead web was made of 
0.04-inch-thick Al 2014-T3.  The rivets at the bulkhead to the fuselage barrel joint, an area 
approximately 50 inches long, were drilled out and reinstalled with new fasteners to allow 
introduction of the lead crack and MSD cracks.  Boeing also installed a flat ring on the forward 
end of the test specimen for connection to the test fixture (see figures 10-2 and 10-3).  The 
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removable emergency exit door was installed on the aft bulkhead, and all small openings were 
permanently covered and sealed for cabin pressurization (see figure 10-4).  The enclosed volume 
of the specimen was approximately 1000 ft3. 
 

 
 

FIGURE 10-1.  TEST ARTICLE, ZA151635-1 

 10-2



 

 
 

FIGURE 10-2.  TEST ARTICLE, FRONT VIEW 
 

 
 

FIGURE 10-3.  TEST ARTICLE, ATTACHMENT ANGLES 
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FIGURE 10-4.  TEST ARTICLE, PERMANENTLY COVERED SMALL OPENINGS 
 
10.4  DAMAGE CONFIGURATION. 

A lead crack and simulated equal length MSD cracks were introduced in the first row of fastener 
holes at the bulkhead web-to-fuselage attachment tee, shown schematically in figures 10-5 and 
10-6.  Each rivet hole was assigned an identification number as shown in figure 10-6.  The lead 
crack was 10.5 inches long, centered on radial stiffener no. 12 on the left-hand side of the 
bulkhead.  The lead crack length was selected based on pretest analysis that showed that the 
resulting allowable pressure would be slightly above the design limit pressure of 8.6 psi.  The 
MSDs were 0.05-inch-long diametric cracks introduced in 15 rivet holes ahead of each end of the 
lead crack (30 holes in all).  The lead crack was started by a saw cut and then sharpened using 
diamond-coated wire.  The MSD cracks were introduced by diamond-coated wire, in the same 
way as those in the MSD flat panel task described in section 8.  The actual length of the MSD 
cracks and the ligaments between them are detailed in table10-1. 
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FIGURE 10-5.  MULTIPLE-SITE DAMAGE LOCATIONS 
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FIGURE 10-6.  LEAD CRACK AND MSD ON BULKHEAD LEFT-HAND SIDE 
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TABLE 10-1.  INITIAL DAMAGE MEASUREMENT 

Hole 
ID 

Crack Length 
Upper 
(in.) 

Crack Length 
Lower 
(in.) 

Uncracked 
Ligament 

(in.) 
22U 0.058 0.055  

   0.55 
21U 0.060 0.055  

   0.64 
20U 0.050 0.065  

   0.45 
19U 0.053 0.050  

   0.46 
18U 0.055 0.060  

   0.46 
17U 0.058 0.055  

   0.47 
16U 0.058 0.062  

   0.45 
15U 0.060 0.062  

   0.35 
14U 0.067 0.060  

   0.46 
13U 0.057 0.053  

   0.48 
12U 0.062 0.048  

   0.47 
11U 0.050 0.050  

   0.42 
10U 0.048 0.048  

   0.46 
9U 0.057 0.060  

   0.44 
8U 0.057 0.052  

   0.44 
7U 0.103 –  

    
6U    

    
5U    

    
4U    
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TABLE 10-1.  INITIAL DAMAGE MEASUREMENT (Continued) 
 

 10-7

Hole 
ID 

Crack Length 
Upper 
(in.) 

Crack Length 
Lower 
(in.) 

Uncracked 
Ligament 

(in.) 
3U    

    
2U    

    
1U    

    
0 Lead crack (saw cut) 
    

1L    
    

2L    
    

3L    
    

4L    
    

5L    
    

6L    
    

7L – 0.100  
   0.39 

8L 0.070 0.057  
   0.46 

9L 0.067 0.065  
   0.47 

10L 0.068 0.065  
   0.41 

11L 0.063 0.070  
   0.41 

12L 0.063 0.062  
   0.41 

13L 0.075 0.068  
   0.47 

14L 0.055 0.075  
   0.48 

15L 0.055 0.063  
   0.49 



TABLE 10-1.  INITIAL DAMAGE MEASUREMENT (Continued) 
 

Hole  
ID 

Crack Length 
Upper 
(in.) 

Crack Length 
Lower 
(in.) 

Uncracked 
Ligament 

(in.) 
16L 0.053 0.058  

   0.50 
17L 0.055 0.065  

   0.45 
18L 0.060 0.060  

   0.47 
19L 0.050 0.060  

   0.49 
20L 0.053 0.060  

   0.41 
21L 0.062 0.053  

   0.44 
22L 0.065 0.060  

    
 
10.5  TEST SETUP. 

1T238021.1

The test setup is shown in figures 10-7 and 10-8.  At AFRL, the test article was mounted to a flat 
bulkhead using attachment angles; the flat bulkhead was then attached to strong back I beams.  
As a safety precaution, the article was surrounded by plywood walls to confine the airflow 
during the rapid decompression at failure.  The test article was pressurized with compressed air 
through an opening in the flat bulkhead.  The air-compression system used was capable of 
maintaining a maximum test pressure of 9.5 psi during the residual strength tests.  Safety relief 
valves were used to prevent overload.  Two video cameras, one for each crack tip, were used to 
monitor the crack propagation (see figure 10-9).  The crack propagation, as well as the strain 
gage readouts, were monitored and recorded (see figure 10-10). 
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FIGURE 10-7.  TEST ARTICLE SETUP 
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FIGURE 10-8.  TEST ARTICLE SETUP, FRONT VIEW 
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FIGURE 10-9.  INSIDE TEST ARTICLE, VIDEO CAMERA 
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FIGURE 10-10.  VIDEO AND STRAIN GAGE READOUT MONITORING SYSTEM 
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10.6  TEST LOADS. 

The maximum static test load for residual strength was set to 9.5 psig (8 percent higher than the 
normal operating pressure for an aircraft of this type). 

10.7  INSTRUMENTATION. 

Twenty-two axial gages and twenty-four rosettes were placed at selected critical locations on the 
dome skin segments and fuselage attachment tee.  Figures 10-11 to 10-16 show the gage 
locations and the gage numbering.  Gages were installed on the right- and left-hand sides of the 
bulkhead so stress distributions of both damaged and undamaged webs could be obtained.  The 
rosettes were used to determine biaxial stress in the web (see figures 10-12 and 10-13).  The 
axial gages were located at the tangential line of the critical rivet row to measure both tensile 
loads and out-of-plane bending (see figures 10-14 and 10-15).  Axial gages 93 and 94 (see figure 
10-16) were located at the root of the bulkhead Y fitting to determine the bending stress at the 
flange during pressurization.  Strain gage data and internal pressure readouts were recorded 
during strain surveys and the residual strength test. 
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FIGURE 10-11.  VIEW OF AFT PRESSURE BULKHEAD 
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FIGURE 10-12.  STRAIN GAGE LOCATIONS ON THE LEFT-HAND SIDE OF BULKHEAD 
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FIGURE 10-13.  STRAIN GAGE LOCATIONS ON THE RIGHT-HAND 

SIDE OF BULKHEAD 
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FIGURE 10-14.  DETAIL LOCATIONS OF THE LEFT-HAND SIDE UPPER GAGES 
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FIGURE 10-15.  DETAIL LOCATIONS OF THE LEFT-HAND SIDE LOWER GAGES 

 10-12



1T238059  
 

FIGURE 10-16.  DETAIL STRAIN GAGE LOCATIONS AT THE BULKHEAD TEE 
 
During the residual strength test, lead crack propagation and stable tearing of the bulkhead web 
were recorded using two 30-frames per second cameras.  One camera was focused on each lead 
crack tip. 
 
Pressure and load transducers were used to control, record, and display the air pressure during 
the test. 
 
10.8  INSPECTION. 

Boeing conducted a thorough inspection of the critical areas prior to the delivery of the test 
article.  The critical areas included bulkhead stiffeners, webs, doorjamb, bulkhead tee, etc.  
Throughout testing, visual inspections of the general area were performed before and after the 
strain survey.  Critical areas and the inspection methods used are listed in appendix I. 
 
10.9  TEST PROCEDURE. 

The test procedures are outlined as follows: 

1. Conduct an initial strain survey up to 7.8 psig.  Record all strain readouts. 
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2. Conduct a residual strength test by applying incremental cabin pressure starting with 0 
psig until the bulkhead fails (the maximum allowable pressure for the test article is 9.5 
psig).  Record all strain readouts. 

 
3. Record by video camera the lead crack propagation and linkup. 
 
4. Conduct an SEM fractographic study. 

 
10.10  TEST RESULTS. 

Fast fracture of the pressure bulkhead web occurred at 9.0 psig.  The studies of strain gage data 
are discussed in section 10.11.1.  The SEM results of the fracture surface are discussed in the 
following sections. 

10.10.1  Macroscopic Examination. 

A bulkhead web section from the test article, approximately 39 inches long, was submitted for 
SEM fractographic evaluation (see figure 10-17).  The submitted section exhibited a saw cut 
through the center of the panel (see figure 10-18).  The saw cut intersected 15 holes, including 
hole 0, holes 1U to 7U, and holes 1L to 7L.  The section was approximately 11 inches long, 
including hole diameters.  The surface of the saw cut was masked by sealant.  Fifteen holes on 
each side of the saw cut were notched.  These notches were 0.05 to 0.07 inch long.  Most of each 
notch was masked by sealant.  Fracture segments intersected each notch, between the holes, and 
joined to form a common crack approximately 39 inches long, including hole diameters and 
length of cut and notches.  Each of the fracture segments occurred along an oblique plane and 
exhibited a dull, coarse-grain texture, typical of overload (see figure 10-19).  No obvious failure 
origins were observed; however, some of the fracture segments exhibited areas of reversing 
oblique planes (see figure 10-20).  These planes were caused by localized regions of plane strain 
and can be used as an indicator of possible directions of crack propagation (see figure 10-20).  
The locations of these regions of reversing planes and the corresponding directions of crack 
propagation are denoted in figures 10-17 and 10-18.  The entire panel was buckled. 
 
10.10.2  Scanning Electronic Microscope Analysis. 

Because of similarities in macroscopic appearance between each of the fracture segments, a 
section, including seven holes from holes 7U to 13U, was excised for SEM analysis.  SEM 
analysis of each of the fracture segments revealed a predominant dimple mode of rupture, typical 
of ductile overload.  Dimple formations along the edges of the fracture were shallow and 
stretched (see figure 10-21).  Dimple formations along the central portion of the fracture were 
more equiaxed (figure 10-21).  The fracture direction could not be ascertained by SEM. 
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FIGURE 10-17.  OVERALL SUBMITTED SECTION OF AFT PRESSURE BULKHEAD 
WEB (Arrows denote areas of reversed planes and possible direction of crack propagation.) 
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FIGURE 10-18.  CLOSE-UP OF SAW CUT REGION AND ADJACENT PORTION OF WEB 
 (Arrows denote areas of reversed planes and possible direction of crack propagation.) 
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FIGURE 10-19.  CLOSE-UP OF STRAIGHT OBLIQUE FRACTURE SEGMENT 
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FIGURE 10-20.  CLOSE-UP OF REVERSED OBLIQUE FRACTURE SEGMENT 
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FIGURE 10-21.  CLOSE-UP OF TYPICAL FRACTURE SURFACE 
 

 10-16



10.10.3  Dimensional Analysis. 

Since this test article was manufactured more than 30 years ago and experienced more than 
60,000 flight hours, it was suspected that its dimensions and properties might have changed over 
time as a result of environmental effects.  The following verification analyses were conducted. 

The paint was stripped from both surfaces of a section of the panel.  The thickness was measured 
as 0.041 inch, which was within the range of 0.039 to 0.045 inch as required by the engineering 
drawing. 

10.10.4  Hardness and Conductivity. 

A small section was excised from the web for hardness and conductivity measurements.  
Hardness values ranged from 85.9 to 86.2 HR15T.  These values were at the high end of the 
acceptable values of 79 to 86 per Douglas Product Standard (DPS) 1.05-3 for 2014-T3 clad 
sheet.  Conductivity measurements produced values of 41.9 to 42.2 percent International 
Annealed Copper Standard (IACS).  These readings were above the specified values of 35.5 to 
37.0 percent IACS per DPS 1.05-3. 

10.10.5  Chemical Analysis. 

Chemical analysis of the web confirmed the base material to be Al 2014-T3, as specified on the 
engineering drawing. 
 
10.11  ANALYSIS OF WFD IN AFT PRESSURE BULKHEAD. 

This section summarizes the residual strength analysis results for a full-scale aircraft structure 
containing MSD in addition to primary damage.  Similar to the curved panel WFD study, the 
FEMs were created for NASTRAN using PATRAN.  The NASTRAN model was used for model 
checkout and strain prediction for the strain survey.  Once the model was fully validated, it was 
then transformed into STAGS format, and the MSD cracks were introduced in the fastener holes 
along the projected path of the lead crack.  Because of the double curvature in the dome 
geometry and the degree of complexity in the structure details, residual strength analysis was 
performed using STAGS code only.  The critical CTOA for the subject material was derived 
using fracture test results from a published handbook [58].  The predicted residual strength was 
consistent with the experimental results. 
 
10.11.1  Finite Element Modeling. 

An FEM was created for the aft section of a narrow-body fuselage barrel.  The model included 
the fuselage barrel, passenger floor, underfloor struts, pylon bulkhead, and aft pressure bulkhead 
(see figure 10-22).  To take advantage of the symmetry of the structure, only the left-hand side of 
the test article was modeled and mirror image boundary conditions were applied to the symmetry 
plane.  As shown in figure 10-23, the overall size of the model was about 82 inches long by 139 
inches tall and included 2 1/2 frame bays (59 inches) forward of the pressure bulkhead.  Beam 
type elements were used to model the longerons, frames, and local reinforcements, such as radial 
stiffeners and doorjamb, in the pressure dome (see figure 10-24).  Quadrilateral shell elements 
were used to model the fuselage skin, dome web, floor, and pylon bulkhead (see figure 10-25).  
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Detailed FEMs were used to simulate the joint between the pressure web and the T-ring between 
longeron nos. 11 and 16.  Bar elements with specified shear stiffnesses were used to represent the 
fasteners in the joint.  The shear stiffness of the fasteners was calculated based on the fastener 
stiffness equation derived by Swift and discussed in section 3.7 [42].  A side view of the FEM of 
the joint is shown in figure 10-26.  The forward end of the model was fixed in degrees of 
freedom 1 through 6 to simulate the rigid connection between the test article and the test fixture.  
A unit load of 10-psi internal pressure was applied to the pressure boundaries of the model.  The 
model consists of approximate 12,900 nodes and 14,700 elements.  Ninety-four strain gages were 
used to monitor the strain of the test specimen during pressure loading.  The comparisons of the 
predicted and measured strains at the first strain gages in the path of the lead crack are shown in 
figures 10-27 and 10-28 for gage nos. 1 and 11, respectively.  The predicted strain compared 
very well with the experimental results.  The predicted strains are based on material and 
geometrically nonlinear NASTRAN solution.  Comparisons for other strain gages are shown in 
appendix I. 
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FIGURE 10-22.  OVERALL VIEW OF THE FINITE ELEMENT MODEL OF THE AFT 
FUSELAGE WITH PRESSURE BULKHEAD 
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FIGURE 10-23.  SIDE VIEW OF THE FINITE ELEMENT MODEL AND AREAS 
WITH REFINED MESHES 
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FIGURE 10-24.  STRUCTURE COMPONENTS MODELING USING BAR ELEMENTS 
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FIGURE 10-25.  STRUCTURE COMPONENTS MODELING USING QUAD ELEMENTS 
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FIGURE 10-26.  SIDE VIEW OF THE FINITE ELEMENT MODEL AT THE 
DOME-TO-FUSELAGE JOINT 
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FIGURE 10-27.  COMPARISON OF STRAIN AHEAD OF THE UPPER CRACK TIP 
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FIGURE 10-28.  COMPARISON OF STRAIN AHEAD OF THE LOWER CRACK TIP 
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10.11.2  STAGS Model. 

The NASTRAN model used in the strain survey prediction was modified so that the CTOA 
fracture criteria could be applied.  The modification included refining the element sizes and 
introducing a crack path for stable tearing.  The size of the quadrilateral elements ahead of the 
crack tip was refined to about 0.045 inch or less for the STAGS model, as shown in figure 10-29.  
The areas with fine mesh elements extended about 10 inches beyond both tips of the lead crack.  
Plane strain material was used in the first row of the elements adjacent to the crack path, as 
highlighted in figure 10-30.  The half plane strain core height was approximately 0.05 inch, equal 
to one element size.  A 0.050-inch-long MSD was introduced to the first three fastener holes 
ahead of the lead crack.  Since there was little tearing observed in both the analysis and during 
the test, modeling the MSD for the first three holes was adequate for residual strength prediction.  
A series of rigid constraints, defined on the G-2 card in STAGS, were used to prevent relative 
out-of-plane displacement for each pair of the coincident nodes.  The additional constraints were 
used to simulate the dome web being pressed against the T-ring.  To apply the G-2 constraints, 
the reference coordinates for the displacement of the cracked nodes were modified to be 
perpendicular to one of the elements connected to the nodes. 
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Crack Tip of the Lead Crack

Lead Crack
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FIGURE 10-29.  REFINED MESHED FOR THE STAGS MODEL 
(Five-node quad elements were used in the transition area between fine and course meshes.) 
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FIGURE 10-30.  STRAIN CORE AREA 
(Half strain core height equal to element sizes.) 

 
10.11.3  Estimate of Critical CTOA for Al 2014-T3 Aluminum Sheet. 

To perform stable tearing using the STAGS code, the ψc of the subject material must first be 
determined.  However, the critical CTOA for the Al 2014-T3 sheet is not available in any 
published literature.  The closest fracture data found are in the Damage Tolerant Design 
Handbook, for Al 2014-T6 sheets [58].  From table 7.1.2.2 of the handbook, the test results of 
ten specimens were selected for critical CTOA evaluation.  The specimens were 15.8-inch-wide, 
0.060-inch-thick M(T) panels.  The length of the specimens was not provided in the handbook.  
The specimens were tested with four different initial crack sizes.  Five specimens were tested 
with lateral constraints, and the others were tested without any lateral constraint.  The test results 
are shown in table 10-2.  A STAGS model was created for the M(T) panel, as shown in figure 
10-31(a).  The length of the model was assumed to be twice the size of its width.  The model was 
constrained in the normal direction along the entire panel to simulate testing with lateral 
constraints.  For the unconstrained cases, a small force equal to 0.005 pound was used as a seed 
force to induce lateral displacement under tension load.  The force was applied normal to the 
specimen at its upper and lower crack surfaces simultaneously.   
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TABLE 10-2.  TEST RESULTS OF Al 2014-T6 SHEETS [58] 
 

Constrained Unconstrained 
Specimen 

No. 
Width 
(in.) 

W/2  
(in.) 

ai  
(in.) 

ai 
(in.) 

2af 
(in.) 

af 
(in.) 

Stress 
(ksi) 

2af  
(in.) 

af 
(in.) 

Stress 
(ksi) 

1 15.81 7.905 1.00 0.50 1.52 0.76 42.1 1.62 0.81 34.4 
2 15.81 7.905 3.00 1.50 3.57 1.79 27.4 3.55 1.78 24.1 
3 15.81 7.905 4.00 2.00 5.23 2.62 22.5 4.83 2.45 20.4 
4 15.81 7.905 6.00 3.00 7.00 3.50 16.1 7.00 3.50 15.2 
5 15.81 7.905 6.00 3.00 7.02 3.51 16.4 6.86 3.43 14.6 
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FIGURE 10-31.  STAGS MODEL FOR M(T) TEST PANEL STABLE-TEARING 
SIMULATION 
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The deformed shape of the STAGS model without lateral constraints is shown in figure 10-31(b).  
Using trial and error for various critical CTOA, it was found that the test results can be best 
matched using CTOA = 3.4 degrees.  The predicted residual strength of the constrained and 
unconstrained specimens is shown in table 10-3.  The comparison of predicted and test results 
are shown in figures 10-32 and 10-33.  Overall, the predictions for the unconstrained cases 
correlate better with the test results than the constrained cases.  The discrepancies may be 
attributed to the effectiveness of the constraints.  The effectiveness of the constraint decreases as 
the crack length increases.  The loss of effectiveness of the constraint is shown in figure 10-32, 
which shows that the test result is higher than the predicted value when the crack is short and 
reverses its trend when the crack becomes longer.  The CTOA for crack initiation from a saw cut 
was estimated based on the flat panel test results discussed in section 8.10.5.1.  The critical angle 
for crack initiation from saw cut tips was calculated as follows:  
 
 CTOAi2014 = CTOAi2024 × (CTOA2014/CTOA2024) (10-1) 
 
 = 8.0 × (3.4/5.0) = 6 degrees 
 

TABLE 10-3.  PREDICTION USING STAGS FOR Al 2014-T6 SHEETS  
USING CTOA = 3.4 DEGREES 

 
Constrained Unconstrained 

Specimen 
No. 

Width 
(in.) 

W/2 
(in.) 

ai 
(in.) 

2ai 
(in.) 

2af 
(in.) 

af 
(in.) 

Stress 
(ksi) 

2af 
(in.) 

af 
(in.) 

Stress 
(ksi) 

Normal 
Disp. 
(in.) 

1 15.81 7.905 0.500 1.00 1.62 0.825 39.3 1.65 0.825 39.1 0.007 
2 15.81 7.905 1.500 3.00 3.55 2.138 25.9 3.60 1.800 24.2 0.110 
3 15.81 7.905 2.000 4.00 4.83 2.700 122.6 4.72 2.386 19.9 0.179 
4 15.81 7.905 2.500 5.00 7.00 3.263 19.9 5.85 2.925 16.8 0.240 
5 15.81 7.905 3.000 6.00 6.86 3.787 17.7 6.90 3.450 14.2 0.293 
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FIGURE 10-32.  COMPARISON OF STAGS PREDICTION USING CTOA = 3.4 AND TEST 
RESULTS FOR Al 2014-T6 M(T) PANELS, LATERAL CONSTRAINTS APPLIED 
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FIGURE 10-33.  COMPARISON OF STAGS PREDICTION USING CTOA = 3.4 AND TEST 
RESULTS FOR Al 2014-T6 M(T) PANELS, UNCONSTRAINED 

 
10.11.4  Residual Strength Analysis of Aft Pressure Bulkhead. 

The stable tearing of the lead crack was analyzed using the STAGS code.  The pressure loading 
was increased incrementally starting from 0.005 psi.  The deformed shape of the entire model is 
shown in figure 10-34, and the deformation shape near the lower crack tip is shown in 
figure 10-35.  The stable-tearing prediction using critical CTOA = 3.4 degrees for crack 
extension and 6 degrees for crack initiation is shown in figure 10-36.  The figure shows the 
prediction of applied cabin pressure versus the crack tip locations, the upper tip on the left-hand 
side and the lower tip on the right-hand side.  The STAGS prediction indicated that the lead 
crack started to propagate at a cabin pressure level of approximately 8.2 psi and linked up with 
the first fastener hole at 9.34 psi.  The lead crack became unstable immediately after the first 
linkup.  No indication of propagation for the MSD cracks was predicted.  The predicted failure 
pressure correlates well with the experimental result of 9.0 psi.  The discrepancy is within 5 
percent. 
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FIGURE 10-34.  DEFORMED SHAPE OF THE STAGS MODEL UNDER UNIT 
LOAD CONDITION 
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FIGURE 10-35.  DEFORMED SHAPE OF THE DAMAGED AREA, STAGS 
MODEL SIMULATION 
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FIGURE 10-36.  COMPARISON OF PREDICTED AND TEST RESULTS OF RESIDUAL 
STRENGTH TEST (CTOA = 3.4 for crack extension and CTOA = 6 for crack initiation) 

 
10.12  CONCLUSIONS. 

10.12.1  Testing. 
 
A macroscopic examination of the fracture surfaces between holes can provide the segment 
failure mode.  It was observed that the two opposite crack tips of adjacent rivet holes started flat, 
then became reversing oblique planes before linkup.  The same phenomenon also was observed 
in curved panel testing. 

10.12.2  Analysis. 

Residual strength prediction for an aft pressure bulkhead containing a large lead crack and MSD 
was reasonably simulated using the CTOA criterion in the STAGS shell code.  This analysis has 
shown the following:  

1. The CTOA criterion that successfully predicted the failure stress for 16-inch-wide M(T) 
specimens, with or without lateral constraints, can also be used to predict residual 
strength of full-scale fuselage structure with complicated structural details. 

2. CTOA is a very simple fracture criterion and can be applied easily to complicated 
structures.  However, considerable effort and experience are required to construct FEMs 
and to perform nonlinear analysis using STAGS. 

3. The predicted stable tearing and residual strength are very sensitive to the critical value of 
CTOA used in analysis. 
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11.  CONCLUSIONS AND RECOMMENDATIONS. 

11.1  CONCLUSIONS. 

An engineering method, based on several government-funded scientific tools, to assess the 
development of multiple-site damage (MSD) in the presence of a large lead crack and its effects 
on the residual strength of aircraft structures has been established.  In addition, there is every 
indication that the methodologies used could be effective at assessing other MSD configurations.  
The MSD initiation methodology used the experimentally generated fatigue data and the 
FASTRAN crack growth code to determine the equivalent initial flaw size (EIFS).  Crack tip 
opening angle (CTOA) criteria, T*-integral, and plastic zone linkup (PZL) criteria were used to 
predict the MSD linkup and subsequent fast fracture.  A finite element-based procedure was 
developed for this purpose.  The procedure used specialized codes to perform nonlinear analysis 
of the structure in conjunction with the application of the criteria previously mentioned.  
Extensive experimental work was carried out successfully to generate test data for correlation 
and validation of the various methodologies and criteria.  

In the crack initiation study, small crack growth from a notch was determined both 
experimentally and analytically.  Good correlation between the FASTRAN analysis and the 
experimental data was demonstrated for the constant-amplitude specimens for crack sizes larger 
than 0.005 inch.  However, the shape of the crack growth curve for cracks below this size could 
not always be matched.  This study was unable to correlate the analysis with experimental data 
for spectrum-loaded specimens.  Further study in this area is needed to determine the reasons for 
the discrepancy.  

A useful, though semiempirical, procedure has been developed to determine EIFS.  The attempts 
to develop comprehensive stress-intensity solutions by compounding or superpositioning of the 
β factors for the individual effects derived from first principles were not effective.  An iterative 
method was developed to empirically account for these factors for the prediction to match the 
experimental results.  In this way, the EIFS were determined to fall between 0.0001 and 0.0015 
inch for the four types of splice joints.  The EIFS are consistent with published NASA research 
papers [3 and 7].  However, whether the results can be applied to other structures under different 
loading conditions or using different crack growth models requires additional study.  The 
following are some of the lessons learned from the EIFS panel: 

• The edge-cracking problem can be overcome by trimming the straight edge into a 
reversed hourglass shape.   

• To create marker bands, use underload marker cycles instead of overload marker cycles. 

• Stop the test before fast fracture occurs to keep striations from being smeared.  

• The rotating self-nulling eddy-current inspection technique can detect fatigue cracks but 
is not capable of precisely determining the crack sizes. 
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In the small crack growth study, the intent to correlate the experimental crack growth data with 
FASTRAN code was not accomplished.  The contributing factors may come from the imperfect 
pinhole interface condition and erroneous data measurement.  In general, FASTRAN shows 
good correlation for the case of open holes under constant-amplitude loads, but shows 20 to 30 
percent faster growth rate for filled hole.  The comparisons were worse for spectrum loading.   
 
The CTOA, T*-integral, and PZL criteria were applied successfully to MSD evaluations on the 
four types of splice panels.  The PZL criteria provides a quick and simple way for residual 
strength estimations.  T*-integral, together with elastic-plastic finite element alternating method, 
was able to predict the stable tearing of MSD cracks in a flat-spliced panel.  To carry out the 
finite element analysis, equivalent CTOA for saw cuts and fastener holes (modeled as a slit) 
were determined to be 8 and 12 degrees respectively for this specific material system.  Using 
STAGS code, the CTOA criterion was able to predict the residual strengths of MSD in splice 
joints.  
 
Reliable test data were obtained from the residual strength tests on panels CVP-1, CVP-2, and 
CVP-4, proving that the FAA Full-Scale Aircraft Structural Test Evaluation and Research test 
fixture was suitable for fuselage panel testing.  Test data on CVP-3, which contains only a 
circumferential crack, was not dependable.  The test had to be interrupted twice to repair the load 
pads.  The final test was done with two longerons severed, instead of one as originally designed, 
and a much longer crack.   
 
The PZL criterion, which correlated very well for the flat panels, under predicted the residual 
strength of the longitudinal lap splice panels by a wide margin.  One possible discrepancy is that 
the stress-intensity correction factors used in the calculations were derived from a model under 1 
psi of applied pressure.  This approach did not account for the nonlinearity of the skin bulging 
under pressure loading.  This approach did produce significant correlation with the 
circumferential panels where bulging was not an issue. 
 
CTOA predictions agreed well with the curved panel test results.  Because of the lack of 
established failure criteria for stiffeners, a separate failure analysis procedure was developed for 
use in conjunction with the STAGS analysis.  Using a critical CTOA of 12 degrees to simulate 
the fastener holes, good predictions were made for CVP-1 and CVP-3 that contained no MSD.  
On the whole, the analysis results are sensitive to the finite element model.  Because of the size 
of the model, long computing times are required.  The procedure for residual strength using 
T*-integral criterion was developed and presented.  
 
Success in the aft pressure bulkhead residual strength test is attributed to the sound pretest 
analysis and good test planning.  Good analysis and test correlation implies that the CTOA 
criterion can be applied to complex structures under complicated loading conditions where a 
very refined finite element analysis is imperative.  However, considerable effort and experience 
are required to construct the finite element models and perform analyses.  
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11.2  RECOMMENDATIONS. 

The following areas are recommended for additional research work in widespread fatigue 
damage to cover other damage configurations and develop more efficient methodology.  

• Residual Strength of MSD Without a Lead Crack. 

The present study of MSD is limited to the specific configuration of MSD in the presence 
of a large lead crack.  The size of the lead crack as defined in this study (12.82 to 
14.80 in.), assumed to be much larger than the MSD, is not a driving factor in the 
residual strength analysis.  MSD without a lead crack, in which the size of the largest 
MSD crack is of the same order of magnitude as the rest of cracks, has been observed in 
aging fleets and obviously can lead to early structural failure.  In this case, the MSD 
sizes, or the ratio of crack size to the ligament, becomes an important factor in the 
remaining residual strength of the structure.  This report proposed a method of addressing 
the MSD only problem.  However, a more thorough study needs to be made to validate 
this proposed approach and to identify other means to predict and analyze structural 
integrity in the presence of MSD without a large lead crack. 

• Other MSD Configurations. 

Analysis procedures developed in the current study focus on MSD along the splice joint 
fastener holes in thin-skinned fuselage structures.  There are other types of MSD in 
aircraft structures, including MSD at the wing-to-fuselage interface and along the 
fuselage window belt.  The influence of multielement damage, such as cracking or failure 
in adjacent or nonadjacent fuselage-stiffening members (multiple longeron or frame 
elements), must also be investigated.  

• Prediction of MSD Sizes and Residual Strength of Structure as a Function of Time. 

Limited investigation on the distribution and size of the MSD cracks were performed on 
the 22-inch-wide flat panels during this program.  The residual strength prediction of the 
test specimens were made, but not experimentally validated.  Future research and 
generating a database of residual strength as a function of cyclic loading or time would 
be valuable to the management of an aging fleet. 

• MSD in Thick Material. 

Current research has focused on MSD problems in the splice joint of the relatively thin 
fuselage skin.  The characteristics of MSD initiation in thick material and the 
corresponding failure criteria could be substantially different than that of thin ductile 
material.  It is recommended that the current research be extended to include critical joint 
configurations for thick material. 
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• Residual Strength Testing of Joints With Naturally Generated MSD Cracks. 

Under the current study, saw cuts were introduced into the fastener holes ahead of the 
lead crack to simulate a simplified MSD scenario for residual strength testing.  During 
the testing of the MSD flat and curved panels, it was observed that the crack extension 
under static loading from such saw cuts occurred at a higher stress than might be 
expected from actual fatigue cracks.  To further validate these experimental results, it is 
recommended  that naturally generated crack tips be used. 

• Simplified Procedure for T*-integral and CTOA Application. 

The present procedures require skillful users to develop the sophisticated finite element 
models, which resulted in time-consuming computer-based analyses.  It has been 
observed during the course of this investigation that the MSD behavior is not, to a great 
extent, influenced by the types of splices but is, rather, a function of MSD size, fastener 
pitch, joint construction, and skin properties.  In light of this, a residual strength database, 
or a form of reduction table, can be established as a function of local joint configuration.  
Entries into the database can be obtained from a simple panel containing MSD at the 
colinear holes under specified far-field stresses and fastener loads.  Thus, the residual 
strength in a structure can be estimated once the loading is known. 

• Energy-Based Linkup Criterion for MSD Cracks. 

Previous work has shown that in a deep, double-notched panel the energy required to 
rupture the ligament is uniquely related to the amount of plastic work done.  The energy 
was experimentally measured and used to establish a semiempirical formula.  This 
approach can be extended to the case of MSD when the ligament size is small compared 
with the MSD size.  Some preliminary work in this area has been done [45] under Boeing 
internal funding.  This work should be extended to determine if a valid energy-based 
linkup method can be established, and if it can be further refined to remove the 
empiricism in the current formula. 

• Effects of Lateral-Buckling Guide Plates. 

The MSD flat panels were tested with heavy-constructed steel guide plates.  Further 
investigation is recommended on the effectiveness of the guide plate and the splice joint 
constraint devices used to prevent lateral buckling. 

• Investigation of MSD Initiation. 

Discrepancies exist between the predicted growth rate and experimental data in this 
study.  The root cause for this discrepancy needs to be identified and, if applicable, 
removed from future work through better test setups and alternative analytical 
approaches.  This includes fatigue crack initiation and small crack growth (under 0.01 
inch) at fastener joints.  Additional testing incorporating the lessons learned from this 
program would assist in determining the root causes and provide an opportunity for 
continued analytical development in these specific areas. 
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• Probabilistic Assessment of Stress-Intensity Drivers for Complex Geometry Splices. 

The attempts to develop comprehensive stress-intensity solutions by compounding or 
superpositioning of the β factors for the individual effects derived from first principles 
were not effective in this study.  The number of unknown factors made it necessary to use 
a semiempirical approach to account for the indeterminate factors.  A fully parameterized 
model of a typical splice configuration could be developed with the finite element 
method tools currently available.  This would allow for a probabilistic assessment of how 
specific β factors for the individual effects derived from first principles interact in 
complex structural joints and to determine which interactions are most critical for the 
actual comprehensive stress-intensity solution. 
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